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FOREWORD 


This  final  report  has  been  prepared  in  accordance  with  require- 
ments of  Contract  JPL-953311  to  present  data  and  conclusions 
from  a six-month  study  for  the  Jet  Propulsion  Laboratory  by 
Martin  Marietta  Aerospace,  Denver  Division.  The  report  is  di- 
vided into  the  following  volumes: 

Volume  I - Summary 

Volume  II  - Supporting  Technical  Studies 
Volume  III  - Appendixes 
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INTRODUCTION 


This  volume  contains  discussions  of  the  technical  studies  and  de- 
tailed descriptions  of  four  different  probe  systems.  The  report 
is  arranged  to  present  the  environment,  science  investigations,  and 
general  mission  analysis  considerations  first,  because  these  efforts 
establish  the  science  and  mission  constraints  that  lead  to  system 
design  criteria.  These  data  are  followed  by  discussions  of  the 
studies  pertaining  to  the  planets  Jupiter,  Saturn,  Uranus,  and 
Neptune.  Except  for  Neptune,  each  planet  discussion  is  divided 
into  two  parts:  (1)  parametric  activities  and  (2)  probe  defini- 

tion for  that  planet,  or  the  application  of  a given  probe  for  that 
planet.  The  Neptune  discussion  is  limited  to  parametrics  in  the 
area  of  science  and  mission  analysis.  Each  of  the  probe  system 
definitions  consists  of  system  and  subsystem  details  including 
telecommunications,  data  handling,  power,  pyrotechnics,  attitude 
control,  structures,  propulsion,  thermal  control,  and  probe  to 
spacecraft  integration.  The  first  configuration  is  discussed  in 
detail  and  the  subsequent  configuration  discussions  are  limited 
to  the  differences.  Finally,  the  volume  includes  discussions  of 
the  hardware  availability  to  support  a probe  system  and  commona- 
lity of  science,  missions,  and  subsystems  for  use  at  the  various 
planets. 

The  organization  of  Volume  I,  Summary,  is  by  topics  similar  to 
this  volume  which  serves  as  a detailed  reference  to  the  summary 
volume , 
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ENVIRONMENTAL  MODELS 


JUPITER 


Jupiter  Atmospheric  Models 

The  Jupiter  models  used  in  this  study  were  taken  from  Reference 
II-l,  a NASA  monograph  written  principally  by  T.  N.  Divine  and 
F.  D.  Palluconi  of  the  Jet  Propulsion  Laboratory,  The  statement 
of  work  specifies  use  of  two  models,  specifically,  the  cool/dense 
and  the  nominal.  Figure  II-l  gives  the  pressure  versus  tempera- 
ture profiles  for  each,  showing  that  at  30  bars,  the  difference 
in  temperature  is  240°K.  Also  shown,  is  the  location  ot  tne 
clouds,  better  specified  by  Table  II-l.  Figure  II-2  completes 
the  description  by  connecting  pressure  with  altitude  for  each 
model. 

Appendix  E,  Vol  III,  of  this  report  gives  a detailed  breakdown  of 
the  components  of  each  atmosphere,  as  well  as  computer  listings 
of  atmospheric  parameters  with  a fine  altitude  resolution. 

Table  II-l  Cloud  Locations  in  Various  Model  Atmospheres 


ATMOSPHERE 

CLOUD 

PRESSURE  RANGE,  bars  | 

CLOUD  top 

CLOUD  BASE 

Jupiter  C/D 

nh3 

0.833 

1.42 

Jupiter  C/D 

h2o 

10.0 

32.3 

Jupiter  Nom 

nh3 

0.30 

0.469 

Jupiter  Nom 

h2o 

1.80 

2.76 

Saturn  Nom 

nh3 

0.727 

1.12 

Saturn  Nom 

h2o 

3.94 

6.92 

Uranus  Nom 

ch4 

0.49 

0.93 

Uranus  Nom 

nh3 

4.80 

6.69 

Uranus  Nom 

h2o 

32.2 

48.4 

Neptune  Nom 

ch4 

1.43 

3.47 

Neptune  Nom 

nh3 

17.1 

22.8 
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Figure  II-2  Pressure  vs  Altitude  for  the  Jupiter  Model  Atmospheres 


Radiation 


Jupiter  proton  and  electron  natural  radiation  environment  models 
were  generated  by  the  Jupiter  Radiation  Belt  Workshop  in  mid-summer 
1971  and  were  recently  updated  as  the  Post  Workshop  Models  which 
are  unpublished.  Six  Jupiter  missions,  at  inclinations  ranging 
from  3°  to  87°,  were  evaluated  by  JPL  for  both  of  thtse  radiation 
models.  The  resulting  proton  and  electron  integrated  radiation 
fluences  for  the  workshop  model  are  shown  in  Table  II-2.  Figures 
II-3  and  11-4  (Ref  II-l)  show  typical  proton  and  electron  fluences 
for  a low  inclination  mission  as  a function  of  Jupiter  radii,  and 
the  protection  afforded  by  shielding  up  to  16  gran/cm2.  From  these 
figures,  it  is  seen  that  at  one  Jupiter  radius,  shielding  is  rela- 
tively ineffective  for  probe  application. 

The  spacecraft  (S/C)  and  probe  itself  provide  artificial  radiation 
cields  as  a result  of  the  radioisotope  thermoelectric  generators 
^RTGs),  which  are  power  sources  on  the  S/C,  and  radioisotope  heater 
units  on  the  probe.  Throughout  the  mission,  the  artificial  devices 
emit  gamma  rays  and  energetic  neutrons.  The  RTGs  and  the  heaters 
on  the  probe  impose  artificial  environments  on  the  probe,  as  shown 
in  Tabe  II-3.  Assuming  1 neutron  ■ 0.5  protons,  it  is  seen  tnat 
the  artificial  radiation  environment  for  a mission  as  long  as  3180 
days  for  Iranus  is  generally  between  the  upper  limit  and  nominal 
limit  for  the  natural  radiation  environments. 
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Table  II- 2 Workshop  Radiation  Fluences 
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Jupiter  Mission  = 680  days;  Saturn  Mission  = 1261  days;  Uranus  Mission  = 2386  days. 


Figure  I I- 2 Equatorial  Flyby  Trajectories  Workshop 
Nominal  and  Upper- Limit  Proton  Models 


Figure  II-4  Equatorial  Flyby  Trajectories  Workshop 
Nominal  and  Upper-Limit  Electron  Models 
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SATURN,  URANUS,  AND  NEPTUNE  MODEL  ATMOSPHERES 


The  models  for  the  atmospheres  of  Saturn,  Uranus,  and  Neptune  were 
taken  from  the  NASA  monographs.  References  II- 3 and  II-4.  Only  the 
nominal  model  for  each  atmosphere  was  specified  by  the  statement  of 
work.  Figures  II-5  through  II-8  show  temperature  versus  pressure 
profiles  for  each  planet,  and  a pressure  versus  altitude  graph  for 
Saturn.  Cloud  locations  are  shown  on  the  plots  and  are  also  de- 
tailed in  Table  II-l. 


Appendix  E,  Vol  III,  of  this  report  gives  a detailed  breakdown  of 
the  atmospheric  constituents,  as  well  as  computer  listings  of  atmos- 
pheric parameters  with  a fine  altitude  resolution. 


Figure  II-5  Pressure  vs  Temperature  for  Saturn  Nominal  Atmosphere 

II-7 


Log  Pressure,  p bars  Log  Pressure,  P,  bars 
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Figure  IT-7  Pressure  vs  Temperatwe  for  Uranus  Nominal  Atmosphere 


Figure  II- 8 Pressure  vs  temperature  for  Neptune  Nominal  Atmosphere 
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RF  ATTENUATION 


The  techniques  used  to  determine  microwave  losses  in  the  planet 
atmosphere  are  basically  those  used  on  the  previous  contract  (Ref 
II-5).  Improvements  have  been  made  to  some  of  the  calculations; 
details  are  described  in  Vol  III,  Appendix  A.  Only  the  results 
are  summarized  here. 

The  atmospheres  of  the  three  planets  are  very  similar  in  content, 
being  composed  primarily  of  hydrogen  and  helium.  The  main  sources 
of  absorption  are  pressure  broadening  of  absorption  lines  in  the 
polarizable  gasses  (ammonia  and  water)  and  absorption  in  the  clouds. 
Absorption  is  a function  of  elevation,  look  vector  aspect  angle, 
and  the  operating  frequency.  A second  source  of  RF  signal  loss 
is  defocusing  loss  caused  by  ray  refraction  in  the  dense  atmos- 
phere. Defocusing  loss  is  independent  of  frequency  but  is  a func- 
tion of  the  aspect  angle.  Defocusing  losses  for  the  three  planets 
of  interest  are  very  small  (<  0.5  dB) , since  all  missions  use 
axial  beam  antennas  during  descent  and  the  trajectory  is  designed 
to  minimize  the  probe  aspect  angle  to  20°  or  less.  The  total 
attenuation  from  the  planet  atmosphere  is  the  sum  of  absorption 
and  defocusing  loss. 

Zenith  attenuation  for  the  three  planets  is  shown  in  Figures  II-9 
through  11-11.  As  seen  in  Figure  II-9,  RF  loss  for  the  nominal 
atmosphere  is  quite  low  compared  to  the  cool/dense  atmosphere 
with  the  30  bars  nominal  curve  coincident  with  the  10  bars  cool/ 
dense  curve.  Total  loss  increases  approximately  as  sec  ip  for 
aspect  angles  away  from  zenith,  up  to  20°.  For  a depth  of  7 bars 
atmosphere  loss  for  Saturn  is  slightly  greater  than  for  Uranus. 
Comparison  of  Figures  11-10  and  11-11  indicates  the  similarity  of 
atmosphere  loss.  For  depths  greater  than  20  bars,  Uranus  has  the 
greater  loss,  but  below  that  depth  Saturn’s  loss  is  slightly 
greater. 

Atmosphere  attenuation  is  the  major  loss  factor  in  the  RF  link 
during  descent  and,  as  seen  from  the  curves,  can  be  quite  high 
if  the  design  depth  and  RF  frequency  are  high.  In  order  to  have 
atmosphere  effects  minimized,  the  depth,  aspect  angle,  and  fre- 
quency must  be  kept  to  minimum  values.  Each  mission  was  designed 
with  this  fact  in  mind  in  order  to  have  missions  optimized  from 
the  standpoint  of  RF  power  required  and  still  achieve  the  science 
objectives. 
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SCIENCE  INVESTIGATIONS 


Tne  science  instrument  payload  was  specified  by  JPL  at  the  be- 
ginning of  the  study  to  be  the  SAG  Exploratory  payload  consisting 
of  4 instrument  types:  a neutral  mass  spectrometer,  temperature 
gauge,  pressure  gauge,  and  accelerometer  triad  (Ref  III— 1) . The 
primary  science  activities  during  the  course  of  tne  study  were 
to:  (1)  establish  measurements  and  performance  criteria  consis- 

tent with  this  payload,  based  upon  data  from  the  previous  study 
(Ref  III-2)  and  discussions  with  consulting  scientists;  (2)  pro- 
vide specific  instrument  characteristics  to  subsystem  areas  and 
to  establish  the  word  content  of  each  instrument  measurement  and 
interface  with  the  data  handling  system;  (3)  determine  the  descent 
profiles  and  instrument  sequencing  and  evaluate  the  measurement 
performance  with  respect  to  the  criteria. 


A.  OBJECTIVES  AND  QUESTIONS 


The  primary  objective  of  a first  generation  survivable  probe  to 
a Jovian  planet  is  to  penetrate  the  atmosphere  to  a depth  suffi- 
cient to  obtain  representative  reliable  measurements  of  the  bulk 
composition.  For  this  study,  this  was  specified  to  be  at  least 
2 bars  of  pressure  and,  if  possible,  down  to  30  bars.  Actually, 
the  design  pressure  limit  fcr  end  of  mission  for  fixed  objectives 
varies  with  the  model  atmosphere. 

The  basic  science  questions  that  the  nominal  probe  mission  will 
attempt  to  answer  were  taken  from  the  previous  study  (Ref  III-2) 
which  referenced  a JPL  document  (Ref  III-3) . These  questions  are 

1)  Wnat  are  the  relative  abundances  of  hydrogen,  deuterium, 

helium,  neon,  and  other  elements,  and  what  are  their  isotopic 
compositions? 

2'  What  are  the  present-day  atmospheric  composition  and  altitude 
profiles  of  pressure,  temperature,  and  density,  and  what 
effect  do  they  have  on  the  radiation  balance? 

3)  What  are  the  chemical  composition  and  vertical  distribution  of 
the  clouds? 

4)  What  is  the  level  .of  turbulence  in  the  atmosphere? 


III-l 


From  these  questions,  a set  of  measurements  can  be  defined  to 
provide  answers. 


li.  RELEVANT  MEASUREMENTS  AND  PERFORMANCE  CRITERIA 


1.  Relevant  Measurements 


To  obtain  satisfactory  answers  to  the  basic  science  questions  by 
means  of  the  SAG  Exploratory  instruments,  a list  of  seven  measure- 
ments of  observables  is  presented  in  Table  III-l. 

i! able  111-1  Measurements  Relevant  to  Objectives 

1)  Determine  the  relative  abundances  of  H and  He  in  the  lower 
atmosphere  (below  the  tuibopause), 

2)  Determine  the  isotopic  ratios  H/D,  He3/He4,  Ne20/Ne22, 

C12/C13,  Ar36/Ar40  ."nd  others  in  the  lower  atmosphere. 

3)  Determine  the  concentration  profiles  of  che  minor  atmos- 
pheric constituents,  particularly  Ne,  A,  CH3,  CH4,  NH3 , 
and  H2O,  down  to  the  design  limit. 

4)  Determine  the  temperature  versus  pressure  and  time  profiles 
from  above  the  cloud  tops  down  to  the  design  limit  with 
sufficient  precision  to  determine  whether  the  lapse  rate 

is  adiabatic. 

5)  Determine  the  atmospheric  mean  molecular  weight  and  identify 
the  major  contributing  gases. 

6)  Obtain  an  indication  of  the  vertical  distribution  and  struc- 
ture of  the  cloud  layers  with  respect  to  pressure  and  tem- 
perature, and  the  chemical  composition  of  each  layer. 

7)  Obtain  an  indication  of  the  magnitude  and  frequency  of  anv 
atmospheric  turbulence  from  above  the  cloud  tops  down  to 
the  desigr  limit. 

In  general,  there  is  no  exact  one-to-one  correspondence  between 
the  questions  and  observable  measurements.  Some  questions  require 
many  kinds  of  measurements,  while  a single  measurement  may  con- 
tribute to  several  questions.  The  questions  themselvus  are  strongly 
interrelated  and  an  answer  to  one  requires  at  least  a partial 
answer  to  others. 
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The  first  four  measurements  listed  in  the  table  are  those  that 
determine  the  bulk  composition  and  general  atmospheric  properties. 
They  can  be  measured  directly  by  the  exploratory  instruments,  and 
thus  are  the  primary  measurements.  Included  in  these  measurements 
are  the  abundances  of  total  hydrogen  and  helium  to  give  the  im- 
important  H/He  ratio,  as  well  as  abundance  measurements  for  sev- 
eral isotopes  in  the  1 to  40  amu  mass  spectrometer  range.  The 
mass  spectrometer  also  will  be  set  to  detect  minor  constituent 
compounds,  which  will  be  measured  down  to  the  design  pressure 
limit.  Also  included  are  measurement  profiles  of  pressure  and 
temperature  made  by  the  respective  gauges  from  cloud  tops  to  the 
design  pressure  limit.  The  temperature  measurement  is  required 
to  determine  the  lapse  rate  in  the  atmosphere. 

Table  III-2  shows  the  relation  of  the  instruments  to  the  measure- 
ments in  terms  of  direct  or  related  measurements.  The  first  four 
measurements  are  the  only  ones  that  can  be  taken  directly.  The 
fifth  measurement,  that  of  determining  the  mean  molecular  weight 
of  the  bulk  atmosphere,  can  be  accomplished  primarily  from  mass 
spectrometer  data  with  assistance  from  the  other  instruments;  it 
is  also  a primary  measurement. 

The  last  two  measurements  cannot  be  directly  made  by  any  of  the 
exploratory  payload  instruments,  but  indications  can  be  obtained 
by  all  the  instruments;  these  measurements  are  considered  secon- 
dary. Variations  that  may  occur  in  temperature  and  pressure,  as 
the  probe  passes  through  a cloud  layer,  will  be  detected  as  will 
the  mass  spectrometer  measurements  of  the  constituents  that  com- 
pose the  cloud.  Thus,  an  indication  of  cloud  structure  can  be 
obtained. 

The  primary  function  of  the  accelerometer  triad  is  to  measure 
decelerations  that  occur  during  the  entry  phase  of  the  mission, 
but  the  dynamic  range  of  the  instrument  can  be  selected  such  that 
it  will  also  measure  the  large-scale  turbulence  magnitudes  in 
the  descent  phase  of  the  mission.  The  accelerometers  will  directly 
measure  turbulence  but  this  is  shown  to  be  a related  measurement 
in  Table  III-2  because  they  may  not  be  able  to  obtain  detailed 
small  scale  turbulence,  resulting  in  a gross  overall  turbulence 
analysis.  Temperature  and  pressure  readings  that  may  vary  with 
turbulence  will  also  be  used. 

Performance  Requirements 

For  the  relevant  measurements  to  be  useful  for  mission  design  and 
evaluation,  criteria  must  be  established  wi^h  which  the  instrument 
performance  can  be  compared  to  assure  that  the  particular  design 
will  satisfy  the  objectives.  Both  depth  of  penetration  (pressure) 
and  number  of  measurements  are  important.  Table  1II-3  presents 


# 


Table  III-2  Instruments  belated  to  Measurements 


INSTRUMENT 

MEASUREMENT 

TEMPERATURE 

GAUGE 

PRESSURE 

GAUGE 

ACCELEROMETER 

•TRIAD 

NEUTRAL 

MASS 

SPECTROMETER 

H/lie  Ratio 

R 

R 

R 

D 

Isotopic  Ratios 

N 

N 

N 

D 

Minor  Constituents 

R 

R 

N 

D 

Temperature/Pressure 

D 

D 

R 

R 

Mean  Molecular  Weight 

R 

R 

R 

R 

Cloud  Layering 

R 

R 

R 

R 

Turbulence 

D = Direct  Measurement 
R * Related  Measurement 
N = Little  or  No  Relation 

R 

R 

R 

N 

Table  III-2  Performance  Criteria 


MEASUREMENT 

PRESSURE  DEPTH 

MINIMUM 

SAMPLING  REQUIRED 

H/He  Ratio 

1 bar  Minimum 

4 Measurements  at  Different 
Pressures 

Isotopic  Ratios 

1 bar  Minimum 

4 Measurements  at  Different 
Pressures 

Minor  Constituents 

To  Design  Limit 

2 Per  Scale  Height  below 
Cloud  Tops 

Temperature 

To  Design  Limit 

1 Per  °K 

Pressure 

To  Design  Limit 

2 Per  Kilometer  beJow 
Cloud  Tops 

Mean  Molecular  Weight 

5 bars  Minimum 

4 Measurements  at  Different 
Pressures 

Cloud  Layering 

To  Design  Limit 

2 Measurements  Inside  Each 
Cloud 

Turbulence 

To  Design  Limit 

1 Per  Kilometer  below 
Cloud  Tops 

i 1 1 


i 
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the  established  criteria  for  each  measurement.  These  were  in- 
fluenced by  the  previous  study  (Ref  XII-2) , the  JPL  Assessment 
Report  (Ref  III-4) , and  discussions  with  a panel  of  science  con- 
sultants which  included  Dr.  Richard  Goody,  Dr.  Donald  Hunten, 

Dr.  Michael  McElroy,  Dr.  Robert  Vogt,  Mr.  Harvey  Allen,  Dr.  George 
Wetherill,  and  Dr.  Alan  Barrett. 

The  mass  spectrometer  has  three  separate  constraints  imposed  upon 
its  measurements,  one  of  which  will  govern  the  design.  For  the 
H/He  ratio,  isotopic  ratios,  and  mean  molecular  weight  determin- 
ation, four  measurements  are  required  with  the  stipulation  that 
they  be  at  slightly  different  pressures  over  the  first  few  bars 
of  descent  pressure.  This  is  primarily  for  redundancy,  but  also 
to  enable  determination  of  any  major  variation  with  altitude,  if 
it  occurs.  Secondly,  to  enable  measurement  of  the  minor  constit- 
uents, a sampling  of  at  least  two  measurements  per  scale  height 
from  the  top  of  the  first  cloud  down  to  the  design  limit  is  re- 
quired. In  addition,  the  mass  spectrometer  measurements  of  minor 
constituents  will  give  information  on  cloud  composition;  thus 
there  should  always  be  two  (for  redundancy)  full  1-40  amu  sweeps 
while  the  probe  is  inside  each  cloud  in  all  the  model  atmospheres. 

The  temperature  gage  has  a requirement  to  determine  the  temper- 
ature profile  as  the  probe  descends.  To  obtain  a detailed  pro- 
file, the  panel  of  science  consultants  agreed  that  one  measure- 
ment/^ would  be  sufficient.  However,  the  desire  is  also  to  be 
able  to  accurately  determine  the  lapse  rate  in  the  atmosphere. 

To  do  this  may  require  the  temperature  measurements  to  have  a 
relative  accuracy  of  1%  of  the  vertical  temperature  gradient 
(0.C2  °K/km  for  Jupiter)  as  well  as  an  absolute  accuracy  of  1 % 
of  the  value. 

The  accelerometers  will  obtain  entry  deceleration  data,  and  measure 
large-scale  turbulence.  The  technique  for  this  is  discussed  in 
the  Section  C,  however,  the  criterion  given  here  is  for  the  de- 
scent measurements,  and  is  to  complete  one  turbulence  measurement 
every  kilometer  below  cloud  tops.  At  Saturn,  Uranus,  and  Nepture 
the  turbulence  is  not  expected  to  be  as  significant  as  for 
Jupiter. 

For  the  pressure  measurement,  the  criterion  is  to  make  two  mea- 
surementb/km  below  the  top  of  the  first  modeled  cloud,  which  is 
between  0.3  and  0.84  bars  in  all  models.  In  addition  to  deter- 
mining pressure  descent  profiles,  the  pressure  transducers  may 
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be  able  to  detect  turbulence;  thus  the  one  measurement /km  also 
applies,  although  overruled  by  the  first  requirement.  Also,  both 
the  pressure  and  temperature  gages  are  required  to  make  a minimum 
of  two  measurements  inside  each  cloud,  but  this  too  is  satisfied 
by  the  former  requirements. 

Targeting  Considerations 

a.  General  - For  a first  generation  entry  probe  into  any  of  the 
Jovian  planets,  the  entry  site  on  the  planet  should  be  selected 
such  that  it  is  both  relevant  to  the  desired  objectives  and  typ- 
ical of  the  planet  as  a whole  in  order  to  permit  extrapolation 
of  the  results  to  other  locations.  The  lack  of  optical  or  iono- 
spheric instruments  simplifies  the  landing  site  selection  con- 
siderations for  all  of  the  outer  planets,  making  lightside  or 
darkside  entries  essentially  equivalent,  with  the  exception  of 
Uranus,  which  will  be  discussed  later,  However,  it  would  be  un- 
acceptable  to  enter  exactly  on  the  terminator  because  the  pro- 
cesses occuring  here  may  cause  atmospheric  variations  that  the 
instruments  could  not  separate  from  normal  conditions.  Thus,  a 
corridor  6°  wide  centered  on  the  terminator  should  be  avoided. 

b.  Jupiter  - In  addition  to  the  above,  the  Great  Red  Spot  of 
Jupiter  should  be  avoided  as  atypical.  It  would  be  desirable  to 
avoid  shear  layers  and  very  high  velocity  turbulence  by  entering 
at  a quiescent  site.  In  general,  these  exist  at  the  center  of 

a zone  or  belt.  The  belts  shift  in  latitude  from  year  to  year 
but  the  average  latitudes  for  the  centers  are; 


North  or  South  Equatorial  Current  ± A0 

North  Equatorial  Belt  + 12° 

North  Component  of  South  Equatorial  Belt  - 10° 

North  or  South  Temperate  Belt  ± 30° 


c.  Saturn  - Here  avoidance  of  the  rings  may  cause  a few  sites  to 
be  unattainable.  The  only  belt  on  the  planet  that  appears  dis- 
cernable  is  a light  one  that  has  its  center  at  about  15°  N lat- 
itude. Actually,  any  latitude  on  the  planet  is  acceptable, 

d.  Uranue  - Since  this  planet  is  inclined  98°  to  its  orbital  plane 
and  because  it  currently  (and  for  the  next  'v  15  years)  has  its 
north  pole  pointing  in  the  general  direction  of  the  Sun,  all  of 
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the  solar  energy  input  is  in  the  northern  hemisphere,  This  means 
that  a large  gradient  in  conditions  probably  exists  between  light- 
side  and  darkside;  thus  entry  sites  on  the  lightside  at  least  20° 
from  the  terminator  are  desirable.  No  other  constraints  exist 
because  belts  are  not  discernable. 

e.  Neptune  - No  constraints  exist  on  entry  sites  except  to 
avoid  the  terminator. 


INSTRUMENTS  AND  MEASUREMENT  TECHNIQUES 


This  section  presents  the  SAG  Exploratory  instruments  proposed  for 
use  to  make  the  measurements  given  in  the  preceding  section.  In 
particular,  the  physical  and  electrical  characteristics  are  given 
to  provide  input  for  subsystem  areas,  Also,  the  word  composition 
of  the  data  from  each  instrument  will  be  given  to  provide  input 
to  the  data  handling  system, 

Digital  Accelerometer  Triad  System 

The  accelerometer  used  on  both  Viking  and  PAET  is  the  Bell  Aero- 
space  Model  IX  System,  consisting  of  one  longitudinal  and  two 
cross-axis  pendulous,  force  rebalance  acceleration  transducers 
accompanied  by  an  analog- to-digital  converter.  Although  rated 
for  a range  from  10  4 g to  only  200  g,  a discussion  with  Bell 
Aerospace  Company  (Ref  III-5)  revealed  that  to  obtain  a range  of 
10~2  g to  1600  g would  require  only  a small  modification  in  the 
flexure  of  the  pendulous  proof mass,  and  with  new  uses  of  hybrid 
microelectronics  the  package  will  be  smaller  than  that  currently 
in  use  for  Viking.  The  digital  accelerometer  system  consists  of 
four  parts:  the  analog  accelerometer,  pulse  rate  converter,  on- 

board processor,  and  an  entry  g sensor,  all  packaged  in  two  sepa- 
rate components  shown  in  Figure  III-l.  The  characteristics  of 
the  system  are  shown  in  Table  III-4.  Ranges  are  given  for  those 
characteristics  that  are  mission-dependent. 

a.  Entry  Accelerometer  Measurements  - During  the  entry  phase  of 
the  mission,  which  lasts  only  30-80  seconds,  the  accelerometers 
must  measure  the  entry  g-load  with  sufficient  accuracy  to  enable 
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Alignment 

Flats 


(a)  Analog  Accelerometer  System  Combined,  3-Axis  Package 


Note:  Dimensions  in  cm 


(b)  Pulse  Rate  Converter  and  Onboard  Processor 


Figure  III-l  Digital  Accelerometer  System  (Ref  III-6) 
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Table  III-4  Digital  Accelerometer  System  Characteristics 

Item  Characteristics 

1.  Weight,  kg  - AA  0.57;  PRC  0.98;  Total  1.55 

2.  Size,  cm  - AA  8.9  x 7.62  x 4.45;  PRC  10.2  x 9.25  x 6.6 

3.  Volume,  cm3  - AA  258.5;  PRC  655;  Total  916.0 

4.  Power  Required  - 2.8  Watts 

5.  Warmup  Time  - 30  sec 

6.  Sampling  Interval  - Entf,  - 0.1  to  0.4  sec 

D.&c^nt  - 8 to  15  sec  sweep* 

7.  Data  Bits  per  Sample  Jntry  - 30 

Descent  - 60 

8.  Data  Bit  Rate  - Entry  100-200  bp& 

Descent  - 4-7,5  bps 

9.  Temperature  Limits  - 230#k  to  370°K 

10.  Heat  Dissipated  - 2,8  Watts  Maximum 

11.  Onboard  Processing  Required  - Yes*,  for  descent. 

12.  Operational  Altitudes  - Entry  to  end  of  mission 

13.  Sensitivity  10  2 to  1600g  axial;  10~2  to  125g  lateral 

14.  Location  - Longitudinal  axis  (Fig.  III-l)  aligned  along 
probe  axis. 

*For  measurements  in  the  turbulent  area,  onboard  processing  is 
required  to  give  average  value,  peak  value,  and  number  of  zero 
crossings  to  yield  frequency  and  amplitude  of  turbulence  during 
each  sweep. 

AA  m Analog  Accelerometer 
PRC  - Pulse  Rate  Convertor 
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reconstruction  of  the  g-load  versus  time  curve,  especially  at 
the  peak  g point.  From  this,  the  atmospheric  structure  can  be 
determined  from  the  following  equations: 


V - + 1 a dt 

Els 


i 


p - -2 


a 

m s 


cda 


s. 


h * 1 (V  sin  y)  dt 
t 


p - 1 gpdh 
■'h 


T - — 

Rp 


where: 


ag  ■ deceleration  along  the  flight  path 

Vg  ■ entry  velocity 

m - mass  of  the  vehicle 
A ■ area  of  the  vehicle 
V ■ velocity  as  f (t) 

Cp  * drag  coefficient 


p - atmospheric  density 
h ■ altitude 
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t * total  entry  time 

y * flight  path  angle 
P * atmospheric  pressure 
£ * atmospheric  temperature 

R ■ specific  gas  constant 

The  density  will  be  determined  to  the  same  accuracy  as  the  accel- 
eration  and  entry  velocity  can  be  measured.  The  temperature  de- 
termination assumes  that  the  specific  gas  constant  has  been  de- 
termined by  an  independent  gas  composition  measurement  further 
down  in  the  atmosphere.  Accelerometers  with  an  accuracy  of  0.1% 
of  reading  are  required,  l.e.,  about  1.6  g axial  at  full  scale. 

The  axial  accelerometer  is  sampling  at  a rate  of  10  samples/sec 
for  Jupiter  and  5 samples/sec  for  the  other  Jovian  planets,  while 
the  lateral  accelerometers  are  sampling  at  a rate  exactly  half 
of  each  of  these.  Each  data  word  consists  of  10  bits  and  is  an 
analog  measurement  that  has  been  converted  to  a digital  signal, 

The  electrical  interface  for  this  conversion  is  shown  in  Figure 
111-2.  For  Jupiter,  the  resultant  bit  rate  is  200  bps  during 
entry,  and  for  the  other  planets,  it  is  100  bps.  Since  the  probe 
is  undergoing  communications  blackout,  all  of  the  entry  accelero- 
meter data  must  be  stored  to  be  later  interleaved  with  real  time 
data  transmitted  during  descent.  The  accelerometers  are  turned 
on  several  minutes  before  entry  because  of  tralectory  uncertainties, 
and  if  the  zero  data  measure  during  this  time  were  stored,  it 
would  quickly  exceed  the  storage  capability.  Thus,  a g-sensor 
is  required  to  determine  when  a nonzero  measurement  is  first  made 
and  storage  can  begin.  The  storage  requlrementc  for  entry  acceler- 
ometer data  vary  from  about  5400  bits  to  about  8800  bits.  This 
is  interleaved  and  transmitted  during  descent  times  of  from  33  to 
43  min,  which  results  in  bit  rates  for  transmission  of  stored  data 
from  2.2  to  4.4  bps. 

b.  Descent  Turbulence  Accelerometer  Measurements  - After  the 
parachute  is  deployed,  a signal  is  sent  to  the  accelerometer  pro- 
cessor to  Instruct  it  to  switch  the  measurement  mode  to  descent, 
simultaneously  with  the  deployment  of  the  temperature  gage.  In 
this  mode  of  operation,  the  accelerations  from  turbulence  will  be 
much  lower  in  magnitude  and  more  random  in  direction  than  during 
entry. 
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Input  Power  Requirements 

Voltage 

+21  to  +32  vdc 

Electronics  Power 

2.8  watts 

Heater  Power  (If  Req) 

0.05  to  0.1  watt/°F 

Figure  III- 2 Accelerometer  Electrical  Interfaces 

The  desire  is  to  determine  the  magnitude  and  frequency  of  the 
probe  acceleration  response  to  turbulence  variations.  This  is 
done  by  making  an  analog  sweep  of  8-  to  15-sec  duration  and  through 
the  use  of  onboard  processing,  determine  the  average  value  of  tur- 
bulence, the  peak  value  of  turbulence,  and  the  number  of  average 
crossings.  This  is  schematically  pictured  in  Figure  III-3.  This 
technique  is  used  for  the  axial  accelerometer  and  a combination 
of  the  two  lateral  accelerometers  so  that  the  result  is  a sepa- 
rate measurement  of  vertical  and  horizontal  turbulence.  Each  word 
is  again  a 10-bit  word  so  that  each  measurement  consists  of  a total 
of  60  bits.  With  sampling  times  for  a single  sweep  as  shown  above, 
the  bit  rate  can  vary  from  4 to  7.5  bps.  With  the  exception  of 
the  first  few  tens  of  seconds,  during  which  acquisition  occurs, 
the  data  is  telemetered  in  real  time. 

In  conclusion,  the  accelerometers  appear  to  be  state-of-the-art 
even  for  the  larger  range  required  for  Jupiter  entry.  However, 
an  analysis  needs  to  be  performed  to  determine  if  an  increase  in 
structural  rigidity  is  necessary  for  the  lateral  accelerometers 
in  order  to  withstand  the  1600g  cross-axis  entry  load. 


0 Average 


Figure  III-3  Turbulence  Accelerometer  Measurements 


2.  Pressure  Gage 

Both  the  Viking  pressure  gage  and  the  PAET  pressure  gage  were 
considered  for  use,  with  modification,  for  the  entry  probe.  The 
comparative  characteristics  for  both  are  given  in  Table  III-5, 

It  can  be  jeen  that  the  PAET  instrument  is  slightly  lighter  in 
weight  but  significantly  smaller  in  volume,  which  translates  into 
supporting  system  weight  savings.  Power  requirements  are  also 
significantly  less. 

Two  Instruments  are  required  to  cover  the  pressure  range  under 
consideration.  One  should  have  a range  from  a few  millibars  to 
about  one  bar,  and  the  second  from  this  point  down  to  the  design 
pressure  limit.  Both  can  be  vibrating  diaphragm-type  instruments, 
but  the  diaphragm  for  the  high  range  instrument  must  bs  improved 
over  that  used  on  PAET. 

Figure  III-4  shows  a drawing  of  a Viking-type  pressure  transducer. 
The  PAET  gage  wotfld  look  identical  except  for  having  smaller 
dimensions  as  given  in  Table  II1-5.  Figure  III-5  shows  the  elec- 
trical connections  to  the  pressure.  Each  pressure  word  is  taken 
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Table  III-5  Pressure  Gage  Characteristics 


(All  entries  typical  for  each  pressure  transducer). 


VIKING  DERIVED 

PAET  DERIVED 

1.  Weight 

0.385  kg 

0.34  kg 

2.  Size  (cm) 

7,02  x 5.84  x 5,84 

4.92  x 5.0  x 5.0 

3.  Volume 

262  cm3 

123  cm3 

4.  Power  Required 

1,4  watts 

0,65  watts 

5.  Warmup  Time 

30  sac 

Same 

6 * Sampling  Interval 

3 to  6 sec 

Same 

7 * Data  Bits  per  Sample 

10  bits 

Same 

8,  Data  Bit  Rate 

1.7  to  3.3  bps 

Same 

9*  Temperature  Limits 

-20eF  to  125°F 

Same 

10*  Heat  Dissipated 

1,4  watts 

0.65  watts 

11*  Onboard  j/rocussing  Required 

No 

No 

12.  Operational  Altitudes 

Chute  deployment  to 
design  pressure 

Same 

13*  Sensitivity 

5 x 10~2  to  1 bar 

Same 

& 1 to  30  bars 

i 

t 

i 

14*  Lorntion/Orientation:  Locatec 

| overall 

jected 

i 

1 to  limit  sensor  tube  to  8 in.  (20*3  cm) 
with  approximately  1 in.  (2.54  cm)  pro- 
from  outer  shell  of  descent  probe.  Sensor 

tube  to  be  ^ 90°  to  probe  surface  with  opening 
^90°  to  descent  path;  the  base  of  the  instru- 
ment should  be  mounted  perpendicular  to  the  entry 
acceleration  axis* 
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to  be  10  bits,  thus  the  bit  rate  for  3-  to  6-sec  sampling  inter- 
vals ranges  from  1.7  to  3.3  bps.  The  instruments  will  sample 
simultaneously  near  the  range  crossover  pressure  ('v  1 bar) , but 
only  the  most  reliable  will  be  transmitted. 


Power  Imput  „ 
Power  Return. 


Stimulus  Signal  Input«J 
Stimulus  Signal  Re turn 4 
0 to  5 vdc  Signal  __ 

0 to  5 vdc  Return  _ 

0 to  5 vdc  Signal 

0 to  5 vdc  Return 


Figure  III- 5 Pressure  Transducer  Electrical  Interconnections 


3.  Temperature  Gage 

The  Viking  parachute  phase  temperature  gage  is  very  similar  to  the 
PAET  instrument  as  can  be  seen  by  comparing  Figure  III-6  to  Fig- 
ure III-7.  Both  sensors  are  thermocouples  deployed  by  means  of 
a pyrotechnically  activated  spring.  The  required  temperature 
range  for  each  of  the  planets  is  tabulated. 

Jupiter  100  to  4QQeK 

Saturn  70  to  3S0°K 

Uranus  50  to  250°K 

Neptune  40  to  190°K 
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Pyrotechnic  Device 


Figure  III-6  Viking  Temperature  Gage  (Ref  III-8) 
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The  Viking  temperature  gage  has  a range  of  100  to  400°K,  and  thus 
is  applicable,  without  modification,  to  Jupiter  entries,  Minor 
modifications  must  be  made  for  the  remainder  of  the  planets.  The 
thermocouple  measurements  should  have  an  accuracy  of  ±1%,  but  if 
more  accurate  measurements  are  necessary,  a platinum  resistance 
wire  sensing  element  could  be  used.  Temperature  gradients  can 
be  determined  with  an  accuracy  that  is  nearly  the  same  as  the 
measurement  resolution  if  no  evaporating  or  condensing  droplets 
interfere.  Thermocouples  generally  have  a rapid  temperature 
equalization  with  the  ambient  atmosphere,  lessening  the  conden- 
sation problem.  In  the  deployed  po  f.tion,  the  temperature  sensor 
protrudes  1 in.  from  the  probe  body.  For  typical  velocities  en- 
countered at  the  varying  densities  of  descent  in  the  primarily  hy- 
drogen atmosphere,  the  maximum  thickness  of  the  boundary  layer 
is  about  0.37  in. 

The  characteristics  of  the  temperature  gage  used  in  this  study 
are  shown  in  Table  III-6  and  the  dimensions  given  in  Figure  III-8, 
Figure  III-9  shows  the  electrical  interfaces.  The  data  words 
are  again  10-bit  and  the  sampling  times  are  simultaneous  with  the 
pressure  gage  measurements  varying  from  3 to  6 sec/sample.  This 
results  in  a bit  rate  which  varies  from  1,7  to  3,3  bps.  The  in- 
strument will  begin  sampling  with  the  other  descent  instruments 
as  soon  as  the  aeroshell  is  released  and  the  sensor  is  deployed, 

Neutral  Mass  Spectrometer 

The  neutral  mass  spectrometer  is  the  primary  instrument  in  the 
SAG  Exploratory  payload  making  direct  composition  measurements 
of  the  planetary  atmosphere.  The  mass  spectrometer  inlet  design 
necessary  does  not  match  that  of  the  Viking  entry  mass  spectro- 
meter or  the  Viking  lander  GCMS.  It  more  closely  resembles  that 
of  the  PAET  entry  vehicle,  but  that  inlet  system  was  designed  for 
a maximum  atmospheric  pressure  of  1 atm.  Therefore,  the  design 
used  here,  while  similar  to  both  Viking  and  PAET,  most  closely 
resembles  one  being  proposed  for  the  Pioneer  Venus  which  must 
decend  to  100  atm  of  pressure.  The  analyzer,  however,  can  be 
either  the  Viking  magnetic  sector  or  the  PAET  quadruple. 

The  inlet  system  is  of  the  remote  sampling  design.  The  gases 
from  the  ambient  atmosphere  enter  through  a small  tube  (0.03  in. 
dia)  and  through  a porous  sintered  leak  into  a sample  volume  of  less 
than  1 cm3  (Figure  III-10).  One-shot  valves,  initially  closed, 
seal  the  system  in  vacuum  until  ready  to  begin  measurement.  The 
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Table  I I 1-6  Temperature  Gage 

Charaoteris tics 

Item 

Characteristics 

1. 

Weight  - 0.45  kg 

2. 

Size  (cm)  - Electronics  7.92  x 3.12  x 1.76 

- Sensor: 

5.34  dia  x 3.81  long 

3. 

Volume 

426  cm3 

4. 

Power  Required  - 

1,4  watts 

5. 

Warmup  Time 

5 min 

6. 

Sampling  Interval  - 

3-5  sec 

7. 

Data  Bits  per  Sample  «■  10  bits 

8. 

Data  Bit  Rate 

1.7  to  3.3  bps 

9. 

Temperature  Limits  - 

-40®F  (233, 2°K)  to  + 125°F  (324. 8®K) 

10. 

Heat  Dissipated  - 

1.4  watts 

11. 

On  Board  Processing  Required  ~ No 

12. 

Operational  Pressures 

- 0.1  to  30  bars 

13. 

Sensitivity  - 

100°K  to  400°K 

14. 

Location/ Orientation  • 

- After  deployment,  the  sensor  element 

should  extend  a minimum  of  1 In.  (2,54  cm) 
from  the  descent  probe  external  surface 
'v*  90°  to  the  surface,  and  'v<  90®  to  the 
descent  path 
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3.25 


Note:  TP  - twisted  pair. 

TPSJ  « twisted  pair  shielded  jacket. 


Ftgure  III- 9 Temperature  Gage  Eleotrioal  Interface 


■'"WLJeprtY’Z 


flow  through  the  initial  leak  increases  with  increasing  atmospheric 
pressure,  raising  the  pressure  in  the  sample  volume.  A constant 
pressure  of  about  1 torr  must  be  maintained  in  the  sample  volume 
to  maintain  a steady  flow  rate  into  the  mass  spectrometer,  and 
consequently,  a constant  pressure  of  _<  10  5 torr  inside  the  anal- 
yzer. This  is  accomplished  by  the  use  of  a variable  leak  in  a 
line  from  the  sample  volume  to  an  evacuated  ballast  volume.  The 
inlet  system  will  require  an  electrical  heater  coil  around  the 
tubes  and  leaks  to  prevent  condensations  of  ammonia  and  water  and 
blockage  of  the  flow.  The  power  for  this  is  included  in  that  given 
for  the  spectrometer  system. 


Atmosphere 


The  neutral  particles  entering  the  mass  spectrometer  are  ionized 
and  accelerated.  Both  the  Viking-type  magnetic  sector  and  PAET- 
type  quadruple  were  investigated.  The  magnetic  sector  instrument 
shown  in  Figure  III-ll  is  a double  focusing-type  with  an  electro- 
static analyzer  that  provides  both  energy  filtering  and  spatial 
focusing,  providing  precise  mass  resolution.  The  mass  separation 
is  brought  about  by  the  magnetic  field  as  in  a conventional  mass 
spectrometer. 
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Figure  III-ll  Typical  Magnetic  Sector  Mass  Spectrometer 
Mattauch-Herzog  Geometry — Viking 
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Figure  III- 12  Quadrupole  Mass  Spectrometer  Analyzer  Schematic— PAST 
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Table  III-7  Neutral  Maee  Spectrometer  Characteristics 


Nominal 
Jupiter  Probe 

Alternate  Jupiter 
Probe  & All  Others 

1.  Weight  - Analyzer 

2.27  kg 

1.81  kg 

Electrical 

2.72  kg 

2.72  kg 

Pump 

0.45  kg 

0.45  kg 

Inlet  System 

0.45  kg 

0.45  kg 

2.  Size  - Analyzer  (cm) 

10.2  dla  x 22.9  long 

7.6  dia  x 20.3  long 

Electrical  (cm) 

12.7  x 15.3  x 17.8 

Same 

Pump  (cm) 

7.62  x 7.62  x 7.62 

Same 

Ballast  Volume  (cm) 

8.9  dia  x 19.1  long 

7.6  dia  x 10.9  long 

3.  Volume  - Analyzer 

1868  cm3 

934  cm3 

Electrical 

3445  cm3 

Same 

Pump 

443  cm3 

Same 

Ballast  Volume 

1000  cm3  pressure  tank 

500  cm3  pressure  tank 

4.  Power  required 

16  watts 

14  watts 

5.  Warmup  times 

5 min. 

Same 

6.  Sampling  Interval 

30-70  sec 

Same 

7.  Data  Bits  per  Sample 

400  bits 

Same 

8.  Data  Bit  Rate 

6-14  bps 

Some 

9.  Temperature  Limits 

-20°C  to  50 °C 

Same 

10.  Dynamic  Range 

106  (1-40  amu) 

Same 

11.  Onboard  Processing  Required 

No 

No 

12.  Operational  Pressures 

0.1  to  30  bars 

0.1  to  13  bars 

13.  Sensitivity  (without  multiplier)  10  6 amp/torr 

Same 

14.  Location/Orientation  - aperture  at  lowest  point  on  descent  capsule  r o sample 
undisturbed  atmosphere.  Inlet  system  requires  a sample  volume  <_  1 cc:3  with 
lines  to  analyzer  and  ballast  volume. 
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Table  III-8  Isotopes  and  Hydrogen  Compounds  Less  than 
40  amu  for  Mass  Spectrometer  Analysis 


Mass  No. 


Formula 

Name 

H 

Hydrogen 

D 

Deuterium 

h2 

Diatomic  Hydro  en 

HD 

Deuterated  Hydrogen 

He 

Helium  Isotope 

He 

Helium  Isotope 

Li 

Lithium  Isotope 

Be 

Beryllium  Isotope 

B 

Boron  Isotope 

C 

Carbon  Isotope 

C 

Carbon  Isotope 

N 

Nitrogen  Isotope 

ch2 

Carbon  Dihydride 

ch3 

Carbon  Trihydride 

ch4 

Methane 

nh3 

Ammonia 

h2o 

Water 

DHO 

Deuterated  Water 

Ne 

Neon  Isotope 

HF 

Hydrogen  Fluoride 

Ne 

Neon  Isotope 

c2h2 

Acetylene 

hcn 

Hydrogen  Cyanide 

c2h4 

Ethylene 

ch2o 

Formaldehyde 

c2h6 

Ethane 

sih4 

Silane 

h2s 

Hydrogen  Sulfide 

HC1 

Hydrogen  Chloride 

Ar 

Argon  Isotope 

HC1 

Hydrogen  Chloride  (Isotopic) 

Ar 

Argon  Isotope 

Ar 

Argon  Isotope 

III-25 


The  quadrupole  analyzer,  shown  in  Figure  III-12,  consists  of  fu-.r 
parallel  cylindrically  hyperbolic  electrodes  upon  which  a dc  volt- 
age and  RF  field  are  superimposed.  Ions,  other  than  those  within 
a limited  charge  to  mass  ratio  range,  traversing  the  length  of  the 
analyzer,  are  thrown  into  unstable  trajectori  s and  .re  removed 
from  the  ion  stream.  The  desired  ion  group  travels  the  full  length 
of  the  analyzer  and  are  collected  by  the  detector.  Mass  scaning 
is  accomplished  by  varying  the  field  applied  to  the  rods. 

Attention  has  been  focused  on  the  question  of  using  a quadrupole 
or  magnetic  sector  mass  spectrometer  in  space  science  applications 
jr  several  years.  Each  time  a comparison  is  made,  it  is  ir  re- 
sponse to  a very  narrow  application  and  this  makes  it  more  dif- 
ficult to  obtain  an  objective  set  of  data  for  tradeoff  studies. 

This  uncertainty  is  not  accidental  but  rather  results  from  the 
proposition  that  there  is  no  overwhelming  advantage  for  the  sole 
use  of  either  type  of  instrument.  Each  flight  instrument  selec- 
tion must  result  from  a detailed  comparison  of  the  mission  objec- 
tives, environments,  a„u  power-v.  ight-volume  constraints  to  the 
characteristics  of  the  mass  spectrometer  in  question. 

The  magnetic  sector  instrument  offers  the  higher  potential  sci- 
entific return  of  the  two  types  provided  that  high  ms.’s  (>  100  amu; 
is  one  of  the  desired  objectives.  The  high  mass  range  requires 
increasing  the  magnetic  strength  and  weight.  The  scan  electronics 
for  this  type  of  instrument  are  well  known,  reliable  and  accurace 
over  a large  m^a  range.  Further,  this  type  of  instrument  design 
has  a proven  capability  on  numerous  rocket  flights. 

The  quadrupole  has  been  used  primarily  for  Earth  satellite  and 
rocket  borne  instruments  and  has  a proven  capability  over  a mass 
range  of  1-60  amu.  Tc  date,  the  quadrupole  instruments  have  been 
xlghter  and  require  less  volume  than  the  equivalent  magnetic  sec- 
tor instruments.  The  electronic  system,  although  very  complex 
for  high  mass  range,  can  be  simplified  for  the  mass  range  1-60  amu. 
The  quadrupole  scan  does  offer  one  definite  advantage  in  that  the 
scans  are  linear  and  this  simplifies  the  data  '’.ollertion  system. 

The  quadrupole  analyzer  provides  the  additional  capability  of 
taking  either  positive  or  negative  ion  spectra  with  only  electronic 
switching. 

Table  I1I-7  lists  the  characteristics  for  mass  spectrometers  with 
beth  types  of  analyzers.  Actually  tor  the  nominal  Juj iter  probe, 
neither  type  was  specified,  but  tu«  volumes  were  designed  for  the 
Viking  magnetic  sector.  After  telephone  conversations  with  various 


quadrupole  mass  spectrometer  manufacturers,  the  volume  of  the 
analyzer  was  reduced  for  the  remainder  of  the  missions  under  con- 
sideration and  specified  to  be  a quadrupole,  The  ballast  volume 
was  1 liter  for  the  nominal  mission  which  descends  to  30  bars  and 
only  0.5  liter  for  the  others  with  a maximum  depth  of  13  bars. 

The  mass  range  considered  is  xrom  1 to  40  amu.  This  is  sufficient 
to  measure  the  constituents  which  compose  greater  than  99.9%  of 
the  expected  Jovian  atmospheres.  Table  III-8  lists  the  isotopes 
and  hydrogen  compounds  having  mass  numbers  less  than  40  amu  that 
could  conceivably  exist  in  these  atmospheres,  Some,  but  not  all, 
of  the  isotopic  variations  of  the  compounds  are  also  listed.  In 
addition,  other  nonhydrogen  compounds,  such  as  N2>  CO,  or  NO  might 
exist,  filling  in  some  of  the  vacant  mass  numbers  in  Table  1II-8. 

This  is  justification  for  the  continuous  sweep  to  40  amu.  Note 
that  there  is  a possible  conflict  for  several  of  the  mass  numbers, 
particularly  2,  3,  14,  20,  30  and  36.  As  a maximum,  the  date-bit 
requirement  would  be  10  bits  for  detector  current  and  6 additional 
bits  for  mass  number,  A convenient  data  compression  approach 
would  be  to  use  a "zero"  to  indicate  a detector  current  below  thresh- 
hold  and  a "one"  to  indicate  that  a measurable  peak  exists.  The 
detector  current  bits  would  only  be  required  following  an  indi- 
cation of  threshold.  The  actual  number  of  masses  that  will  exceed 
the  detectability  threshold  will  probably  be  less  than  20;  thus, 
providing  for  10  bits  per  mass  number,  or  400  bits/sample  is  a 
conservative  estimate  of  actual  requirements.  The  sampling  times 
vary  from  30  to  70  sec  for  the  1-40  amu  sweep;  thus  the  bit  rate 
ranges  from  about  6 to  14  bps. 

For  the  interface  with  the  data  handling  system  (DHS),  the  instru- 
ment will  require  a sequence  of  on-commands  before  its  measurement 
period.  As  a minimum,  the  DUS  would  only  have  to  supply  the  first 
of  these  with  the  remainder  produced  internally  using  the  DHS  clock 
signals.  The  initial  on  signal  is  required  roughly  5 min  before 
aeroshell  release.  Before  aeroshell  release,  the  detection  cir- 
cuitry will  be  electrically  calibrated.  Calibration  using  known 
amounts  of  the  elements  should  be  expected. 

The  analyzer  section  of  the  mass  spectrometer  is  state  of  the  art 
and  available.  The  inlet  system  requires  further  test  and  eval- 
uation to  verify  the  design.  The  response  time  between  gas  en- 
tering the  first  leak  from  the  ambient  atmosphere  and  reaching  the 
analyzer  is  about  30  sec,  however  recent  experimental  results  in 
dicate  that  the  sample  volume  should  be  reduced  to  as  much  as 
0.1  cm3  in  which  case  the  response  time  could  be  reduced  to  £ 10 
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quadrupole  mass  spectrometer  manufacturers,  the  volume  of  the 
analyzer  was  reduced  for  the  remainder  of  the  missions  under  con- 
sideration and  specified  to  be  a quadrupole.  The  ballast  volume 
was  1 liter  for  the  nominal  mission  which  descends  to  30  bars  and 
only  0.5  liter  for  the  others  with  a maximum  depth  of  13  bars. 

The  mass  range  considered  is  from  1 to  40  amu.  This  is  sufficient 
to  measure  the  constituents  which  compose  greater  than  99.9%  of 
the  expected  Jovian  atmospheres.  Table  II1-8  lists  the  isotopes 
and  hydrogen  compounds  having  mass  numbers  less  than  40  amu  that 
could  conceivably  exist  in  these  atmospheres.  Some,  but  not  all, 
of  the  isotopic  variations  of  the  compounds  are  also  listed.  In 
addition,  other  nonhydrogen  compounds,  such  as  N2,  CO,  or  NO  might 
exist,  filling  in  some  of  the  vacant  mass  numbers  in  Table  111-8, 

This  is  justification  for  the  continuous  sweep  to  40  amu.  Note 
that  there  is  a possible  conflict  for  several  of  the  mass  numbers, 
particularly  2,  3,  14,  20,  30  and  36.  As  a maximum,  the  dats-bit 
requirement  would  be  10  bits  for  detector  current  and  6 additional 
bits  for  mass  number.  A convenient  data  compression  approach 
would  be  to  use  a "zero"  to  indicate  a detector  current  below  thresh- 
hold  and  a "one"  to  indicate  that  a measurable  peak  exists.  The 
detector  current  bits  would  only  be  required  following  an  indi- 
cation of  threshold.  The  actual  number  of  masses  that  will  exceed 
the  detectability  threshold  will  probably  be  less  than  20;  thus, 
providing  for  10  bits  per  mass  number,  or  400  bits/sample  is  a 
conservative  estimate  of  actual  requirements.  The  sampling  times 
vary  from  30  to  70  sec  for  the  1-40  amu  sweep;  thus  the  bit  rate 
ranges  from  about  6 to  14  bps. 

For  the  interface  with  the  data  handling  system  (DHS),  the  instru- 
ment will  require  a sequence  of  on-commands  before  its  measurement 
period.  As  a minimum,  the  DUS  would  only  have  to  supply  the  first 
of  these  with  the  remainder  produced  internally  using  the  DUS  clock 
signals.  The  initial  on  signal  is  required  roughly  5 min  before 
aeroshell  release.  Before  aeroshell  release,  the  detection  cir- 
cuitry will  be  electrically  calibrated.  Calibration  using  known 
amounts  of  the  elements  should  be  expected. 

The  analyzer  section  of  the  mass  spectrometer  is  state  of  the  art 
and  available.  The  inlet  system  requires  further  test  and  eval- 
uation to  verify  the  design.  The  response  time  between  gas  en- 
tering the  first  leak  from  the  ambient  atmosphere  and  reaching  the 
analyzer  is  about  30  sec,  however  recent  experimental  results  in 
dicate  that  the  sample  volume  should  be  reduced  to  as  much  as 
0.1  cm3  in  which  case  the  response  time  could  be  reduced  to  ± 10 
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sec.  Appendix  N of  Volume  III  gives  the  theoretical  equations  for 
response  time  relations.  There  is  also  a problem  involved  because 
of  the  fact  that  the  masses  of  the  primary  constituents  exist  in 
two  different  groups,  specifically  1-4  amu  and  15-18  amu.  The 
leak  rates  through  the  sintered  plug  could  be  appreciably  different, 
distorting  the  measurements.  This  is  a laboratory  experimental- 
type  problem  and  will  require  a solution  before  actual  flight. 

A laboratory  model  of  this  proposed  inlet  system  has  been  built 
under  pressure,  and  will  soon  undergo  tests  in  a simulated  Venus 
atmosphere.  Several  laboratory  experiments  have  been  identified 
by  thi'  study  which  need  to  be  performed  to  aid  in  understanding 
the  application  of  this  system  to  the  Jovian  atmospheres.  In 
particular,  they  are:  (1)  determination  of  extent  of  mass  dis- 

crimination by  the  molecular  inlet  leak  through  the  analysis  of 
known  amounts  of  two  gases  with  widely  separated  masses,  (e.g. 

H2  and  N2)  with  consideration  of  the  effect  of  variations  in  in- 
let system  temperature;  (2)  understanding  of  the  condensation 
problem  in  the  inlet  system  by  analysis  of  a gas  with  high  concen- 
trations of  ammonia  and/or  water  at  different  temperatures;  (3) 
investigation  of  the  pumping  problems  associated  with  the  high 
concentration  of  inert  helium  in  the  Jovian  atmospheres;  (4)  com- 
plete analysis  of  a simulated  Jovian  atmosphere  containing  H2, 

He,  NH3,  CH4,  and  H20. 


D.  ENTRY  AND  DESCENT  SCIENCE  MISSION  ANALYSIS 


1.  Science  Sequence  of  Events 

The  sequence  of  science  events  for  all  of  the  entry  probe  missions 
is  approximately  the  same,  with  the  times  and  pressures  for  oc- 
curances  varying.  The  instruments  are  turned  on  al  least  5 min 
before  entry  for  warmup,  with  time  increments  due  to  trajectory 
uncertainties  added  to  this.  The  accelerometers  begin  sampling 
data  but  not  storing  it.'  The  g-sensor  associated  with  the  ac- 
celerometer processor  will  sense  the  beginning  of  entry  and  com- 
mand the  data  handling  system  to  begin  storing  the  deceleration 
data  from  all  3 axes. 


On  the  missions  investigated,  entry  may  last  from  19  to  79  sec, 
terminating  when  the  probe,  with  a ballistic  coefficient  of  102 
kg/m2  (0,65  slug/ft2)  reaches  Mach  0,7,  This  may  occur  at  a pres- 
sure level  of  from  33  to  92  millibars  in  the  design  missions, 
although  it  can  occur  later  for  high  flight  path  entries.  (Table 
V-l.)  At  this  point  a large  parachute,  with  ballistic  coefficient 
of  approximately  15  kg/m2,  is  deployed;  this  slows  the  probe  to 
terminal  velocity.  The  entry  accelerometers  are  still  taking  data. 
The  probe  falls  for  10  sec  to  stabilize  its  horizontal  oscillations 
and  reach  terminal  velocity  and  then  releases  the  aeroshell,  which 
falls  cut  of  the  way.  After  a 2-sec  delay,  pyrotechnics  deploy 
the  temperature  gage,  first  ejecting  the  plug,  and  uncovering  the 
mass  spectrometer  inlet  aperture,  releasing  the  vacuum.  The  ac- 
celerometers are  switched  over  to  the  turbulence  measurement  mode 
and  the  full  extent  measurements  begin.  These  events  are  pre- 
programmed since  the  spacecraft  has  not  yet  acquired  the  probe. 

For  descents  into  Saturn,  Uranus,  and  Neptune,  much  higher  ballis- 
tic coefficients  are  required  than  for  Jupiter  which  means  a smalls 
er  parachute.  For  these  missions,  after  a delay  of  about  3 addi- 
tional sec,  the  main  parachute  is  released  and  a secondary  or 
drogue  parachute  is  deployed.  All  four  instruments  are  now  col- 
lecting data  in  the  descent  mode  and  storing  it  with  the  entry 
accelerometer  data.  After  approximately  90  sec,  the  spacecraft 
acquires  the  probe  and  data  transmission  begins,  sending  all  the 
data  subsequently  collected  back  in  real  time  and  interleaving 
the  stored  data. 

The  descent  parametrics  for  each  planet,  including  selection  of 
ballistic  coefficients  and  instruments  sampling  times  are  de- 
tailed in  the  chapters  discussing  the  various  planet  parametrics. 
They  are  selected  on  a basis  of  the  measurement  performance  meet- 
ing the  criteria.  Three  distinct  points  in  the  descent  are  im- 
portant to  measure  the  performance;  (1)  the  point  during  descent 
where  the  temperature  begins  to  Increase,  generally  2 to  4 min 
after  chute  deployment,  is  important  for  the  temperature  measure- 
ment; (2)  the  first  encounter  with  clouds,  which  varies  form  2 
to  8 min  after  deployment,  is  important  for  all  instruments;  (3) 
immediately  after  drogue  chute  deployment,  at  several  bars  of 
pressure  on  deep  descents.  End  of  mission  pressure  varies  from 
7 to  30  bars. 
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Design  Limit  Descent  Pressure  .Depth 

The  section  discussing  performance  criteria  earlier  in  this  chap- 
ter  listed  the  terminal  pressure  requirements  of  several  measure- 
ments as  the  design  limit.  The  design  limit  pressure  is  that 
point  in  a descent  profile  where  all  of  the  requirements  have 
been  met  by  the  actual  performance,  within  an  overall  set  of  con- 
straints. In  this  study,  this  overall  constraint  was  to  descend 
to  2 to  30  bars  depending  upon  the  "risk  and  cost  effect"  of  the 
higher  pressures. 

The  measurement  that  controls  the  depth  is  that  determining  the 
composition  of  the  lowest  (above  30  bars)  cloud  in  the  given  at- 
mosphere, with  the  mass  spectrometer.  For  each  planet  and  atmos- 
phere considered,  the  particular  cloud,  its  pressure  range  and 
density  range  are  shown  in  Table  III-9.  The  specific  requirement 
is  to  obtain  two  full  mass  spectrometer  sweeps  inside  the  cloud, 

The  number  of  measurements  is  a function  of  both  ballistic  coef- 
ficient and  instrument  sampling  time.  Measurements  made  all  the 
way  through  the  cloud  would  be  desirable,  but  not  necessary. 

Using  the  selected  ballistic  coefficients  for  the  various  planets 
(see  parametrics  sections),  specifically  0.09  slug/ft2  (14.13  kg/m2) 
for  Jupiter  and  0.70  slug/ft2  (109.9  kg/m2)  for  the  other  planets, 
and  a mass  spectrometer  sampling  time  of  60  sec,  the  first  column 
of  values  in  Table  III-10  shows  the  pressure  depths  required  to 
obtain  two  mass  spectrometer  sweeps  inside  the  cloud. 

However,  note  in  Table  III-9  that  the  cloud  densities  at  the  cloud 
top  are  extremely  low  compared  to  those  at  the  cloud  base.  There- 
fore, if  the  two  mass  spectrometer  measurements  are  required  to 
be  made  at  points  in  the  cloud  where  the  cloud  density  is  at  least 
1.0  mg/liter,  the  resultant  pressure  limits  are  as  shown  in  the 
second  column  of  Table  III-10,  This  requirement  affords  a better 
opportunity  for  the  measurement  of  minor  constituents  by  the  mass 
spectrometer. 

The  las:  column  of  Table  III-10  shows  the  design  limit  pressure 
used  in  this  study.  For  Jupiter,  since  the  probe  must  be  designed 
for  the  worst-case  cool/dense  atmosphere,  a descent  to  13  bars 
in  the  cool/dense  atmosphere  will  govern  the  design.  The  equiv- 
alent descent  time  in  the  nominal  atmosphere  allows  the  probe  to 
reach  7.3  bars.  The  design  limit  pressure  for  Saturn  was  moved 
to  7 bars  because  this  allows  the  probe  to  pass  completely  through 
the  water  cloud  without  detriment  to  the  mission. 
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Table  III-9  Properties  of  Lower  Modeled  Clouds 


Atmosphere 

Cloud 

Pressure  Range , 
bars 

Density  Range, 
mg/liter 

Jupiter  C/D 

H20 

10.0  - 32.3 

0.41  - 39.2 

Jupiter  Nominal 

h2o 

1.80  - 2.76 

0.074  - 2,02 

Saturn  Nominal 

h2o 

3.94  - 6.92 

0.074  - 4.82 

Uranus  Nominal 

nh3 

4.80  - 6.69 

0.1  - 1,12; 

Neptune  Nominal 

nh3 

17.1  - 22.8 

0.4  - 3.60 

Table  III-10  Establishment  of  Design  Limit  pressure 


Atmosphere 

Model 

Pressure  for 
2 Measurements 
in  Cloud,  Bars 

Pressure  for 
2 Measurements 
Where  p < 1 mg/£ 
in  clouds.  Bars 

Design  Limit 
Pressure,  Bars 

Jupiter  C/D 

11.6 

13 

13 

Jupiter 

Nominal 

2.2 

3 

7.5 

Saturn 

Nominal 

4.4 

6 

7 

Uranus 

Nominal 

5.3 

7 

7 

Neptune 

Nominal 

18.1 

20 

20 
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IV.  MISSION  DESIGN  CONSIDERATIONS 


This  chapter  provides  a general  overview  of  the  mission  planning 
considerations  involved  with  probe  missions  to  the  outer  planets. 
The  general  subjects  included  in  this  summary  are  launch  and  inter- 
planetary trajectory  selection,  approach  orbit  determination  re- 
sults, approach  trajectories  and  deflection  maneuver  analysis, 
critical  mission  dispersion  studies,  and  entry  trajectory  char- 
acteristics. In  addition,  data  summarizing  various  swingby  mis- 
sions to  outer  planets  are  presented. 

Most  of  the  data  presented  is  of  a parametric  nature,  supporting 
the  mission  planning  decisions  that  led  to  the  final  mission  de- 
signs presented  in  Chapter  V.  By  presenting  mission  design  con- 
siderations in  a separate  chapter,  it  is  possible  to  compare  the 
mission  characteristics  to  the  different  planets  conveniently. 

Thus,  in  the  discussion  of  deflection  maneuver  requirements,  the 
deflection  AV  trends  for  the  four  candidate  planets  are  compared 
side  by  side;  entry  peak  decelerations  for  the  four  planets  are 
discussed  in  a similar  manner. 

Many  missions  have  been  analyzed  during  the  course  of  this  study. 
Table  IV-1  lists  the  missions  most  often  referred  to  in  subsequent 
discussions.  Missions  A,  B,  C,  I,  and  J are  the  system  design 
missions  described  fully  in  Chapter  V.  Missions  D,  E,  and  F, 
Jupiter  probe-dedicated  missions,  similar  to  Mission  1 but  launched 
in  different  years,  were  studied  to  determine  the  impact  of  launch 
year.  Mission  G is  an  "optimal"  Jupiter  orblter  mission  analyzed 
for  the  problems  introducted  by  including  a probe  on  an  orblter 
mission.  The  data  for  this  mission  was  obtained  from  Reference 
IV-1.  Mission  H is  a low  inclination  approach  trajectory  consis- 
tent with  a JS  77  mission.  All  of  the  data  listed  in  Table  IV-1 
refers  to  the  nominal  design  of  the  specific  mission.  In  many 
cases,  parametric  studies  were  made  about  this  nominal  design  and, 
thus  in  certain  sections,  mission  parameters  will  differ  from 
those  given  in  the  Table. 
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Table  IV- 1 Stermary  of  Reference  Missions 


A.  MISSION  PROFILE 


To  give  perspective  to  the  subjects  discussed  in  the  following 
sections,  it  is  helpful  to  examine  the  general  profile  of  a typ- 
ical probe  mission.  The  mission  begins  with  a launch  from  the 
Eastern  Test  Range  (ETR)  at  Cape  Kennedy.  The  prime  launch  ve- 
hicle under  consideration  is  the  Titan  III  five-segment  (Titan 
I HE)  with  Burner  II.  Spacecraft  under  consideration  have  in- 
cluded the  Pioneer  spacecraft  and  a Mariner  class  spacecraft.  The 
Pioneer  spacecraft  is  a spin-stabilized  vehicle  weighing  248  kg 
(547  lb).  The  Mariner-type  vehicle  is  three-axis  stabilized  and 
weighs  approximately  500  kg  (1100  lb).  The  spacecraft  is  launched 
into  a 100-nautical-mile  parking  orbit  and  after  a short  coast  is 
injected  onto  the  interplanetary  trajectory. 

After  the  interplanetary  cruise,  which  may  include  a swingby  of 
an  intermediate  planet,  the  spacecraft  approaches  the  target 
planet.  Tracking  is  initiated  for  a final  midcourse  maneuver 
which  refines  the  spacecraft  trajectory  toward  its  desired 
value.  The  midcouse  is  generally  performed  13  days  before  the 
deflection  maneuver.  In  the  deflection  maneuver,  the  probe  is 
separated  from  the  spacecraft  and  placed  on  a trajectory  inter- 
secting the  target  entry  site.  The  probe-spacecraft  relative 
geometry  is  established  to  achieve  an  effective  communication 
link  during  the  critical  entry  phase  of  the  mission. 

The  probe  remains  dormant  for  a coast  period  of  10  to  50  days. 

Then,  on  the  order  of  an  hour  before  entry,  the  spacecraft  acquires 
the  probe  singla.  Engineering  data  on  the  status  of  the  probe 
and  instruments  are  transmitted.  The  probe  then  enters  the  plan- 
etary atmosphere,  and  probe  transmission  is  terminated  at  the 
sensing  of  0.1  g. 

Following  the  sensing  of  0.1  g,  the  descent  antenna  is  activated. 

As  the  probe  descends  through  the  atmosphere  measurements  are 
taken  and  transmitted  to  the  spacecraft  for  relay  to  the  Earth. 

The  mission  ends  at  pressures  of  about  10  to  30  bars  and  descent 
times  of  about  half  an  hour. 
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LAUNCH  AND  INTERPLANETARY  TRAJECTORIES 


Opportunities  for  Earth-Jupiter  transfer  occur  approximately 
every  13  months  when  the  Earth  and  Jupiter  are  in  superior  con- 
junction. Transfers  divide  naturally  into  two  types:  Type  I 

transfers  with  central  angles  of  le9s  then  180°;  Type  II  with 
central  angles  greater  then  180°  and  having  longer  flight  times. 
This  study  has  been  limited  to  the  analysis  of  Type  I trajec- 
tories in  the  time  period  1978  to  1982.  This  chapter  presents 
the  parametric  data  from  which  the  interplanetary  trajectory  may 
be  selected. 

Launch  Energy 

Fixing  the  launch  and  arrival  dates  essentially  determines  the 
Earth-Jupiter  transfer.  Given  those  dates,  the  heliocentric 
position  vectors  of  Earth  at  launch  and  Jupiter  at  arrival  are 
determined.  By  Lambert's  theorem  (Ref  IV-2),  those  two  vectors 
and  the  time  interval  required  to  traverse  them  determine  the 
heliocentric  conic  that  closely  approximates  the  actual  flight 
path  on  the  mission.  The  geocentric  hyperbola  may  then  be  com- 
puted so  that,  at  departure  from  Earth,  the  velocity  of  the  space- 
craft relative  to  the  Earth  jcalled  the  hyperbolic^excess  veloc- 
ity, VHEj  plus  the  orbital  velocity  of  the  Earth,  V^,  matches 

the  velocity,  VL»  of  the  heliocentric  conic  at  launch: 


The  variable  normally  used  to  discuss  launch  energy  is  C3,  the 
vie  viva  energy,  defined  as  the  square  of  the  magnitude  of  the 
hyperbolic  excess  velocity  or 

c,  ■ VjE  IB-2) 


which  represents  twice  the  energy  per  unit  mass  of  the  spacecraft. 
An  alternative  variable  used  to  describe  launch  energies  is  the 
characteristics  velocity*  V^»  which  represents  the  velocity 

needed  at  the  injection  radius  to  have  the  equivalent  energy,  or 


V*  + 
HE 


2u 

*1 
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For  a given  launch  vehicle,  the  amount  of  payload  that  can  be 
injected  into  interplanetary  trajectories  is  a function  of  the 
launch  energy — the  smaller  the  required  energy,  the  larger  the 
possible  payload. 

Figure  IV-1  illustrates  the  payload  capability  for  the  launch  ve- 
hicles considered  in  this  study:  The  reference  Titan  HIE  five- 

and  seven-segment  vehicles,  both  with  and  without  Burner  II 
stages,  and  updated  performance  data  for  the  Titan  IIIE  five- 
segment  vehicle  with  Burner  II.  The  data  indicated  are  taken 
from  Reference  IV-3  and  IV-4,  respectively.  It  should  be  noted 
that  the  seven-segment  vehicle  is  no  longer  being  considered 
for  development,  but  is  included  here  for  comparison  purposes. 

The  performances  for  standard  Titan  vehicles  are  based  on  a 
launch  azimuth  of  115°,  while  the  updated  lit&n  vehicle  per- 
formance is  evaluated  at  an  azimuth  of  90s.  Performance  data 
for  all  vehicles  assume  a 185-km  parking  orbit.  The  payload  in 
all  cases  refers  to  probe,  spacecraft,  spacecraft  modifications, 
and  adapters.  Generally,  a Pioneer  spacecraft  weighing  about 
249  kg  would  be  launched  by  a standard  five-segment  Titan/Centaur, 
while  a HOPS  (modified  Outer  Planet  Spacecraft)  or,  Mariner  class 
spacecraft,  weighing  about  589  kg  would  require  either  a seven- 
segment  vehicle  or  the  five-segment  Burner  II  vehicle.  Adding 
the  weight  of  a typical  probe  and  spacecraft  modifications  to 
these  weights  demonstrates  that  launch  energies  much  greater 
than  Cl  ■ 130  km2 /sec2  are  not  realizable.  For  certain  com- 
binations, the  maximum  C3  obtainable  is  even  less  than  this 
limit. 
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Figur*  IV-1  Titan  III /Centaur  Performance  Data 
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Figure  IV-2  provides  the  C3  contours  for  launch  years  1978,  1979, 
1980,  and  1981-82,  during  which  years,  it  should  be  noted,  the 
launch  energy  requirements  decrease  progressively.  Using  these 
figures,  reasonable  selections  of  launch  date/arrival  date  (LD/AD) 
and,  equivalently,  the  interplanetary  trajectory  can  be  made. 

Many  of  the  reference  missions  defined  in  Table  IV-1  are  noted  on 
the  figures,  indicated  by  the  mission  indices  provided  in  the  table. 
Special  attention  should  be  given  to  Missions  A,  D,  E and  F 
as  these  are  the  “equivalent"  probe  missions  for  the  years  1979, 
1978,  1980,  and  1982,  respectively,  upon  which  launch  year  com- 
parisons will  be  made. 

Launch  Constraints 


LD/AD  selection  must  consider  other  requirements  in  addition  to 

launch  energy.  A primary  restriction  involves  the  range  safety 

constraint.  Given  a launch  site,  the  launch  azimuth  essentially 

determines  the  ground  trace  of  the  trajectory.  The  standard 

launch  profile  includes  azimuths  from  Z = 90°  to  E ■ 115°. 

L L 

Because  Cape  Kennedy  is  at  28.5°  latitude,  the  maximum  declina- 
tion of  the  launch  asympote,  Vu„,  would  be  BLA  = 28.5°  for 

= 90°,  and  DLA  = 36°  for  E = 115°.  The  range  safety  con- 
straint can  therefore  be  translated  into  the  requirement  that 
the  DLA  must  be  less  than  36°  in  absolute  value.  The  contours 
of  DLA  = 36°  are  indicated  in  Figure  IV-2.  The  constraint  is 
most  restrictive  for  1978  Ty?’  I launches,  eliminating  nearly 
half  the  available  period.  p.y  1980  and  1982,  it  is  of  little 
consequence. 


A second  launch  constraint  is  frequently  imposed  on  the  DLA  to 
avoid  possible  problems  in  navigation  for  the  midcourse  maneuver. 
The  uncertainty  in  the  declination  of  the  spacecraft  is  given  by 


A6 


Ar  /r 

3 / S 

tan  6 
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where  6 is  the  geocentric  declination  of  the  spacecraft,  and 

Ar  and  r are  the  uncertainty  and  mean  value  of  the  spin  axis 
s s 

radius  of  the  station  taking  the  measurement  (Ref  IV-5) . Thus, 
the  navigation  process  is  degraded  when  the  spacecraft  trajec- 
tory is  near  zero  declination.  The  spacecraft  will  be  on  the 
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launch  asymptote  two  to  three  days  after  launch  and  will  there- 
for^ have  the  declination  of  the  asymptote  at  that  time.  If  the 
declination  is  near  zero,  the  critical  tracking  for  the  first 
midcourse  would  then  be  impaired.  Therefore,  the  navigation 
constraint 

i DLA|  - 2°  [B— 5 ] 

is  noted  on  Figure  IV-2  but  is  considered  somewhat  soft.  Two 
relatively  minor  constraints  are  applied  to  parking  orbit  coast 
time  and  daily  launch  windows.  Generally,  parking  orbit  time. 

At  , (at  185-km  orbit)  must  be  less  than  1 hr  and  hopefully  under 
0.5  hr. 

At  < 1 hr  [B-61 

P ~ 

The  daily  launch  window  defined  by  launches  over  the  range  of 

azimuths  E = 90°  to  E = 115°  be  at  least  1 hr. 

L Li 

At  > 1 hr  [B-7] 

These  constraints  are  checked  to  ensure  that  they  are  not  vio- 
lated. 

Arrival  Constraints 

Arrival  constraints  are  placed  on  missions  to  avoid  possibly  poor 
geometries  at  that  critical  time.  Because  the  launch  period 
for  Jupiter  missions  is  generally  a month  or  two  and  the  trip 
time  to  Jupiter  is  greater  than  1%  years,  the  arrival  constraints 
can  usually  be  written  as  a function  of  arrival  date  only,  with 
the  launch  date  assumed  to  be  in  the  middle  of  the  allowable 
launch  period. 

The  most  critical  arrival  constraint  is  an  observability  limita- 
tion. At  the  time  of  arrival  at  Jupiter,  the  spacecraft  must  be 
visible  from  Earth.  If  the  Sun  is  between  Earth  and  Jupiter  at 
this  time,  the  critical  tracking  and  communication  tasks  could 
not  be  performed.  Therefore,  the  SEV  angle  (angle  from  the  Sun 
to  Earth  to  Vehicle  or  Jupiter)  at  arrival  must  be  bounded  away 
from  zero.  The  recommended  constraint  is 

| SEV | > 15°  [B-8] 
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A second  constraint  is  imposed  to  avoid  poor  navigation  at  ap- 
proach to  the  planet.  Because  of’ relation  of  Equation  fB-4], 
the  navigation  process  is  degraded  if  the  spacecraft  arrives  at 
Jupiter  when  the  geocentric  declination  of  Jupiter  is  near  zero. 
Therefore,  the  constraint  is  applied 

6j  t 0°  [B-9] 


However,  a new  navigation  technique  known  as  Quasi-Very  Long  Base- 
line Interferometry  (QVLBI)  has  recently  been  discovered  that  per- 
mits effective  tracking  of  the  spacecraft  even  when  this  constraint 
is  violated  (Ref  IV- 6) . Thus,  the  constraint  can  be  de-emphasized 
if  this  technique  can  be  used.  Arrival  dates  resulting  in  poor 
navigation,  6^  ■ 0,  are  also  noted  in  Figure  IV-2. 


A key  parameter  defining  the  arrival  geometry  is  the  hyperbolic 
excess  velocity  at  the  planet,  Vu_,  defined  by 

Hr 


[B-10] 


where  V.  is  the  velocity  on  the  interplanetary  transfer  conic  at 
arrival,  and  Vp^  is  the  orbital  velocity  of  the  planet  at  arrival. 

For  Jupiter  missions,  the  magnitude  of  this  vector  varies  between 
approximately  5 and  13  km/sec,  as  indicated  in  Figure  IV-3(b) . 

The  major  impact  of  VHp  magnitude  is  on  coast  time  from  deflec- 
tion to  periapsis;  V^p  affects  entry  velocity  only  very  slightly. 

The  results  of  both  these  variations  are  indicated  in  Figure  IV-4. 
Of  more  importance  is  the  direction  of  the  V B vector  relative  to 

— X __X 

the  Sun  and  Earth.  Let  V^g  and  Vjp  represent  the  vectors  from 
Jupiter  to  the  Sun  and  Earth,  respective,  at  the  arrival  time. 

The  ZAE  angle  is  defined  at  the  angle  between  the  V D and  VTT? 

vectors,  as  indicated  in  Figure  IV-3(b) . The  ZAE  value  fixes 
the  geometry  of  the  approach  relative  to  Earth.  Therefore,  for 
example,  it  contributes  to  the  efficacy  of  approach  orbit  deter- 
mination. Values  of  ZAE  near  90°  generally  lead  to  a degradation 
of  the  tracking  process  as  the  acclerative  effects  of  the  target 
planet  are  in  the  plane  normal  to  the  Earth-spacecraft  line,  and 
the  effects  on  tracking  are  reduced.  However,  with  a planet  as 
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large  as  Jupiter,  accelerative  effects  are  large  enough  to  reduce 
the  effect  of  this  condition.  Values  of  ZAE,  as  functions  of  the 
arrival  date,  are  given  in  Figure  IV-3(b) . For  reference  purposes, 
the  C3  contours  indicate  the  dates  where  the  following  constraint 
is  violated. 

|ZAE  - 90° | > 5°  [B-ll] 

The  ZAP  angle  is  defined  as  the  angle  between  the  V and  the  V- 

IlF  Jb 

vectors,  as  indicated  in  Figure  IV-3.  This  parameter  determines 
the  lighting  conditions  of  the  approach  trajectory. 

4.  Launch  Opportunity  Comparisons 

The  data  presented  in  the  previous  subsections  may  be  combined  to 
determine  general  conclusions.  Figure  IV-5  plots  available  pay- 
load  (probe,  spacecraft,  spacecraft  modifications,  and  spacecraft- 
launch  vehicle  adapter)  versus  trip  time  for  the  1979  launch  op- 
portunity. The  result  is  that  for  a 20-day  launch  period  satis- 
fying the  range  safety  constraint,  the  optimal  trip  time  is 
slightly  less  than  700  days.  This  corresponds  to  missions  ar- 
riving at  Jupiter  just  before  Jupiter  is  occulted  by  the  Sun. 

The  payload  is  based  on  the  standard  performance  data  for  the 
five-segment  Titan  with  the  Burner  II  stage. 

Figure  IV-6  provides  a comparison  of  the  four  launch  opportunities 
between  1978  and  1982.  The  payloads  are  based  on  20-day  launch 
periods  for  the  reference  missions  noted  for  each  opportunity  in 
Figure  IV-2,  assuming  the  standard  performance  data  for  the  Titan 
IllD/Bumer  11  vehicle.  The  progressive  improvement  with  each 
year  is  clear.  Several  reference  weights  are  also  indicated  on 
the  figure  to  aid  interpretation  of  the  results. 


C.  APPROACH  ORBIT  DETERMINATION 


The  purpose  of  the  approach  orbit  determination  is  to  estimate  the 
knowledge  and  control  uncertainties  at  the  probe  deflection  point. 
These  uncertainties  partially  determine  the  dispersions  that  must 
be  accounted  for  in  the  mission.  (See  Section  E.) 

1.  Procedure  and  Ground  Rules 


The  approach  orbit  determination  sequence  for  the  missions  can 
be  summarized  as  follows:  tracking  is  performed  to  the  point  13 

days  before  the  deflection  maneuver,  at  which  time  a final  mid- 
course maneuver  is  performed.  Mapping  of  this  uncertainty  co- 
variance  forward  to  the  probe  deflection  time  determines  the 
control  covariance.  Continued  tracking  to  the  time  of  probe 
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Payload  Weight 


deflection  results  in  the  knowledge  covariance.  For  the  missions 
considered  in  this  study,  the  additional  tracking  does  not  pro- 
duce much  of  a decrease  in  this  covariance.  The  knowledge  co- 
variance  is  generally  only  5 to  10%  smaller  than  the  control  if 
a sufficient  amount  of  tracking  has  been  performed  for  the  mid- 
course maneuver.  Thus,  data  will  be  presented  only  in  terms  of 
control  uncertainties.  In  all  cases,  tracking  is  performed  by 
the  Deep  Space  Network  (DSN) . 

The  navigation  analyses  concentrated  on  three  of  the  missions 
summarized  in  Table  IV-1  of  this  chapter.  Jupiter  studies  were 
largely  based  on  the  Jupiter  Nominal  mission  (Mission  A)  which 
has  the  same  approach  trajectory  as  the  alternative  Jupiter  mis- 
sions, Missions  £ and  C.  Saturn  studies  were  performed  for  Mis- 
sion H,  the  Saturn/Fast  JS  77.  It  represents  somewhat  of  a 
"worst  case"  trajectory  for  Saturn  as  the  geocentric  declination 
of  Saturn  passes  through  zero  30  days  before  deflection,  or  40 
days  before  Saturn  encounter.  Tracking  at  Uranus  was  analyzed 
using  the  approach  trajectory  consistent  with  the  JU  79  mission. 

Mission  J.  Brief  assessments  were  made  of  the  comparable  Jupiter 
missions  for  other  years,  Missions  D,  E,  and  F. 

The  mathematical  model  use  to  simulate  the  navigation  and  guid- 
ance sequence  is  discussed  in  detail  in  Ref  IV-15.  Briefly,  at 
any  point  along  the  spacecraft  trajectory,  probabilistic  dis- 
persions are  described  by  control  and  knowledge  covariances. 

The  control  covariance,  P , defines  uncertainties  between  the 

c 

nominal  (or  desired)  trajectory  and  possible  actual  trajectories. 

The  knowledge  covariance,  P^,  defines  uncertainties  between  the 

actual  trajectory  and  possible  estimates  of  that  trajectory.  The 
knowledge  covariance  is  linearly  propagated  between  measurements. 

At  measurements,  the  knowledge  covariance  is  reduced  by  the  new 
information  content  of  that  measurement. 

It  is  inconvenient  to  describe  the  trajectory  uncertainties  by 
giving  the  6x6  covariances  in  terms  of  Cartesian  coordinates. 

Usually,  these  uncertainties  are  translated  into  the  more  intui- 
tive quantities  of  impact  plane  and  time-of-f light  uncertainties. 

The  impact  plane  is  defined  as  the  plane  centered  at  the  target 
body  normal  to  the  approach  asymptote  S.  (See  Fig.  IV-7.)  The 
impact  parameter, ~tv  is  the  vector  from  the  center  of  the  planet 
to  the  point  at  which  the  asymptote  pierces  the  impact  plane. 

The  T axis  in  the  plane  is  defined  by 

T - SJUL.  [B-12J 

|s  x k| 
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Figure  IV-7  Impact  Plane  and  Uncertainty  Ellipee 


where  K is  the  normal  to  the  ecliptic  plane.  The  R axis  completes 
The  RST  right-hand  system 

R - S x T [ B— 13] 

The  angle  0 is  the  angle  from  the  T axis  to  the  B vector. 

The  distribution  of  dispersed  trajectories  can  be  described  by 
an  ellipse  centered  about  the  nominal  impact  point  (Fig.  IV-7(b)). 

Ellipse  size  is  specified  by  the  semi-major  (SMAA)  and  semi-minor 
(SMIA)  axes.  The  orientation  is  given  by  the  angle  6.  Time-of- 
flight  uncertainty  is  then  the  uncertainty  in  the  time  at  which 
the  impact  plane  is  pierced. 

The  principal  variables  affecting  the  navigation  and  guidance 
analysis  are  tracking-station  location  uncertainties!  tracking- 
station  measurement  noise,  and  planetary  mass  and  ephemeris 
uncertainties.  The  coordinate  system  used  is  the  ecliptic 
equinox. 

The  DSN  tracking  data  used  in  the  study  are  in  Table  IV-2. 

Equivalent  station  location  errors  are  three  times  larger  than 
the  most  optimistic  predictions  for  the  late  1970s  (Ref  IV-5) , 
but  are  realistic  in  light  of  recent  estimates  for  Viking  1975. 

The  Doppler  and  range  data  noise  are  taken  from  Reference  IV-7, 
supplied  by  the  contractor.  The  measurement  noise  of  0.3  mm/sec 
for  a 1-min  count  time  is  simulated  by  taking  10  measurements 
per  day  and  using  a Doppler  uncertainty  of  0.025  mm/sec  (1  a). 

Additional  data  types  appear  necessary  to  alleviate  tracking 
problems  at  the  outer  planets.  When  an  approach  trajectory  has 
near-zero  geocentric  declination,  as  the  case  for  the  nominal 
trajectories  at  Jupiter  and  Saturn,  it  may  be  necessary  to  intro- 
duce QVLBI  measurements  (Ref  IV-6).  These  measurements  are 
modeled  as  near-simultaneous  range  measurements  from  two  track- 
ing stations  widely  separated  in  latitude.  The  noise  level  for 
these  measurements  is  3 to  6 meters.  Some  cases  with  optical 
tracking  are  considered  and  for  these,  the  optical  tracking  is 
modeled  with  star-planet  angle  (SPA)  and  apparent  planet  diam- 
eter (APD)  measurements.  The  noise  level  for  these  measurements 
is  10  arc-sec.  Optical  measurements  are  simulated  by  making  one 
APD  measurement  and  three  simultaneous  SPA  measurements  uach 
24  hours  during  those  periods  of  time  that  optical  tracking  is 
being  used. 

The  planetary  ephemeris  and  mass  uncertainties  are  based  on 
References  IV-8  and  IV-9.  The  values  are  given  in  Table  IV-3. 
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Table  IV- 2 DSN  Tracking  Data  Swrnary 


Tracking  Stations 

Equivalent  Station  Location  Errors  (1  a) 

Madrid 

Canberra 

Golds tone 

l 

Distance  from  earth  spin  axis,  m 1.5 

) 

Longitudinal  distance,  m 3.0 

Distance  parallel  to  spin  axis,  m 2.0 

Station  longitude  correlation  0.97 

1 

Doppler  noise:  0.5m,  5xl04  sec  count  time  "0.3  mm/sec  for 

1-min  count  time 

Range  nois . : 150  m 

Table  IV-3  Planetary  Ephemerie  and  Maee  Uncertainties  Cl  a) 


Error 

Jupiter 

Saturn 

Uranus 

In-orbit  track,  km 

500 

750 

10,000 

Radial,  km 

300 

750 

10,000 

Out-of-plane,  km 

100 

250 

2,000 

Mass 

1.4x10" 5 Mj 

1.14xl0“4  Mg 

3.7xl0“3  My 

2. 


Approach  Orbit  Determination 

The  covariances  at  the  time  of  deflection,  which  result  from  the 
approach  orbit  determination  phase  of  the  mission,  are  functions 
of  approach  trajectory,  length  of  tracking  arc,  type  of  tracking 
data,  and  radius  of  deflection. 


a.  Approach  Trajectory  - The  geocentric  equatorial  declination 
at  approach  has  a very  important  effect  on  orb.lt  determination. 
It  is  important  because  Doppler  tracking  degenerates  for  small 
values  of  this  parameter  according  to  the  formula 


A6  » 


Ar  /x 
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where  & is  the  declination,  r is  the  distance  of  the  tracking 

s 

station  from  the  spin  axis  of  the  Earth,  and  A6  and  Arg  are  the 
respective  uncertainties  in  those  parameters. 

Figure  IV-8  illustrates  the  variation  of  the  geocentric  equatorial 
declination  of  Jupiter,  Saturn,  and  Uranus  over  an  interval  of 
about  six  years  covering  the  region  of  interest  for  this  study. 
Also  shown  are  the  spacecraft  declinations  for  the  Jupiter  and 
Saturn  approaches.  The  Uranus  approach  remains  essentially  con- 
stant at  -23°  declination.  Table  IV— 4 gives  the  control  uncer- 
tainties for  the  Jupiter  reference  trajectories  for  1978,  1979 
(nominal  probe  optimal  mission),  1980,  and  1982.  It  is  seen 
that  indeed  for  the  1979  mission,  the  near  zero  declination  geom- 
etry results  in  degradation  of  the  orbit  determination. 

Tracking  Data  Type  - When  tracking  data  for  Jupiter,  Saturn, 
and  Uranus  are  compared,  it  is  seen  that  the  uncertainties  are 
progressively  larger.  Table  IV-5  shows  data  for  the  approach 
orbit  determination  at  the  three  planets  using  only  ground-based 
DSN  tracking.  The  increase  in  uncertainties  with  increasing  dis- 
tance from  the  Earth  is  due  primarily  to  the  increasing  size  of 
the  ephemeris  errors  for  the  more  distant  outer  planets. 

The  QVLBI-type  of  measurement  can  partially  alleviate  the  problem 
at  Jupiter  and  Saturn  as  it  shown  in  Table  IV-6.  Both  long  and 
short  tracking  arcs  are  shown  for  Saturn  as  well  as  two  noise 
levels  for  the  QVLBI  measurements.  At  Uranus,  however,  zero 
declination  is  not  a problem;  the  tracking  difficulty  is  due  al- 
most entirely  to  the  very  large  ephemeris  errors.  Ground-based 
tracking  is  unable  to  observe  any  significant  gravitational  ef- 
fect of  the  planet  on  the  trajectory  until  quite  near  the  planet 
(R  < 106  km).  Thus,  to  reduce  the  uncertainties  to  reasonable 
levels,  some  sort  of  onboard  optical  tracking  system  will  be  nec- 
essary at  Uranus.  Table  IV-7  compares  ground-based  tracking  only, 
to  ground-based  plus  optical  tracking  for  both  Saturn  and  Uranus. 

It  is  seen  that  significant  improvements  are  made  at  both  planets, 
although  the  time-of-f light  error  for  Uranus  remains  quite  large. 
Figure  IV-9(a)  shows  the  B-plane  dispersions  at  Saturn  with  range/ 
Doppler  tracking  only,  with  the  addition  of  QVLBI,  and  optical 
t acking.  Figure  IV-9(b)  shows  the  effect  of  a QVLBI  measurement 
as  tracking  proceeds  along  a 30-day  arc. 
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Table  IV-4  Variation  of  Control 
Uncertainty  with 
Jupiter  Launch  Date 


CONTROL 

UNCERTAINTY  AT  DEFLECTION 

YEAR 

SMAA 

km 

X 

SMIA 

km 

X 

TOF 

sec 

1978 

972 

X 

287 

X 

46 

1979 

1511 

X 

311 

X 

46 

1980 

714 

X 

256 

X 

44 

1982 

458 

X 

242 

X 

44 

Table  IV-S  Control  Uncertainties  at  Jupiter , 

Saturn , and  Uranus  for  DSN  Tracking 
Only 


CONTROL  UNCERTAINTY  AT  DEFLECTION 

SMAA  SMIA  TOF 


PLANET 

km 

X 

km 

X 

sec 

Jupiter 

Nominal 

79 

1511 

X 

311 

X 

46 

Saturn/ 
Fast  JS 

77 

2178 

X 

760 

X 

40 

Uranus/ 
JU  79 

9407 

X 

2411 

X 

1003 

For  80-day  tracking  arc. 


Probe  deflection  radii  are  Jupiter 
30M  km,  Saturn  10M  km,  Uranus  5M  km. 
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Table  IV- 6 Effect  of  QVLBI  Measurement  on  Control 

Uncertainties 


CONTROL  UNCERTAINTY 

AT  DEFLECTION 

SMAA 

SMIA 

TOF 

PLANET 

km 

X 

km 

X 

sec 

Jupiter  Nominal  79  (80- 
day  arc)  — 

range/ range-rate 

1511 

X 

311 

X 

46 

with  QVLBI 

1289 

X 

308 

X 

49 

Saturn/Fast  JS  77 
(80-day  arc) — 

rang e/range- rate 

2178 

X 

760 

X 

40 

with  QVLBI 

1100 

X 

759 

X 

40 

Saturn/Fast  JS  77 
(30-day  arc) — 

range/ range- rat  e 

3943 

X 

1067 

X 

138 

with  QVLBI  - 3m  noise 

1600 

X 

1055 

X 

70 

with  QVLBI  - 6m  noise 

3010 

X 

1063 

X 

122 

For  the  80-day  arc,  the  QVLBI  measurement  is  after 
20  days 

For  the  30-day  arc,  the  QVLBI  measurement  is  after 
5 days 

Both  tracking  arcs  at  Saturn  terminate  at  10M  km 
radius 


Table  IV- 7 Effect  of  Optical  Tracking  on  Control 

Uncertainties 


CONTROL  UNCERTAINTY 

AT  DEFLECTION 

SMAA 

SMIA 

TOF 

PLANET 

km 

X 

km 

X 

sec 

Saturn/Fast  JS  77 

range/ range- rate 

3943 

X 

1067 

X 

138 

with  optical 
Uranus/JU  79 

468 

X 

234 

X 

39 

range/ range-rate 

9407 

X 

2411 

X 

1003 

with  optical 

i.277 

X 

424 

X 

440 

For  30-day  tracking  arc 
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c.  Tracking  Arc  Length  - Generally,  a 30-  to  40-day  tracking  arc 
is  sufficient  for  ground-based  tracking  to  reduce  the  uncertainties 
to  a level  consistent  with  the  measurement  and  dynamic  error  models 
assumed.  However,  this  is  not  the  case  for  the  nominal  Jupiter 
and  Saturn  approach  trajectories  due  to  the  zero  declination  prob- 
lem. For  both  trajectories,  zero  declination  is  reached  about  30 
days  before  deflection  (Fig.  IV-7)  so  that  a 30-  to  40-day  track- 
ing arc  produces  significantly  worse  results  than  an  80-day  arc. 
This  is  shown  in  Table  IV-8.  If  short  tracking  arcs  are  required 
for  these  trajectories,  then  an  additional  data  type  may  be  neces- 
sary, either  QVLB1  or  optical  measurements. 

Table  IV-8  Effect  of  Tracking  Arc  Length 
on  Control  Uncertainties  Hear 
Zero  Declination 


CONTROL  UNCERTAINTY 


PLANET 

SMAA 

km 

X 

SMIA 

km 

X 

T0F 

sec 

Jupiter1  (80-day  arc) 

1511 

X 

311 

X 

46 

Jupiter1  (30-day  arc) 

2613 

X 

459 

X 

147 

Saturn2  (80-day  arc) 

2178 

X 

760 

X 

40 

Saturn2  (30-day  arc) 

3943 

X 

1067 

X 

138 

Ground-based  range/range-rate  tracking  only 
* Jupiter  Nominal  79 
2Saturn/Fast  JS  77 


d.  Radius  of  Deflection  - Increasing  the  deflection  radius  gen- 
erally increases  trajectory  uncertainties.  This  is  to  be  expected 
since  being  nearer  to  the  target  planet  leads  to  greater  accelera- 
tions on  the  trajectory,  which  can  be  picked  up  by  the  navigation 
algorithm.  The  increasing  uncertainty  with  radius,  however,  is 
rather  small  compared  to  the  variation  in  uncertainty  due  to 
length  of  tracking  arc  or  additional  data  types.  Data  for  Jupiter, 
Saturn,  and  Uranus  are  shown  in  Table  IV-9. 


Table  IV -9  Effect  of  Deflection  Radius  on 
Control  Uncertainties 


CONTROL  UNCERTAINTY 

PLANET 

(deflection  radius) 

SMAA 

km 

X 

SMIA 

km 

X 

T0F 

sec 

Jupiter^  (1QM  km) 

1509 

X 

207 

X 

38 

(20M  km) 

1566 

X 

236 

X 

42 

(30M  km) 

1511 

X 

311 

X 

46 

(50M  km) 

1315 

X 

361 

X 

66 

Saturn2  (10M  km) 

2178 

X 

760 

X 

40 

(20M  km) 

2198 

X 

770 

X 

67 

(30M  km) 

2253 

X 

767 

X 

85 

Uranus3  (5M  km) 

9407 

X 

2411 

X 

1003 

(10M  km) 

9438 

X 

2421 

X 

1011 

(15M  km) 

9441 

X 

2422 

X 

1013 

Jupiter  Nominal  79 
2Satum/Fast  JS  77 
3Uranus/JU  79 

D.  PLANETARY  ENCOUNTER 


The  planetary  encounter  phase  of  the  mission  Is  taken  to  mean  that 
part  of  the  mission  characterized  by  conic  trajectories  for  the 
probe  and  spacecraft.  The  prime  problems  associated  with  planetary 
encounter  Include  the  design  of  the  communication  relay  link,  the 
selection  of  the  approach  trajectory,  and  the  analysis  of  the  de- 
flection maneuver.  These  three  problems  are  obviously  not  In- 
dependent of  each  other  but  must  be  worked  In  an  Integrated 
fashion;  they  will,  however,  be  discussed  In  the  order  stated  as 
much  as  possible.  An  analysis  of  the  problem  of  designing  the 
encounter  phase  when  a probe  and  orbiter  mission  are  combined 
will  then  be  given.  This  section  will  be  limited  to  determin- 
istic considerations  only,  the  following  section  will  discuss 
dispersion  effects. 
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Design  of  Relay  Link 


The  design  of  the  relay  link  has  a dominant  influence  on  the  entire 
planetary  encounter  phase.  It  affects  the  selection  of  the  approach 
trajectory  whenever  that  option  is  available.  It  places  major  de- 
sign requirements  on  the  deflection  maneuver.  It  also  is  a prime 
consideration  in  the  investigation  of  probe/orbiter  missions. 

The  key  parameters  associated  with  the  relay  link  analysis  are  il- 
lustrated in  Figure  IV-10.  During  the  pre-entry  phase,  the  probe 
is  assumed  to  move  on  a conic  trajectory  in  the  attitude  required 
at  entry  for  zero  relative  angle  of  attack.  During  the  entry 
phase,  the  probe  rotates  so  its  axis  is  radial  relative  to  the 
center  of  the  planet.  During  the  descent  phase,  the  probe  is  on 
a parachute  descending  along  a radius  vector  as  that  vector  ro- 
tates about  the  center  of  the  planet  at  the  angular  rotation  rate 
of  the  planet.  Definitions  of  the  relevant  parameters  follows. 


Pre-entry  Phase 


4>E  is  the  angle  the  probe  rotates 

through  in  going  from  the  pre-entry 
attitude  to  the  descent  attitude. 


Figure  IV-10  Relay  Link  Parameters 
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Probe  Aspect  Angle  (PAA) , <p  - The  angle  between  the  axis  of  the 
probe  and  the  probe-to-spacecraft  range.  The  PAA  time  history  has 
a discontinuity  at  entry  corresponding  to  the  instantaneous  rota- 
tion of  the  probe  from  pia-entry  to  descent  attitude.  The  PAA 
would  optimally  be  identically  zero;  practically  this  is  not  pos- 
sible. The  larger  the  values  of  the  PAA,  the  more  power  is  re- 
quired for  the  probe  antenna. 

Relay  or  Communication  Range  (p)  - The  distance  between  the  probe 
and  spacecraft.  This  optimally  is  kept  as  small  as  possible. 

Lead  Angle  (\)  - The  angle  between  the  spacecraft  radius  and  the 
probe  radius  (projected  into  the  spacecraft  plane,  if  necessary) 
at  entry.  If  A is  negative,  the  probe  leads  the  spacecraft  at 
entry;  if  positive,  the  spacecraft  leads. 

Lead  Time  \t^\  - The  time  from  entry  to  spacecraft  periapsis  pas- 
sage . If  t^  is  positive  (the  usual  case)  entry  occurs  before  the 
spacecraft  has  passed  periapsis. 

Cone  Angle  (CA)  Clock  Angle  (CLA)  - The  CA  and  CLA  are  here  ref- 
erenced to  Earth  and  Canopus.  The  CA  is  the  angle  included  by  the 
Earth-spacecraft-probe  alignment.  The  CLA  then  locates  that  direc- 
tion relative  to  Canopus.  A detailed  illustration  is  provided  in 
Section  E of  this  chapter. 

The  probe  aspect  angle  and  the  relay  range  are  the  two  parameters 
most  related  to  the  link  performance,  and  these  should  be  held  to 
as  small  values  as  possible.  Generally,  however,  the  probe  aspect 
angle  is  the  more  important  consideration;  probe  power  require- 
ments are  generally  reduced  as  the  probe  aspect  angle  is  reduced. 

During  the  descent  phase,  the  probe  is  moving  at  the  same  angular 
rate  &3  the  planet.  Thus,  if  the  spacecraft  were  directly  over- 
head at  entry  (A  - 0)  and  moved  at  the  same  angular  rate  as  the 
planet's  rotation  rate,  the  probe  aspect  angle  would  be  zero.  The 
attempt  to  achieve  this .is  rotation  rate .matching.  The  angular 
rate  of  the  spacecraft  6 is  given  by  r2  0 ■ h,  where  h is  the  angu- 
lar momentum  of  the  spacecraft  (determined  by  the  approach  velocity, 
V , and  the  periapsis  radius,  R_) . Since  r is  a function  of  time, 

nr  r 

the  rotation  rate  of  the  spacecraft  may  be  computed  as  a function 
of  time  for  varying  periapsis  radii. 


The  results  of  such  a study  for  the  planets  under  investigation  is 
provided  in  Figure  IV-11.  The  rotation  rate  of  each  planet  is  in- 
dicated on  the  figures.  To  assess  the  sensitivity  of  the  results, 
the  rotation  rates  encountered  when  the  approach  velocity  is  varied 
is  indicated  for  the  1.5  Rp  trajectory  for  each  planet.  It  should 

be  noted  that  the  results  given  here  are  for  equatorial  entries 
only;  the  effective  rotation  rate  of  the  probe  is  decreased  as  the 
latitude  moves  away  from  zero. 

The  selection  of  an  effective  communication  geometry  for  a given 
mission  requires  an  iterative  search.  The  descent  time  for  mis- 
sions considered  in  this  study  are  generally  about  half  an  hour 
for  all  planets.  Thus,  the  rotation  rate  matching  snould  be  done 
to  obtain  equal  rates  averaged  over  this  interval  of  time.  Suppose 
for  definiteness,  the  flyby  periapsis  is  constrained  to  be  2 Rj  for 

a Jupiter  mission.  Then,  it  appears  that  the  lead  time  should  be 
about  1.3  hr  to  obtain  effective  rate  matching.  However,  the 
nominal  PAA,  although  staying  roughly  constant  through  the  mission, 
might  be  at  a large  value.  Thus,  it  may  be  desirab1e  to  decrease 
the  lead  time,  which  would  result  in  the  spacecraft  angular  rate 
being  greater  than  that  of  the  probe,  and  choose  a lead  angle  that 
would  have  the  probe  initially  leading  the  spacecraft  at  such  a 
value  that  during  descent  the  spacecraft  would  overtake  the  probe. 

The  inclination  of  the  probe  and  spacecraft  trajectories  must  also 
be  considered  in  designing  the  link.  The  optimal  arrangement  is 
to  have  the  probe  and  spacecraft  trajectories  both  equatorial.  If 
the  probe  enters  at  a nonzero  latitude,  during  the  descent  it  v;ill 
rotate  on  a contour  of  constant  latitude.  The  spacecraft  trace  is 
a great  circle;  therefore,  the  relative  inclination  of  the  two  or- 
bits must  be  chosen  with  care.  This  is  especially  critical  with 
Uranus  missions.  Since  Uranus  pole  is  approximately  in  the  eclip- 
tic plane,  it  is  generally  impossible  to  obtain  equatorial  flybys. 
(The  approach  velocity  VHp  at  Uranus  is  typically  along  the  pole 

and  since  the  flyby  orbit  plane  must  contain  this  vector,  low  in- 
clination orbits  are  impossible.) 

The  finalized  communication  geometries  for  each  of  the  design  mis- 
sions are  provided  in  Figures  V-74,  V-100,  V-113,  VI-16,  and  VII-12. 
A typical  Neptune  geometry  is  given  in  Figure  VIII-2. 
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Selection  of  Approach  Trajectory 


For  many  missions,  the  selection  of  the  approach  trajectory  is 
constrained  by  considerations  other  than  those  of  the  probe  mis- 
sion. Thus,  for  missions  involving  gravity-assist  swingbys,  satel- 
lite encounters,  or  orbiter  requirements,  there  may  be  little  free- 
dom in  the  selection  of  the  spacecraft  approach  trajectory.  For 
probe-dedicated  missions,  however,  the  flyby  geometry  may  be  se- 
lected to  obtain  advantageous  results. 

The  rotation  rate  matching  data  (Fig.  IV-11)  is  applicable  for 
such  an  analysis.  The  periapsis  radii  that  result  in  effective 
rate  matching  for  small  lead  time  missions  of  descent  times  near 
30  min  are  about  2.7  Rj,  2.5 

Saturn,  Uranus,  and  Neptune,  respectively.  The  optimal  periapsis 
radius  is  actually  also  dependent  upon  the  approach  velocity,  VKp, 

and  the  probe  entry  angle,  and  would  involve  some  iteration  to 
determine.  Using  the  first  guess  of  the  optimal  periapsis  radius, 
the  contours  of  possitxe  entry  sites  and  possible  subperlapsis 
points  would  be  constructed.  (Similar  to  Fig.  IV-30  thru  IV-33) . 

The  time  for  the  spacecraft  to  move  from  the  entry  site  to  periapsis 
would  be  computed  and  usud  as  the  first  estimate  of  optimal  lead 
time.  The  rotation  rate  matching  figure  would  be  consulted  and 
a better  guess  on  the  spacecraft  periapsis  radius  made.  The  proc- 
ess would  be  continued  until  convergence  at  the  optimal  value. 

Thus,  there  really  is  no  standard  optimum  periapsis  radius;  it 
is  very  much  a function  of  approach  velocity,  entry  angle,  and 
descent  time.  The  values  given  above  are  thus  to  be  used  as 
reasonable  approximations  of  the  optimum. 

3.  Deflection  Maneuver  Parame tries 


Rg,  3.5  Ry,  and  5.0  R^  for  Jupiter 


The  deflection  maneuver  must  accomplish  three  objectives:  (1) 

place  the  probe  on  a trajectory  intersecting  the  desired  entry 
site,  (2)  orient  the  probe  for  zero  relative  angle  of  attack  at 
entry,  (3)  establish  an  effective  relay  link  between  the  probe  and 
spacecraft. 

The  communication  geometries  that  lead  to  effective  links  have  been 
dlscne^ed  in  the  previous  two  sections.  This  section  will  compare 
three  modes  for  performing  the  deflection  maneuver  and  then  give 
parametric  data  on  deflection  &V  requirements. 
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a.  Comparison  of  Deflection  Modes  - Three  modes  for  implementing 
the  deflection  maneuver  have  been  identified  for  analysis . Each 
can  be  used  to  acquire  a given  entry  site  and  a desired  communica- 
tion geometry.  The  resulting  trajectories  for  both  the  probe  and 
spacecraft  are  almost  identical  for  the  three  modes.  The  signif- 
icant difference  is  in  the  deflection,  AV,  rotations  required, 
and  the  procedure  used  to  effect  che  maneuver. 

The  first  mode  is  the  probe  deflection  mode.  Here,  the  spacecraft 
is  targeted  to  fly  by  the  planet  at  the  desired  periapsis  and  ir- 
clination.  At  the  deflection  point,  the  AV  magnitude  and  direc- 
tion are  determined  so  as  to  deflect  the  probe  to  the  entry  site 
and  establish  the  desired  communication  geometry  between  the  probe 
and  spacecraft.  The  probe  must  be  aligned  independently  for  the 
required  attitude  for  zero  angle  of  attack.  The  AV  and  rotation 
generated  can  be  executed  in  two  distinct  sequences  depending  on 
the  type  of  thrusters  used  by  the  probe. 

1)  Axial  Thrusters  - The  spacecraft  is  first  rotated  off  Earth 
lock  to  orient,  spinup,  and  release  the  probe  so  its  axis  is 
in  the  direction  of  deflection  AV.  Deflection  velocity  ij 
fired  by  the  probe.  The  probe  is  then  precessed,  using  an 
attitude  control  system  (ACS),  to  obtain  the  attitude  re- 
quired for  entry.  The  spacecraft  reacquires  Earth  lock  after 
probe  release. 

2)  Nonaxial  Thrusters  - The  spacecraft  rotates  off  Earth  lock, 
spins  up,  and  releases  the  probe  for  zero  angle  of  attack. 

\ single  thruster  aligned  in  the  required  AV  direction  (or  a 
combination  of  thrusters  whose  net  effect  is  in  the  same  di- 
rection), then  fires  the  deflection  AV  to  accomplish  the 
maneuver.  This  thrust  must  not  destroy  the  attitude  of  the 
probe.  The  difficulty  in  implementing  this  scheme  makes  it 
inferior  to  the  first  scheme. 

The  first  mode,  therefore,  requires  that  the  probe  either  have  a 
AV  precession  and  ACS  capabilities,  or  a very  sophisticated  AV 
capability. 

The  second  mode  is  the  shared  deflection.  The  spacecraft  is  again 
targeted  to  flyby  conditions.  In  this  mode,  tae  probe  AV  is  con- 
strained to  the  direction  required  for  zero  angle  of  attack.  The 
magnitude  is  chosen  so  that  the  probe  trajectory  intersects  the 
desired  entry  site.  The  spacecraft  must  then  be  accelerated  to 
establish  the  required  communications  geometry.  This  correction 
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is  applied  in  the  direction  of  spacecraft  velocity  to  minimize 
perturbations  to  the  spacecraft  trajectory.  The  implementation 
sequence  for  this  mode  follows. 

1)  The  spacecraft  rotates  off  Earth  lock,  spins  up,  and  releases 
the  probe  for  the  zero  angle  of  attack. 

2)  The  probe  then  fires  its  axial  thruster  for  its  deflection 
AV. 

3)  The  spacecraft  is  then  rotated  to  align  it  in  the  direction 
of  its  velocity. 

4)  After  applying  the  correction  velocity,  the  spacecraft  is  re- 
oriented toward  Earth. 

Thus,  the  probe  is  only  required  to  generate  the  axial  thrust; 
the  spacecraft  handles  the  other  maneuvers. 

The  third  mode  of  deflection,  spacecraft  deflection,  has  the 
simplest  probe  requirements  of  the  candidate  modes.  The  space- 
craft trajectory  is  initially  targeted  to  impact  the  entry  site. 

The  probe  is  spun  up  and  released  for  zero  angle  of  attack.  The 
spacecraft  is  then  deflected  away  from  the  planet  to  establish 
communication  geometry  and  required  flyby  radius.  Thus,  the  space- 
craft performs  all  the  maneuvers,  and  the  probe  is  kept  as  simple 
as  possible. 

The  deflection  sequences  for  the  three  modes  when  applied  to  the 
nominal  Jupiter  mission  are  given  in  Figure  IV-12.  A comparison 
of  AV  requirements  for  a variety  of  Jupiter  missions  is  given  in 
Figure  IV-13. 

b . Comparison  of  Deflection  bV  Requirements  - Deflection  AV  re- 
quirements are  given  for  a wide  range  of  parametrics  in  Figure 
IV-13.  The  important  trands  will  be  summarized  here. 

Deflection  Radius  - The  AV  requirements  are  reduced  drastically 
as  deflection  radius  is  increased.  This  is  apparent  from  the 
significant  downward  slopes  of  all  the  curves  even  when  plotted 
on  a logarithmic  scale  as  in  Figure  IV-13. 
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Probe  Deflection  Orientation 


AV,  m/sec  AV,  m/sec 


Spacecraft  Periapsis  - The  AV  requirements  are  about  linearly 
proportional  to  the  spacecraft  periapsis;  doubling  the  periapsis 
radius  doubles  the  AV  requirement  for  a fixed  deflection  radius. 

Sntry  Angle  - The  AV  requirements  increase  with  entry  angle  as 
indicated  for  Uranus.  For  the  Jupiter  nominal  mission  (2  peri- 
apsis, 10xl06  km  deflection  radius) , the  AV  requirements  increased 
from  205  to  221  to  249  m/sec,  respectively,  as  the  entry  angle 
increased  from  -10°  to  -20°  to  -30°. 

Approach  Velocity  - The  AV  requirements  increase  only  slightly 
with  approach  velocity  VHp.  For  the  Jupiter  nominal  mission  (2 

Rj  periapsis,  10xl06  km  deflection  radius,  -20°  entry  angle,  the 

AV  increased  from  214  to  221  to  225  m/sec  as  the  Vun  was  increased 

HP 

from  5 to  8.47  to  11  m/sec. 

Deflection  Mode  - A comparison  of  the  AV  requirements  for  the  three 
deflection  modes  is  provided  in  Figure  IV-13.  The  AV  requirements 
for  the  probe  in  probe  deflection  and  the  spacecraft  in  spacecraft 
deflection  are  identical.  Generally  for  shared  deflection,  the 
probe  AV  is  slightly  higher  than  this  value  and  the  spacecraft 
AV  is  slightly  lower. 

Planetary  Comparisons  - The  AV  requirements  are  approximately  pro- 
portional to  the  mass  of  the  planet  as  indicated.  Thus,  reasonable 
deflection  radius  ranges  appear  to  be  10-50  million  km  for  Jupiter, 
10-30  million  km  for  Saturn,  and  5-15  million  km  for  Uranus  and 
Neptune. 

Probe/Orbiter  Mission  Design 

An  interesting  option  for  a Jupiter  mission  is  to  combine  a probe 
mission  with  an  orbiter  mission.  In  this  option,  the  probe  mis- 
sion must  be  totally  completed  before  periapsis  so  that  the  space- 
craft can  be  inserted  into  orbit  at  that  time.  Sufficient  margin 
must  be  included  in  the  phasing  period  (the  time  interval  between 
end  of  probe  mission  and  orbit  insertion)  to  allow  for  operational 
procedures . 

An  optimal  Jupiter  orbiter  mission  for  1979  (Ref  IV-1)  having  a 
periapsis  radius  of  2 was  selected  for  the  analysis  of  the 

sequencing  problem.  A probe  mission  involving  a probe  entering 


at  an  entry  angle  of  -20°  was  Integrated  into  the  basic  orbiter 
mission.  Deflection  maneuvers  were  performed  at  10xl06  km  lead- 
ing to  a variety  of  lead  times  (and  thereby  phasing  periods) . 

The  resulting  probe  aspect  angle  (PAA)  time  histories  and  AV  re- 
quirements are  illustrated  in  Figure  1V-14. 


Time  from  Entry,  min 

Figure  IV-14  Link  and  LV  Requirements  for  Orbiter  Missions 


The  optimal  lead  time  for  a simple  probe  mission  is  seen  to  be  t. 

L 

■0.7  hr.  This  results  in  a descent  probe  aspect  angle  which 
starts  at  12°,  passes  through  zero,  and  ends  at  13°.  However, 
since  descent  is  approximately  0.5  hr,  the  phasing  period  for 
this  mission  is  only  0.2  hr.  To  obtain  a phasing  period  of  1 hr 
significantly  degrades  the  communication  geometry;  a lead  time 
of  1.5  hr  is  required  and  this  results  in  probe  aspect  angles 
of  53°  to  60°.  Thus,  a definite  penalty  in  communication  geom- 
etry must  be  paid  to  obtain  a compatible  probe/orbiter  mission. 
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A second  penalty  involves  the  added  weight  required  for  the  inser- 
tion (or  retro)  AV  maneuver.  The  retro  AV  requirements  for  a 
variety  of  possible  orbits  are  summarized  in  Table  IV-10.  The 

nominal  Jupiter  mission  is  the  1979  mission  chosen  for  detailed  j 

analysis.  The  Jupiter  orbiter  mission  is  the  optimal  mission  dis- 
cussed above.  The  apoapsis  radii  of  5.9  and  26.4  R allow  en- 

j 

counters  with  the  Jovian  satellites  to  and  Callisto,  respectively. 

As  indicated  in  the  table,  the  retro  AV  for  the  nominal  mission 
differs  from  the  optimal  AV  by  less  than  200  m/sec.  The  retro 
AV  for  the  reference  missions  in  1978,  1980,  and  1982  were  also 
computed  and  varied  from  the  nominal  1979  mission  by  less  than  10%. 


Table  IV-10  Comparison  of  Insertion  AV  Rea  xirements 


MISSION 

V 

km/sec 

PERIAPSIS , 
RJ 

j?0APSIS , 

AJ 

RETRO  AV, 
km/sec 

Nominal  Jupiter 

8.474 

2.0 

2.0 

' j.134 

Nominal  Jupiter 

8.474 

2.0 

5.9 

6.519 

Nominal  Jupiter 

8.474 

2.0 

26.4 

2.186 

Nominal  Jupiter 

8.474 

2.0 

100.0 

1.219 

Jupiter  Orbiter 

7.270 

2.0 

100.0 

1.038 

For  the  impact  on  launch  weight,  the  AV  requirement  was  converted 
to  a weight  penalty  for  the  Jupiter  orbiter  mission.  For  a Pioneer 
class  spacecraft  (initial  weight  of  600  lb) , adding  the  AV  capa- 
bility would  increase  the  spacecraft  weight  by  about  115  lb  and 
would  require  about  265  lb  in  propellant.  For  a Mariner  class 
spacecraft  (initial  weight  of  1100  lb),  the  increase  in  space- 
craft weight  would  be  about  210  lb  and  the  propellant  weight  would 
be  480  lb  (*Sp  * 230,  propellant  mass  fraction  - 0.7^.  Adding 

this  extra  weight  in  the  later  opportunities  (1980,  1982)  may  be 
feasible,  but  in  the  earlier  launch  years  the  extra  payload  require- 
ments seriously  reduce  the  launch  period  (see  Section  B of  this 
chapter) . 


DISPERSION  ANALYSIS 


Errors  and  uncertainties  are  inherent  in  any  mission.  Unavoidable 
errors  in  navigation  and  guidance  processes  lead  to  uncertainties 
in  spacecraft  state  at  the  deflection  point.  Execution  errors  in 
the  deflection  maneuver  itself  cannot  be  escaped.  These  errors 
and  their  resulting  dispersions  must  be  considered  in  mission  de- 
sign.* 

Parameters  whose  dispersions  are  most  critical  fall  naturally  into 
two  classes  — entry  parameters  and  communication  parameters: 
entry  parameters  are  variables  associated  with  probe  entry,  such 
as  entry  site,  flight  path  angle,  angle  of  attack,  or  time  of 
entry;  dispersion  in  these  parameters  can  affect  the  science 
return  of  the  mission.  Communication  parameters  are  quantities 
describing  the  communication  link  between  probe  and  spacecraft, 
such  as  probe  aspect  angle,  communication  range,  range  rate,  or 
range  direction.  Dispersions  in  communication  parameters  must  be 
accounted  for  in  the  design  of  the  link  to  ensure  that  science 
data  can  be  returned  to  Earth. 

Communications  Link  Dispersions 

a.  Coney  Clooky  and  Cross-Cone  Angles  - The  direction  that  the 
spacecraft  must  look  to  see  the  probe  is  generally  described  in 
terms  of  cone  angle  (CA)  and  clock  angle  (CLA)  referenced  to  the 
Earth  and  Canopus  (Fig.  IV- 15) . Cone  angle  is  the  angle  Included 
by  the  Earth-to-spacecraft-to-probe  alignment.  Clock  angles  is 
the  angle  between  the  Canopus  meridian  and  the  cone  meridian 
measured  clockwise  looking  toward  Earth.  The  Canopus  meridian 
is  the  great  circle  defined  by  the  Earth-spacecraft  axis  and  the 
Canopus  direction.  The  cone  meridianis  the  great  circle  defined 
by  the  Earth-spacecraft  axis  and  the  spacecraft  probe  direction. 


The  dispersion  results  reported  in  this  section  were  generated 
using  a Monte  Carlo  analysis  which  combines  the  effects  of  both 
naviatlon  uncertainties  and  deflection  execution  errors  to  pro- 
duce the  final  dispersion.  The  computer  program  and  analytic 
technique  are  summarized  in  Appendix  I. 


It  is  inconvenient  to  describe  dispersions  in  spacecraft-probe 
look  direction  in  terns  of  cone  and  clock  angles.  Figure  IV-15 
illustrates  the  problem.  Location  A has  a nominal  look  direc- 
tion of  CA  * 120°  and  CLA  * 75°  with  circular  dispersions  about 
that  point  of  10°  radius.  In  terms  of  cone  angle  and  clock  angle, 
dispersions  would  be  ACA  * ±10°  and  ACLA  ■ ±12°,  which  adequately 
describe  the  area  the  spacecraft  antenna  must  cover.  However, 
suppose  the  same  distribution  is  now  moved  to  point  B defined 
by  a nominal  cone  angle  of  CA  * 180°.  Now,  dispersions  in  cone 
angle  and  clock  angle  are  given  by  ACA  * ±10°  and  ACLA  * ±180°. 
Thus,  the  definition  of  dispersions  in  clock  angle  breaks  down 
when  the  nominal  cone  angle  is  close  to  180°. 

This  problem  can  be  eliminated  by  describing  dispersions  in  space- 
craft-probe look  directions  in  terms  of  cone  angle  and  cross-cone 
angle  (XCA) . Given  the  nominal  look  direction,  the  cone  meridan 
can  be  constructed  as  usual.  The  cross-^one  circle  is  the  great 
circle  normal  to  the  cone  meridian  at  the  nominal  probe  point. 

As  seen  from  the  spacecraft,  the  cone  and  cross-cone  axes  appear 
to  be  Cartesian  coordinates.  Cross-cone  dispersions  remain  well 
defined  for  all  values  of  nominal  cone  and  clock  angles.  Cross- 
cone and  clock  angle  dispersions  are  approximately  related  by 
AXCA  - ACLA  sin  CA. 

Dispersions  in  terms  of  cone  and  clock  angles  and  in  terms  of  cone 
and  cross-cone  angles  are  given  in  Fig.  IV-16  for  the  Uranus  mis- 
sion of  this  study.  Ellipses  are  plotted  at  times  37,  30,  10,  and 
0 min  before  nominal  entry  time  and  at  actual  entry  time,  respec- 
tively, for  the  points  1 through  5.  The  dramatic  difference  be- 
tween the  clock  angle  dimension  and  the  cross-cone  angle  dimension 
is  caused  by  the  fact  the  nominal  cone  angle  here  is  about  160°. 
For  most  of  the  missions,  the  cone  angle  is  nearer  90°  and  the 
clock  and  cross-cone  plots  are  nearly  identical. 

b.  Timing  Uncertainties  - The  active  phase  of  the  mission  for 
the  probe  is  initiated  by  a timer  on  the  probe  which  activates  an 
operational  sequence  fixed  time  interval,  AT^,  following  the  de- 
flection maneuver.  This  operational  sequence  includes  turning  on 
the  probe  transmitter  and  the  science  instruments.  The  spacecraft 
must  acquire  the  probe  signal  and  transmit  the  relevant  engineer- 
ing data  before  communications  blackout  on  the  pre-entry  antenna. 
Furthermore,  the  science  instruments  and  particularly  the  accel- 
erometers must  be  operating  before  entry  so  that  the  entry  decel- 
erations may  be  sensed. 


Suppose  that  there  were  no  uncertainty  in  the  entry  time.  Then, 
if  ATq  were  the  time  interval  required  for  these  operations  be- 
tween probe  activation  and  probe  entry,  the  timer  could  be  based 
on  a dormant  time  (time  from  deflection  of  probe  activation)  of 

AT*  ■ ATg  - ATq  if  no  coast  time  uncertainty 

where  AT  is  the  nominal  coast  time  or  time  from  deflection  to 

entry.  However,  there  is  an  uncertainty  in  the  time  interval  from 

deflection  to  entry  caused  by  uncertainties  in  the  spacecraft  state 

at  deflection  and  deflection  execution  errors.  Let  At  be  th »'  3 a 

u 

uncertainty  in  entry  time.  The  probe  activation  (and  probe  ac- 
quisition time)  must  be  set  to 

* 

AT  - AT  - At  * AT_  - AT  - At 
D D u C o u 

where  ATq  is  about  12  min  for  the  complex  probe  and  6 min  for  the 

simple  probe.  Thus,  the  3 o time  of  entry  uncertainty,  which  is 
generally  from  6 to  40  min,  plays  a critical  role  in  determining 
the  time  of  probe  acquisition. 

a.  Atmospheric  Uncertainties  - The  difficulty  in  modeling  atmos- 
pheric uncertainties  such  as  turbulence  introduces  problems  into 
the  communication  parameter  dispersion  analysis.  For  this  reason, 
certain  assumptions  must  be  made  for  the  descent  portion  of  the 
r'sslon.  The  prime  assumption  is  that  the  probe  attitude  while 
on  the  parachute  is  within  ±20°  of  vertical.  This  dispersion 
dominates  the  lead  angle  dispersions  which  never  exceeded  about 
8s.  This  uncertainty  is  then  superimposed  upon  the  nominal  probe 
aspect  angle  time  history  to  determine  requirements  on  the  probe 
RF  system. 

A similar  model  is  used  to  determine  the  spacecraft  look  direction 
dispersions  (CA/XCA  dispersions) . Here  the  CA/XCA  ellipse  at  actual 
entry  of  the  probe  (distinguished  from  nominal  entry  time)  is  as- 
sumed to  grow  10?  from  entry  to  end  of  mission.  The  linearly  in- 
creasing ellipses  are  then  superimposed  upon  the  nominal  time 
history  of  the  CA/XCA  directions  to  determine  spacecraft  antenna 
size  and  direction  requirements. 

The  range,  Doppler,  and  Doppler  rate  dispersions  at  entry  and 
descent  are  totally  dominated  by  the  variations  in  the  nominal 
values  of  these  parameters.  These,  of  course,  must  be  considered 
in  the  design  of  the  relay  link  system. 
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Deflection  Dispersion  Trends 


A quantitative  discussion  of  the  deflection  dispersion  trends  is 
given  in  this  section.  For  each  individual  study,  the  variations 
in  the  dispersions  (3  o)  of  nine  critical  mission  parameters  are 
presented.  Dispersions  are  given  for  entry  parameters  of  entry 
time  (time  from  deflection  to  actual  entry  of  the  probe),  entry 
flight  path  angle,  entry  angle  of  attack,  and  entry  site  (in  terms 
of  angular  uncertainties  in  downrange  (DR)  and  cross  range  (XR) . 
Dispersions  (3  o)  are  supplied  for  communication  parameters  of 
entry  lead  angle,  spacecraf t-to-probe  look  direction  at  entry  (in 
terms  of  the  cone  angle  (CA)  and  cross-cone  angle  (XCA)  defined  in 
the  previous  section)  and  spacecraft-probe  range  rate. 

a.  Execution  Error  Levels  - The  execution  errors  of  the  def) * ccion 
maneuver  are  modeled  as  arising  from  three  sources: 

1)  AV  proportionality  error.  This  is  an  error  in  the  magnitude 
of  the  delivered  deflection  AV.  Normally  the  3 o uncertainty 
for  this  error  is  about  1%  for  solid  rocket  engines. 

2)  AV  pointing  error.  This  is  an  error  in  the  direction  of  the 
net  delivered  AV  from  the  commanded  direction.  The  magnitude 
of  this  error  is  varied  over  the  range  1°  to  3°  (3  a) . 

3)  Probe  orientation  error.  This  is  an  error  in  the  orientation 
of  the  probe  for  the  zero  angle  of  attack.  This  error  was 
varied  over  the  same  range  as  the  AV  pointing  error. 

The  AV  pointing  error  dominates  the  AV  proportionality  error  as 
the  pointing  error  produces  a AV  component  error  normal  to  the 
nominal  direction  of  approximately  1.7%,  3.5%,  and  5.2%  for  point- 
ing errors  of  1°,  2°,  and  3”  (3  a),  i'he  probe  orientation  error 
affects  only  the  entry  angle  dispersions.  Table  IV-11  presents 
the  dispersions  resulting  from  four  different  levels  of  execution 
errors  about  the  Nominal  Jupiter  Mission.  The  deflection  radius 
for  this  mission  is  107  km  and  the  deflection  AV  is  221  m/sec. 

The  last  three  cases  are  all  run  with  proportionality  errors  of  1% 
(3  o)  and  y obe  orientation  errors  of  2°.  Navigation  uncertainties 
were  included  in  all  cases.  For  the  first  case,  no  execution 
errors  of  at y size  were  used. 
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Table  IV- 11 


zntry  Dispersions  (3a)  for  Execution  Error  Levels 
on  Jupiter  Nominal  Mission 


AV  POINTING 
ERROR  (3  a), 

deg 

ENTRY 

TIME, 

nin 

ENTRY 

ANGLE, 

deg 

ANGLE  OF 

ATTACK, 

deg 

LEAD 

ANGLE, 

deg 

ENTRY  SITE 

SPACECRAFT 
PROBE  LOOK 

DOWN RANGE , 
deg 

CROSSRANGE, 

deg 

CA, 

deg 

XCA, 

deg 

DOPPLER, 

m/sec 

No  Errors 

2.58 

0.23 

0.42 

0.32 

0.51 

0.17 

0.97 

0.34 

0.16 

1.5 

5.72 

0.93 

2.98 

3.05 

1.74 

0.55 

7.36 

0.46 

2.09 

2.0 

7.98 

1.08 

3.08 

4.40 

2.02 

0.75 

10.89 

0.64 

3.11 

3.0 

10.33 

1.25 

3.21 

5 . 77 

2.35 

0.96 

14.35 

0.78 

4.06 

b.  Navigation  Uncertainties  vs  Execution  Errors  - The  entry  dis- 
persions are  produced  by  both  errors  in  the  spacecraft  state  at 
deflection  caused  by  navigation  uncertainties  and  errors  in  the 
delivered  deflt :tior  AV  caused  by  implementation  errors.  Table 
IV-12  comparer  the  relative  contributions  by  these  two  error  sources 
for  missions  at  Jupiter,  Uranus  and  Saturn.  The  execution  errors 

(3  o>  in  all  cases  are  1%  proportionality,  2°  pointing,  and  2° 
or '.entation.  The  navigation  uncertainties  fo-  Jupiter  and  Saturn 
assumed  Doppler/range  tracking  only;  the  Uranus  mission  assumed 
optical  tracking.  For  each  mission,  dispersions  are  given  for 
navigation  only  and  for  the  combined  effects  of  both  navigation 
and  execution  errors.  It  is  seen  that  at  Jupiter,  the  dispersions 
are  totally  dominated  by  execution  errors.  At  Saturn,  navigation 
and  execution  errors  have  about  an  equal  effect.  At  Uranus  navi- 
gat  "n  errors  begin  to  dominate.  I ',  fact  with  Earth-based  track- 
ing, 1%  of  the  probes  would  mus  the  planet.  Even  using  optical 
tracking,  the  navigation  errors  have  a significant  contribution 
to  the  net  dispersion. 

c.  Deflection  Radius  Effects  - The  selection  of  the  deflection 
radius  must  consider  the  impact  of  dispersions.  As  shown  in  Sec- 
tion C of  this  chapter,  the  navigation  uncertainties  increase  as 
the  deflection  radius  increases.  Since  the  deflection  AV  magni- 
tude decreases  as  the  deflection  radius  is  increased,  the  contri- 
bution due  to  execution  errors  also  decreases.  However,  this  is 
compensated  for  by  the  effect  that  increase  the  coast  time  from 
deflection  to  entry  increases  the  time  interval  over  which  dis- 
persions will  grow. 
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Table  IV- 12  Dispersion  Contributions  from  Orbit  Determination  and 
Execution  Errors 


ENTRY 

TIME, 

min 

ENTRY 

ANGLE, 

deg 

ANGLE  OF 

ATTACK, 

deg 

LEAD 

ANGLE, 

deg 

ENTRY 

SITE 

SPACECRAFT -PROBE 
DIRECTION 

MISSION 

Model 

DR, 

deg 

XR, 

deg 

CA, 

deg 

XCA, 

deg 

DOPPLER, 
m/s  ec 

Jupiter 

No  Exec 

2.58 

0.23 

0.42 

0.32 

0.51 

0.17 

0.97 

0.34 

0.16 

Nominal 

With  Exec 

7.98 

1.08 

3.08 

4.40 

2.02 

0.75 

10.89 

0.64 

8.56 

Saturn 

No  Exec 

4.50 

2.79 

1.66 

2.50 

4.56 

2.09 

1.21 

0.71 

0.76 

Fast 
JS  77 

With  Exec 

6.58 

3.41 

3.75 

3.25 

5.60 

2.30 

5.16 

1.28 

1.02 

Uranus 

No  Exec 

22.54 

4.44 

1.75 

3.79 

6.40 

2.52 

0.95 

0.52 

0.18 

JU  79 

With  Exec 

22.89 

6.08 

3.37 

6.60 

8.46 

8.04 

1.40 

0.98 

0.25 

Table  IV-13  Illustrates  the  trades  in  deflection  radius.  Here 
four  missions  which  had  used  several  values  for  deflection  radius 
are  compared.  The  execution  errors  (3  a)  are  1%  proportionality 
and  2°  pointing  and  2°  orientation  for  all  missions.  The  general 
trend  is  that  although  the  dispersions  generally  increase  as  the 
deflection  radius  increases,  the  size  of  the  growth  is  very  much 
miss ibn-dependen t . 

d . Entry  Angle  - The  variations  in  dispersions  as  functions  of 
the  entry  angle  are  illustrated  in  Table  IV-14.  Both  missions 
assume  execution  errors  of  1%  proportionality,  2°  AV  pointing,  and 
2°  orientation.  The  Jupiter  trajectories  are  all  deflected  at  10 
million  km;  the  Uranus  missions  are  deflected  at  5,  10,  and  10  x 
106  km  for  the  entry  angles  -15° » -45°,  and  -60°,  respectively. 

The  Jupiter  missions  assume  range/Doppler  tracking  while  the  Uranus 
missions  assume  optical  tracking. 

The  general  trend  is  predictable:  the  shallower  the  entry  angle, 

the  larger  the  entry  parameter  dispersions.  The  Uranus  mission 
at  -15°  had  fcyr  probes  (of  100  samples)  missing  the  planet.  For 
Uranus  missions,  it  is,  therefore,  especially  important  to  con- 
sider dispersions  when  selecting  the  entry  site  (entry  angle) . 
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e.  Deflection  Modes  - A dispersion  analysis  was  made  of  the  three 
deflection  modes  as  applied  to  the  nominal  Jupiter  mission.  The 
results  are  summarized  in  Table  IV— 15 . Execution  errors  of  1% 
proportionality,  2°  AV  pointing,  and  2°  orientation  were  held 
constant  for  all  three  modes.  The  spacecraft  deflection  mode  is 
far  superior  to  the  other  two  modes  in  terms  of  entry  parameter 
dispersions.  This  is  because  no  AV  execution  errors  are  added 
to  the  probe  state  at  deflection.  The  shared  deflection  has 
slightly  larger  dispersions  than  the  probe  deflection  because 
its  probe  AV  (246  m/sec)  is  slightly  greater  than  the  probe 
deflection  AV  (221  m/sec). 


Table  IV-15  Entry  Dispersions  as  Functions  of  Deflection  Mode 


DEFLECTION 

MODE 

DEFLECTION 

AV, 

m/sec 

ENTRY 

TIME, 

min 

ENTRY 

ANGLE, 

deg 

ANGLE  OF 

ATTACK, 

deg 

LEAD 

ANGLE, 

deg 

ENTRY 

SITE 

S/C-PROBE  DIRECTION 

DR, 

deg 

XR, 

deg 

CA, 

deg 

XCA, 

deg 

RELAY 

DOPPLER, 

km/sec 

Spacecraft 

221 

2.68 

0.21 

2.35 

5.02 

0.18 

0.54 

9.27 

0.87 

4.04 

Probe 

221 

7.98 

1.08 

3.08 

4.40 

2.02 

0.74 

10.89 

0.64 

3.10 

Shared 

. - - .....  J 

246/236 

7.80 

1.55 

4.12 

5.96 

2.87 

0.80 

10 . 75 

1.01 

4. 1C 

The  communication  parameter  dispersions  are  approximately  the  same 
for  the  spacecraft  and  probe  deflection  modes.  The  communication 
parameter  dispersions  are  slightly  larger  for  the  shared  deflec- 
tion because  execution  errors  are  added  twice  in  that  mode. 

f.  Navigation  Types  - For  Jupiter  missions,  the  dispersions  are 
essentially  determined  by  execution  errors.  For  Saturn  and  Uranus 
missions,  navigation  uncertainties  play  an  important  role  in  the 
generation  of  dispersions.  Table  IV-16  compares  the  dispersions 
resulting  from  several  different  types  of  tracking.  In  all  cases, 
execution  errors  are  1%  proportionality,  2°  AV  pointing,  and  2° 
probe  orientation.  The  Saturn  results  are  based  on  the  30-day 
tracking  arc  comparisons  reported  on  in  Section  C of  this  chapter. 
Recall  that  the  Saturn  approach  in  the  JS  mission  is  near  zero 
geocentric  declination,  and  therefore  QVLBI  measurements  are  very 
effective.  The  progressive  decrease  in  dispersions  is  marked  as 
QVLBI  and  optical  measurements  are  added  to  the  standard  range/ 
Doppler  measurements.  The  "perfect11  navigation  case  represents 
the  situation  if  there  were  no  navigation  uncertainties  in  the 
mission:  the  dispersions  are  resulting  only  from  execution  errors. 
These  results  are  illustrated  in  Figure  IV-17  for  a visual  com- 
parison. 
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Figure  IV- 17  Dispersions  Resulting  from  Different  Measurement 
Types  ( Saturn/ J ST  7?  Mission) 
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Table  IV-16  Entry  Dispersions  as  Functions  of  Navigation  Types 


MISSION 

NEW  TYPE 

ENTRY 

TIME, 

min 

ENTRY 

ANGLE, 

deg 

ANGLE  OF 

ATTACK, 

deg 

LEAD 

ANGLE, 

deg 

ENTRY  SITE 

S/C-PR0BE 

DIRECTION 

RANGE 

DR,  XR, 

deg  deg 

CA,  XCA, 
deg  deg 

RATE 
km/ sec 

Saturn 

Range /Doppler 

7.59 

4.00 

5.43 

12.70  1.57 

3.04  0.80 

1.60 

JST  77 

QVLBI 

5.34 

Bi 

2.95 

3.19 

7.18  1.56 

2.21  0.78 

0.96 

Optical 

4.60 

1.70 

2.55 

2.05 

4.28  1.26 

1.99  0.64 

0.67 

Perfect 

4.17 

1.14 

2.37 

1.64 

2.88  1.21 

1.83  0.76 

0.60 

Uranus 

Range /Doppler 

59.37 

37.86 

16.07 

42.05 

79.48  43.91 

9.89  1.46 

1.67 

JU  79 

Optical 

22.89 

6.08 

3.37 

6.60 

8.46  8.04 

1.40  0.98 

0.25 

Perfect 

1.61 

3.75 

2.78 

4.97 

8.12  4.81 

0.94  0.85 

0.17 

The  results  for  Uranus  are  even  more  significant.  Using  standard 
range/Doppler  tracking,  the  uncertainties  in  state  at  deflection 
are  so  large  that  even  at  a steep  entry  angle,  one  probe  (out  of  100 
samples)  missed  the  planet.  Therefore,  the  dispersions  indicated 
here  result  from  the  first  100  samples  that  did  hit  the  planet. 

Going  to  optical  tracking  reduces  all  of  the  parameters  dramat- 
ically except  for  time  of  flight  error  which  is  still  large.  The 
"perfect’1  tracking  is  indicated  again  for  comparative  purposes. 

g.  Spacecraft  Periapsis  - Increasing  spacecraft  periapsis  affects 

dispersions  mainly  through  the  proportional  increase  in  deflection 
AV,  that  is,  increasing  periapsis  results  in  a larger  A V which 
then  results  in  larger  dispersions  because  of  the  proportionality 
execution  error  (see  Table  IV-17) . These  execution  errors  are 
partially  counterbalanced  in  dispersions  in  certain  parameters  be- 
cause of  altered  geometric  effects.  Thus,  the  dispersions  in  the 
spacecraft  look  direction  are  decreased  by  increasing  spacecraft 
periapsis  because  even  though  the  positional  errors  of  the  probe 
are  increased,  the  greater  distance  between  the  probe  and  space- 
craft results  in  smaller  angular  variations.  The  lead  angle  and 
Doppler  dispersions  increase  only  slightly  for  the  larger  space- 
craft periapsis  because  of  the  slower  spacecraft  motion  on  the 
larger  periapsis  trajectory.  The  other  parameters  increase  by 
approximately  the  ratio  of  the  deflection  AV. 


Table  IV-17  Entry  Dispersions  as  Functions  of  Spacecraft  Periapsis 
(Jupiter  Nominal  Mission) 


MISSION 

SPACE- 

CRAFT 

PERI- 

APSIS 

DEFLECTION 
RADIUS 
106  km 

AV, 

m/ 

sec. 

ENTRY 

TIME, 

min 

ENTRY 

ANGLE, 

deg 

ANGLE 

OF 

ATTACK, 

deg 

LEAD  ENTRY 

ANGLE,  DR, 
deg  deg 

SITE 

XR, 

deg 

SPACECRAFT 
PROBE 
DIRECTION 
CA,  XCA , 

deg  deg 

DOPPLER, 

m/sec 

JUPITER 

2Rj 

30 

73 

11.83 

1.33 

3.39 

6.47 

2.50 

0.76 

10.68  0.58 

4.28 

Nominal 

&Rj 

JO 

256 

38.42 

6.02 

5.60 

6.91 

11.46 

2.00 

7.54  0.41 

4.39 

h.  Entry  Latitude  - Varying  the  entry  If  "itude  has  no  effect  on  dis- 

persions as  long  as  the  inclination  the  probe  and  spacecraft 
trajectories  is  chosen  to  allow  the  change  in  entry  latitude  to 
be  obtained  without  varying  the  entry  angle.  Then  the  dispersions 
for  the  mission  parameters  are  identical  for  changes  in  latitude 
except  for  possible  orientations  in  entry  site  footprints  or  space- 
probe  look  direction  ellipses.  If  entry  angle  is  changed  to  vary 
the  entry  latitude,  the  effects  are  those  described  in  subsection 
IV.E. 2,d. 
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PLANETARY  ENTRY 


The  entry  phase  of  the  mission  is  initiated  at  a pressure  level  of 
10”  7 atmospheres,  continues  through  vehicle  deceleration,  and 
terminates  when  the  vehicle  reaches  a velocity  of  H = 0.7  at  which 
time  the  aeroshell  is  staged.  Typically,  the  entry  phase  lasts  no 
longer  than  one  minute;  however,  during  this  time,  the  probe  ex- 
periences severe  deceleration  loads , dynamic  pressures , and  heat- 
ing. 

Selection  of  the  entry  angle,  ballistic  coefficient,  staging  alti- 
tude (or  equivalently  pressure),  and  their  effect  on  the  probe's 
entry  environment  is  considered.  Entries  into  the  nominal  atmos- 
phere at  Jupiter,  Saturn,  Uranus  and  Neptune  were  investigated  for 
ballistic  coefficients  of  78.5,  157.1  and  235.6  kg/m2  (0.5,  1.0, 

and  1.5  slug/ft2),  and  for  inertial  entry  angles  y__  ranging  from 

XE 

-10°  to  -60°.  The  effects  of  variation  in  the  atmospheric  model 
was  studied  for  Jupiter.  All  other  planets  studied  considered 
only  the  nominal  atmospheric  model  as  defined  in  Appendix  E.  All 
of  the  entry  data  presented  -in  this  section  were  generated  using 
Martin  Marietta's  UD208  entry  program,  modified  to  model  ablation 
of  the  aeroshall's  heat  shield.  For  completeness,  a brief  descrip- 
tion of  the  UD208  program  is  given  including  program  options,  typ- 
ical input  and  output,  and  a discussion  of  the  mass  ablation  model. 

Description  of  Entry  Trajectory  Program  - The  UD208  program  numer- 
ically integrates  a trajectory  through  a planetary  atmosphere  to 
determine  pertinent  trajectory  and  aerodynamic  parameters. 

Inputs  into  the  program  are  divided  into  the  five  categories  listed 
in  Table  IV-18  along  with  representative  category  inputs. 


Table  IV-18  UD208  Input  Data 


VEHICLE  DATA 

Reference  Area 
Reference  Length 
Nose  Radius 
Height 
PLANET  DATA 
Radius 

Rotation  Rate 
Gravitational  Constant 
Harmonics 
ATMOSPHERIC  DATA 

Temperature  and  Pressure 


INITIAL  STATE 
Altitude 
Velocity 

Flight  Path  Angle 
Inclination 
AERODYNAMIC  DATA 

Lift  vs  Mach  Number 
Drag  vs  Mach  Number 
Aeroshell  Mass  Ablation  Model 


profiles  vs  Altitude 


* 


The  outputs  of  the  program  include  histories  of  the  following 
parameters;  altitude,  velocity  (relative  and  inertial),  flight 
path  angle  (relative  and  inertial),  deceleration,  Mach  number, 
dynamic  pressure,  and  geocentric  latitude  and  longitude. 

i 

In  ora  r to  generate  time  histories  of  the  above  variables,  sev- 
eral assumptions  are  involved.  These  include  the  atmospheric 
model,  mass  ablation  model,  and  the  lift  and  drag  coefficients 
defined  as  a function  of  Mach  number.  The  atmospheric  models 
used  in  this  study,  which  include  temperature,  pressure,  and 
density  profiles  as  a function  of  altitude,  are  obtained  from 
References  IV-10,  -11,  -12,  -13. 

The  entry  velocities,  particularly  at  Jupiter,  are  sufficiently  high 
that  a substantial  portion  of  the  heat  shield  is  ablated.  The 
mass  ablation  model  incorporated  in  UD208  is  described  in  Equa- 
tion F-l. 


M(t)  = Mr 


where 


[ F— 11 


“e 


= mass  at  entry 


M4  « total  mass  ablated 
A 

VR(t)  * velocity  at  time,  t,  relative  to  the  planetary  atmosphere 


VRe  * relative  velocity  at  entry 


v« 


Re 


fraction  of  total  mass  ablated  as  a function  of  the 
instantaneous  velocity  ratio  VR(t) ^ VRg 


The  function  f 


yt>/v 


Re 


is  determined  from  empirical  data 


available  for  entry  simulations  into  the  Jovian  atmosphere  and 
relates  the  fraction  of  total  mass  ablated  to  the  instantaneous 
velocity  ratio,  VR(t)y/VRe.  The  same  functional  relationship  is 

assumed  to  be  valid  at  Saturn,  Uranus,  and  Neptune,  and  is  used 
in  their  respective  entry  simulations.  The  general  shape  of  the 
ablation  cure  is  similar  to  the  one  shown  below.  The  specific 
shape  is  determined  from  data  presented  in  Reference  IV-14. 
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I. 


*4 

1 


V0/ 


Re 


• t v <t l/V  is  unity.  Equation  F-l 

„ entry  vhere  the  ratio  o.  VRU)/  Re  ^ y the  value  of 

yields  M,.  no  mass  yet  ablated.  •«  sys tern  mass'  approaches 

‘ V«/V  ^y8:  r-  tetai  of  tbe  mass  ablated. 

m -M  , the  mass  at  entry 

^ A a M m , determined  from 

The  different  ablative  mass  fraction  • A 
Reference  1V-14,  ate  given  in  Table 


Table  IV- 

[ mass  FRACTION  1 jU?1TER 

SATURN 

URANUS 

NEPTUNE 

a 1 ^ABLATED  1 0.25 

1 1 ^entry J 

| 0.095 

| 0.03 

4 c * 

| 0.019 
entry  int 

Re  indicated  by  the  abiati.*  envirotme„t  consioeteu  ~~ 

atmosphere  presents ^ass  ^ ibUted  d»rl»g  entry. 

^ qUa  4 entries  of  sphere  cone  config- 

urations  has  shown  that  ^ ^ variation  of  drag  co 

study,  a good  appro  ln  the  tabulation.  1 

"ith  Ma  ^ — pr~~T7T~lT7T^T'  _ 

1.48  l-25  1,02  1,0 


Mach  No. 


1.52 


shell  from  the  probe  <\‘J  velocitles  is  desirable  to 

technology. 
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Figure  IV-18  shows  how  the  staging  conditions  (stage  above  100  mb 
at  M * 0.7)  are  affected  by  entry  angle,  ballistic  coefficient  and 
model  atmosphere.  As  both  ballistic  coefficient  and  entry  angle 
are  increased,  the  altitude  when  M = 0.7  decreases.  This  trend  is 
consistent  for  the  four  outer  planets  studied.  A Jovian  entry  into 
a cool/dense  atmosphere  presents  the  most  severe  restriction  in 
selecting  the  ballistic  coefficient.  Therefore,  any  ballistic 
coefficient  chosen,  which  results  in  adequate  staging  at  Jupite*-, 
is  also  acceptable  at  any  of  the  other  three  outer  planets.  Also 
shown  on  Figure  IV-18  are  the  altitudes  corresponding  to  100  mb 
for  tne  five  model  atmospheres  considered  in  this  study. 

Many  parametric  studies  were  performed  in  which  ballistic  coef- 
ficients, entry  angles,  and  model  atmosoheres  were  varied.  A 
condensation  of  this  data  given  to  indicate  trends,  is  shown  in 
Figure  IV- 19.  Shown  on  this  figure  are  four  graphs  which  apply 
to  Jupicer;  however,  it  is  indicative  of  trends  also  observed  at 
Saturn,  Uranus,  and  Neptune.  Graph  (a)  gives  an  indication  of 
hew  the  peak  g-loading  varies  with  model  atmosphere  and  ballistic 
coefficient.  Observations  are  as  follows: 

1)  peak  g-loading  increases  linearly  with  entry  angle  in  the 
range  from  -10°  to  -30°; 

2)  changes  in  ballistic  coefficient  between  0.4  and  1.4  has  little 
effect  on  the  maximum  deceleration  for  the  same  entry  angle; 

3)  entry  into  the  cool/dense  atmosphere  results  in  peak  deceleration 
which  is  approximately  50%  larger  than  i corresponding  entry 
into  the  nominal  atmosphere.  Unlike  maximum  decelerations, 

the  maximum  dynamic  pressure  varies  directly  with  ballistic 
coefficients  for  similar  entry  angles  and  this  is  shown  on 
Graph  (b) . The  time  histories  of  axial  deceleration  for  dif- 
ferent entry  angles  are  shown  in  Graph  (c).  Both  the  shape 
and  maximum  value  (time  of  occurrence  and  magnitude)  is  a 
function  of  entry  angle.  The  time  historeies  of  dynamic  pres- 
sure are  shown  for  different  ballistic  coefficients  in  Graph 
(d). 

All  of  the  data  shown  in  Figure  IV-19  applies  to  equatorial  entries 
in  the  direction  of  planetary  rotation.  Entering  at  latitudes 
other  than  equatorial  results  in  increased  relative  entry  velocity 
and  an  increase  in  peak  decelerations.  Entering  at  the  pole  of 
Jupiter  requires  an  entry  flight  path  angle  of  -41°  (see  Figure 
IV-20  for  the  geometry)  and  results  in  a peak  deceleration  of  3500 
g.  The  corresponding  equatorial  entry  results  in  a peak  decelera- 
tion of  2700  g,  which  is  approximately  30%  less  than  the  polar 
entry. 


Altitude 


Deceleration  profiles  for  entry  into  the  nominal  Saturn  atmosphere 
for  both  equatorial  and  polar  entries  is  shown  in  Figure  IV-21. 
Again  the  maximum  decelerations  for  the  polar  entry  are  approxi- 
mately 30%  greater  (320  vs  240  g)  tl^an  for  equatorial  entry*  The 
Saturn  entry  trajectories  were  simulated  using  the  nominal  atmos- 
phere with  an  entry  angle  of  -20°.  Decelerations  experienced  by 
th-i  probe  as  it  enters  the  Uranus  atmosphere  for  y - -60°  and 

Yi£  = -45°  are  plotted  in  Figure  IV-22.  Because  of  the  relatively 

steep  entry  angles  and  the  fact  that  the  approach  geometry  pre- 
cludes equatorial  entry  with  rotation  to  reduce  the  relative  en- 
try velocity,  the  maximum  decelerations  at  Uranus  are  roughly 
equivalent  to  those  shown  for  Saturn.  The  deceleration  time  his- 
tories of  entry  into  Neptune  are  shown  in  Figure  IV-23.  For  com- 
parison purposes,  plots  of  maximum  deceleration  versus  flight  path 
angle  for  all  four  planets  is  shown  in  Figure  IV-24.  For  an 
entry  flight  path  angle  of  -20°,  the  maximum  decelerations  for 
entry  into  the  nominal  atmospheres  of  Jupiter,  Saturn,  Uranus,  and 
Neptune  are  980,  250,  100,  and  200  g,  respectively.  Maximum  dy- 
n<."ic  pressure  versus  entry  flight  path  angle  is  plotted  for  en- 
tries into  Jupiter,  Saturn,  Uranus  and  Neptune  atmospheres  in  Fig- 
ure IV-25 . 

The  attitude  velocity  profile  for  the  entry  phase  has  a charac- 
teristic shape  which  descends  vertically  along  a constant  velocity 
line  until  the  probe  experiences  the  atmospheric  forces  that  tend 
to  decelerate  it.  Changes  in  velocity  occur  more  rapidly  than 
changes  in  altitude  in  this  region.  In  the  final  descent  phase, 
the  weight  of  the  probe  is  equalized  by  the  drag  and  the  probe 
descends  vertically  through  the  atmosphere.  The  four  plots  in 
Figure  IV-25  illustrate  altitude  velocity  profiles  for  Jupiter, 
Saturn,  Uranus,  and  Neptune.  Indicated  on  each  graph  are  the 
altitudes  and  velocities  at  which  maximum  deceleration  and  stag- 
ing occur.  Figure  IV-26(a)  illustrates  the  effect  the  atmospheric 
model  has  on  staging  and  maximum  g altitude.  Considering  the 
nominal  and  cool/dense  atmospheres  for  similar  entry  conditions, 
the  variation  in  the  altitude  of  maximum  g is  30  km.  A similar 
comparison  of  staging  altitude  results  in  a variation  of  17  km. 
Figure  IV-26(b)  is  the  altitude  velocity  profile  for  varying 
ranges  of  ballistic  coefficients  for  Jupiter  entry.  Increasing 
the  ballistic  coefficient  tends  to  reduce  the  altitude  for  a given 
velocity.  Saturn  and  Uranus  velocity  profiles  are  given  on  Fig- 
ures IV-26(c)  and  IV-26(d). 
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Figure  IV- 26  Velocity  Altitude  Profiles 
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From  this  parametric  analysis,  it  is  obvious  that  a probe  enter- 
ing the  Jupiter  atmosphere  will  encounter  an  extremely  hostile 
aerothermodynamic  environment;  therefore,  entry  parameters  that 
will  minimize  the  severity  of  the  environment  should  be  selected. 
This  was  a contributing  factor  in  the  selection  of  shallow  entry 
angles  (-15°  to  -20°)  for  the  Jupiter  reference  missions.  For 
the  ballistic  coefficients  under  consideration,  shallow  entry 
angles  are  also  preferred  if  the  aeroshell  is  to  be  staged  above 
100  mb. 

Entry  into  the  atmospheres  of  Saturn,  Uranus,  and  Neptune  places 
less  of  a restriction  on  the  entry  angle  and  ballistic  coefficient 
selection  than  for  Jupiter. 

The  high  entry  angle  at  Uranus  (-60°)  was  primarily  selected  from 
landing  site  and  dispersion  considerations.  A brief  summary  of 
the  entry  parameters  for  the  five  design  missions  is  given  in 
Table  IV-20. 


Table  IV-20  Design  Mission  Entry  Parameters 


JUPITER 

NOMINAL 

JUPITER 

PROBE 

DEDICATED 

JUPITER 

RADIATION 

COMPATIBLE 

SATURN 
JST  77 

URANUS 
JU  79 

Entry  Velocity  (inertial) , 
km/sec 

60 

60 

60 

37.1 

25 

Entry  Altitude,  km 

304.6 

304.6 

304.6 

491.0 

531 

Design  Atmosphere 

Cool/ 

Dense 

Cool/ 

Dense 

Cool/ 

Dense 

Nominal 

Nominal 

Maximum  Deceleration,  g 

1500 

1650 

1500 

300 

357 

Time  of  Maximum  g,  sec 

12.0 

12.0 

12.0 

22.5 

19.0 

Altitude  of  Maximum  g,  km 

65.0 

65.0 

65.0 

158.0 

138.0 

Time  of  M » 0.7,  sec 

34.0 

34.0 

34.0 

78.5 

54.5 

Altitude  of  M - 0.7,  km 

32.0  . 

32.0 

32.0 

98.5 

78.6 

Inertial  Entry  Angle,  deg 

-20 

-20 

-20 

-25 

—60 

Entry  Ballistic  Coefficient, 
kg/ur 

102.05 

102.05 

102.05 

102.05 

102.05 

Maximum  Dynamic  Pressure, 
NT/m2 

l.OxlO6 

l.lxlO6 

l.OxlO6 

2.8x10s 

3.5x10s 
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G. 


MISSIONS  TO  OTHER  PLANETS 


Probe  missions  may  eventually  be  made  to  all  the  outer  planets. 
These  may  be  based  on  gravity  assist  trajectories  such  as  the  JS 
77  mission  or  gravity  assist/solar  electric  propulsion  trajec- 
tories such  as  the  Sun  81-83  missions.  The  purpose  of  this 
chapter  is  to  compare  the  parameters  affecting  mission  design  for 
these  planets  and  to  illustrate  the  interplanetary  and  planetary 
approach  trajectories  for  selected  missions  receiving  current 
attention. 

Table  IV-21  presents  a comparison  of  the  critical  mission  analysis 
parameters  for  each  of  the  planets  under  consideration.  Of 
special  interest  for  probe  entry  missions  is  the  relative  size  of 
the  gravitational  constants  and  escape  velocities  which  set  a lower 
bound  on  entry  velocities.  Also,  the  similarity  in  the  rotation 
rates  for  the  different  planets  should  be  noted. 


Table  TV-21  Comparison  of  Planetary  Constants 


PLANET 

JUPITER 

SATURN 

URANUS 

NEPTUNE 

Gravitational  Constant,  km3/sec2 

126.7 

37.93 

5.788 

6.891 

Escape  Velocity,  km/sec 

60 

37 

22 

25 

Equatorial  Radius,  km 

71422 

59800 

26468 

24857 

Rotation  Rate,  deg/hour 

36.3 

34.5 

33.2 

28.3 

Obliquity* 

3.1 

26.7 

97.9 

29 

*Obliquity  here  refers  to  inclination  between  planet  equator  and  planet 
orbit  plane. 

Table  1V-22  summarizes  the  encounters  at  individual  planets  for 
the  candidate  swingby  missions.  The  first  four  missions  are 
ballistic  trajectories  using  gravity  assists;  the  last  three  mis- 
sions are  solar  electric  propulsion  missions  with  planetary  swing- 
bys.  The  data  summarized  here  is  taken  from  Reference  IV-1. 

Figures  IV-27  through  IV-29  illustrate  the  nominal  interplanetary 
trajectories  for  the  candidate  missions.  The  figures  present  pro- 
jections of  the  trajectories  into  the  ecliptic  plane.  The  direc- 
tion to  the  vernal  equinox,  y,  is  noted  on  the  figures. 

Finally,  the  entry  conditions  corresponding  to  the  various  encoun- 
ters at  each  planet  are  plotted  in  Figures  IV-30  through  IV-33. 
Contours  of  entry  angles  of  -30s,  -20s,  and  -10°  are  plotted  on 
the  figures  for  each  approach.  The  terminator  is  also  Indicated. 
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Table  IV-22  • 'angaria vn  of  Planetary  dnoounters  for  Candidate  Missions 


DEPARTURE,  ENCOUNTER,  AND  FLYBY  PARAMETERS 

MISSION 

EARTH 

JUPITER 

SATURN 

JS  77  LD/AD 

9/4/77 

4/18/79 

2/16/81 

VHP 

105  (C,) 

10.62 

13.66 

RP 

2.33 

ZAP-ZAE 

169.7-173.6 

INC 

76.8 

JSP  78  LD/AD 

10/10/78 

4/11/80 

11/10/81 

VHP 

109.6(C)) 

11.36 

12.85 

*P 

16.9 

18.7 

ZAP-ZAE 

153.0-161.3 

178.3-178.1 

INC 

6.02 

96.72 

JUN  79  LD/AD 

11/6/79 

6/19/81 

HP 

“p 

ZAP-ZAE 

INC 


JUN  KO  LD/AD 


102.4(CO 


12/8/80 


150. 7-161. A 
0.33 


5/19/82 


5/19/86 

13.62 


112.2(C3)  12.78 


10/24/87 

10.97 


3/12/90 

15.49 


175.5-174.3  166.1-167.9 

5.12 


4/27/92 

12.39 


9/11/89 

11.95 


162.9-164.0 


P 

ZAP-ZAE 

INC 


SUN  81  LD/AD 


11/24/81 


156.4-161.0 

1.05 


3/8/85 

10.26 


166.4-168.8  171.2-172.9 

5.13 


1/20/89 

12.44 


1/11/93 

13.31 


P 

ZAP-ZZE 

INC 


SUN  82  LD/AD 


12/6/82 


174.2-175.5  176.2-176.3 

6.05  34.6 


3/20/86  2/25/90 

10.43  11.35 


P 

ZAP-ZAE 

INC 


SUN  83  LD/AD 
VHP 
*P 

ZAP-ZAE 

INC 


12/18/83 


Note;  1.  Reference  plane  is  ecliptic. 
2.  Rp  given  in  planet  radii. 


178.0-176.4  177.1-177.0 

37.9 


6/27/91 

9.96 


7/19/96 

9.92 


170.9-170.6  171.6-171.7 

36.8 


„„i 


Neptune 


Figure  IV- 31  Saturn  Entry  Geometi 
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V. 


JUPITER  STUDIES 


The  Jupiter  studies  consisted  of  defining  a nominal  Jupiter  probe 
based  upon  nominal  constraints  and  varying  each  major  constraint, 
individually,  to  determine  its  sensitivity.  From  this  sensitivity 
data,  two  sets  of  constraints  were  established  and  used  to  define 
two  alternative  Jupiter  probes.  This  data  along  with  other  sci- 
ence, mission,  and  subsystem  parametric  analyses,  are  included 
in  this  chapter.  Some  comparisons  are  made  between  parameters 
for  the  Jupiter  studies  and  similar  parameters  for  Saturn,  Uranus, 
and  Neptune,  especially  in  the  area  of  missions. 


A.  PARAMETRIC  ANALYSIS 


The  program  parametric  analysis,  identified  above,  is  shown  in  de- 
tail in  Figure  V-l.  Each  constraint  for  the  nominal  Jupiter  probe 
was  varied,  incrementally,  using  the  alternative  constraints  of 
the  program  parametrics  and  tha  impact  assessed  in  such  terms  as 
weight,  RF  power,  bit  rate,  AV,  etc.  These  analyses  are  discussed 
in  the  following  pages. 


(See  Section  VB)  Program  Parametrics  (See  Section  VC  & VD) 


Figure  V-l  Program  Parametria  Analysis  Flow  Diagram 
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1. 


Science  Performance  Analysis 


a.  Descent  Profile  Parametries  - The  major  parametrics  performed 
in  the  science  area  were  to  establish  a descent  profile  that  would 
satisfy  the  objectives  of  the  mission  by  making  the  necessary 
measurements  within  the  criteria.  The  parameters  involved  are: 

(1)  the  main  parachute  ballistic  coefficient,  (2)  the  drogue  or 
secondary  parachute  ballistic  coefficient,  if  one  is  necessary, 

(3)  the  pressure  at  parachute  staging,  if  required,  (4)  the  design 
limit  pressure,  and  (5)  the  sampling  times  for  each  instrument. 

The  total  descent  time  is  also  considered  because  of  the  limited 
time  the  flyby  spacecraft  is  available  to  establish  relay  communi- 
cations link.  Also,  for  Jupiter,  the  model  atmosphere  for  descent 
is  bounded  by  two  distinct  models:  the  JPL  nominal  and  cool/dense. 

The  above  parameters  are  considered  separately  in  each  model. 

Investigating  first  the  cool/dense  model,  Figure  V-2  shows  the 
variation  in  pressure  descent  profile  with  changes  in  main  para- 
chute ballistic  coefficient.  The  abscissa  represents  time  from 
entry,  the  parachute  being  deployed  at  34  seconds  from  entry  where 
the  vehicle  has  slowed  to  Mach  0.7.  In  the  cool/dense  model  entry 
profile,  this  moment  occurs  at  92  millibars  at  an  altitude  of  about 
32  km. 

The  ranee  of  the  ballistic  coefficients  considered  were  from  0.05 
slug/ft2  (7.85  kg/m2)  to  0.25  slug/ft2  (39.25  kg/m2)  for  the  main 
parachute  (B^)  and  from  1.0  (157.0)  to  2.4  (376.8)  for  the  sec- 
ondary parachute  (B2)  with  staging  pressures  from  3 to  15  bars. 

The  size  and  weight  of  the  main  parachute  system  establishes  the 
lower  limit  for  B},  while  the  descent  time  and  velocity  and  re- 
sultant measurement  performance  constrain  the  larger  values. 

In  Figure  V-2  the  drogue  parachute  ballistic  coefficient  and  the 
staging  pressure  are  held  constant  to  show  the  effect  of  the  main 
parachute  ballistic  coefficient  independently.  In  Figure  V-3  the 
main  parachute  ballistic  coefficient  is  held  constant  to  show  the 
effects  of  the  other  two  parameters.  The  effect  of  the  drogue 
parachute  ballistic  coefficient  is  minimal.  Even  with  a staging 
pressure  as  high  as  3 bars,  the  difference  between  the  total  de- 
scent time  for  a B2  of  1.50  slug/ft2  (235.5  kg/m2)  and  2.0  slug/ 
ft2  (314.0  kg/m2)  is  about  2 minutes,  or  <102;  this  difference 
decreases  with  increasing  staging  pressure.  However,  the  effect 
of  the  staging  pressure  itself  is  significant,  the  difference  in 
descent  times  between  staging  at  5 bars  and  at  12  bars  being  more 
than  10  minutes. 
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Figure  7-3  Effects  of  Drogue  Parachute  and  Staging  Pressure  on 
Descent  Profits 


\ 

1 

I 


V-4 


Selection  of  a particular  descent  profile  involves  investigation 
of  the  variation  of  the  measurement  performance  of  a given  instru- 
ment with  both  ballistic  coefficient  and  instrument  sampling  times. 
Figure  V-4  shows  these  parametrics  for  the  four  instruments  and 
the  governing  measurement  criteria  for  each.  The  performance  for 
the  temperature  measurement  is  checked  against  the  criteria  at  the 
first  nonlsothermal  in  the  descent  profile  in  (a)  of  Figure  V-4. 
Since  terminal  velocity  decreases  with  altitude,  and  performance 
therefore  improves,  this  is  the  worst  case  point  in  the  descent 
for  a fixed  ballistic  coefficient.  The  performance  for  the  pres- 
sure and  turbulence  accelerometer  measurements  in  (c)  and  (d)  of 
Figure  V-4  are  checked  at  the  top  of  the  ammonia  cloud,  which  is 
at  about  0.8  bars  in  the  cool/dense  atmospheric  model,  and  again 
the  performance  will  improve  with  depth.  The  measurement  that 
governs  the  mass  spectrometer  operation  is  that  of  obtaining  two 
full  sweeps  inside  the  ammonia  cloud  in  each  model,  as  shown  in 
(b)  of  Figure  V-4. 

A second  point  at  which  the  measurement  performance  of  the  tempera- 
ture, pressure,  and  accelerometer  instruments  must  be  compared 
against  the  criteria  is  at  parachute  staging  where  the  ballistic 
coefficient  changes  abruptly.  This  is  shorn  in  Figure  V-5  for  a 
specific  con&ination  of  ballistic  coefficients  and  staging  at  10 
bars.  With  a Bi  of  0.12  slug/ft2  (18.84  kg/m2),  it  can  be  seen 
from  (c)  and  (d)  of  Figure  V-4  that  a pressure  gage  sampling  time 
of  5 seconds  and  an  accelerometer  sampling  time  of  10  seconds  will 
exceed  the  requirements  by  greater  than  30X.  However,  from  Figure 
V-5  it  can  be  seen  that  the  5-second  sampling  time  results  in  a 
performance  of  2.06  measurements/km  immediately  after  parachute 
staging,  while  the  10-second  sampling  time  obtains  1.03  measure- 
ments/km at  the  same  point;  a factor  of  only  3X  over  criteria. 
Likewise  the  temperature  gage  performance  increases  from  0.97 
measurements/ *K  to  3.7  just  before  parachute  staging,  and  then 
falls  to  1.06  measurements/ *K  after  staging.  Thus,  to  select  a 
profile  for  cool/dense  atmospheric  descent  requires  Investigation 
of  measurement  performance  at  two  distinct  points. 

In  Chapter  III,  Section  D of  this  report,  the  necessary  pressure 
depth  of  penetretion  into  each  model  atmosphere  was  discussed  and 
it  was  concluded  that  descending  to  30  bars  was  not  essential.  To 
obtain  the  required  measurements  in  the  water  cloud,  a depth  of  13 
bars  is  necessary  in  the  cool/dense  atmosphere.  The  pressure  depth 
in  the  nominal  atmosphere  for  an  equivalent  descent  time  is  about 
7.5  bars.  This  eliminates  the  necessity  for  a dual  parachute  de- 
scent, as  for  all  ballistic  coefficients  studied,  the  time  to  the 
above  pressure  level  was  lass  than  45  minutes. 
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Figure  V-5  Measurements  per  Kilometer  Profiles  for  Various 
Sampling  Times  - Cool/Dense  Model 
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Figure  V-6  shows  the  variation  in  pressure  descent  profile  with 
changes  in  parachute  ballistic  coefficient  for  a single  stage  de- 
scent in  the  nominal,  model  atmosphere.  The  parachute  is  deployed 
39.5  seconds  from  entry  which  corresponds  to  a pressure  of  86 
millibars  and  an  altitude  of  about  47.7  km.  The  range  of  values 
that  were  considered  for  B is  the  same  as  that  for  the  cool/dense 
atmosphere. 

The  gradient  of  pressure  with  respect  to  distance  in  the  nominal 
atmosphere  is  smaller;  thus  the  clouds  exist  higher  in  altitude 
and  lower  in  pressure,  and  the  pressure  gradient  across  them  is 
less.  This  means  that  to  obtain  equivalent  measurement  performance 
in  the  nominal  as  in  the  cool/dense,  the  velocity  with  respect  to 
pressure  must  be  less  and  the  time  to  descend  to  a given  pressure 
level  is  longer,  for  a given  ballistic  coefficient.  This  is  sum- 
marized by  Figure  V-7. 

Figure  V-8  presents  the  instrument  sampling  time  parametrics  for 
the  nominal  atmosphere.  By  comparing  this  with  the  equivalent 
figure  for  cool/dense  (Fig.  V-4) , it  can  be  noted  that  for  a given 
value  of  B,  the  sampling  times  must  be  shorter  to  satisfy  perfor- 
mance requirements.  The  cross-hatched  area  shown  is  a design 
region  limited  on  the  left  by  parachute  size  and  weight  and  on  the 
right  by  large  data  rates.  Because  there  is  no  parachute  staging, 
then  the  points  in  the  descent  where  these  graphs  are  comparing 
the  performance  to  the  criteria  are  the  only  critical  points. 
Furthermore,  because  the  nominal  atmosphere  is  the  worst-case  for 
measurement  performance,  a probe  designed  to  meet  the  criteria  in 
the  nominal  will  also  satisfy  it  in  the  cool/dense,  and  in  any 
combination  in  between. 

From  Figure  V-8,  a value  of  B of  0.09  slug/ft2  (14.13  kg/m2)  re- 
sults in  a design  point  centrally  located  in  the  design  region 
and  allows  a mass  spectrometer  sampling  time  of  40  seconds  for 
the  1 to  40  amu  sweep.  A temperature  gauge  sampling  time  of  3.5 
seconds  satisfies  the  criteria  and  the  pressure  gauge  1?  set  to 
measure  simultaneously  with  the  temperature,  despite  exceeding  the 
requirements.  A 10-second  sweep  by  the  turbulence  accelerometers 
gives  1.01  measurements/km. 
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Figure  V-6  Pressure  Descent  Profile  Parmetrios  - Jupiter 
Nominal  Atmosphere 


min 


Figure  V-7  Descent  Times  to  Various  Pressures  in  Both  Jupiter 
Model  Atmospheres. 
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h . Soienae  Analysis  Variations  with  Mission  - During  the  para- 
metric analysis  portion  of  the  study,  the  effects  of  varying 
flight  path  angle  and  model  atmosphere  on  science  data  rate  were 
investigated.  These  are  summarized  in  Table  V-l.  The  effect  of 
model  atmosphere  on  entry  and  descent  times  has  already  been  dis- 
cussed in  a previous  section.  From  the  last  two  lines  in  this 
table,  it  can  be  seen  that  for  the  same  ballistic  coefficient  and 
descent  pressure,  the  science  data  rate  can  be  approximately  the 
same  regardless  of  the  descent  time;  it  can  be  slightly  less  for 
the  nominal  descent  if  both  entry  phases  are  in  the  same  atmosphere. 


Table  V-l  Science  Data  Rates  for  Mission  Variations 
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The  entry  flight  path  angle  affects  the  entry  phase  directly  by 
changing  the  time  to  reach  Mach  0.7  and  the  descent  phase  indi- 
rectly by  changing  the  attitude  at  which  Mach  0.7  is  reached,  thus 
varying  the  starting  point  in  the  atmosphere  for  this  descent 
phase.  The  variation  in  entry  time  is  shown  in  Figure  V-9  over  a 
range  of  flight  path  angles  from  10°  to  45°.  The  time  changes  by 
a factor  of  greater  than  3.  The  entry  accelerometers  are  measur- 
ing during  this  period  at  a collective  rate  of  200  bps;  thus  the 
entry  time  has  a definite  effect  on  the  total  science  data  rate. 
This  effect  is  shown  in  the  first  four  lines  of  Table  V-l. 

The  last  column  in  Table  V-l  shows  the  variation  in  atmospheric 
pressure  when  the  first  descent  instrument  measurement  is  made. 

This  occurs  12  to  15  seconds  after  the  parachute  is  deployed,  which 
allows  time  to  release  the  aeroshell,  deploy  the  temperature  gage, 
and  release  the  mass  spectrometer  covers.  The  pressure  changes  16 
to  20  millibars  during  this  period.  Therefore,  the  altitude  at 
which  Mach  0.7  and  parachute  deployment  occurs  decreases  with  in- 
creasing flight  path  angle  thus  increasing  the  pressure  level 
where  descent  measurements  can  begin. 
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Figure  V~$  Effect  of  Flight  Path 
Angle  on  Entry  Time 

o.  Entry  kooelerometer  Performance  - The  primary  function  of  the 
accelerometer  triad  is  to  collect  the  entry  g-load  information 
with  sufficient  accuracy  to  be  able  to  reproduce  the  g-curve,  in 
particular  the  sharp  maximum  point  on  the  curve,  with  the  data. 
This  can  be  used  to  reconstruct  the  atmosphere.  However,  the  g- 
load  may  go  from  10%  of  its  peak  value  through  peak  and  back  to 
10Z  in  only  a few  seconds i thus  an  analysis  was  made  to  ensure 
that  the  Viking  axial  accelerometer  sampling  rate  of  10  samples/ 
sec  would  give  an  adequate  number  or  points  along  the  curve  to 
reproduce  the  steep  slope.  Figure  V-10  is  a plot  of  the  expected 
g-load  curves  based  on  each  of  the  cool/dense  and  nominal  model 
atmospheres  and  calculated  by  an  entry  dynamics  computer  program. 
Superimposed  upon  this  are  marks  that  represent  individual  axial 
accelerometer  measurements.  The  cool/dense  model  is  the  worst- 
case,  reaching  a peak  of  over  1500  g from  100  g in  2.2  seconds, 
and  yet  the  number  of  points  is  adequate.  See  Chapter  IV.  F.  for 
other  entry  conditions. 
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Mission  Analysis 


The  detailed  mission  analysis  and  design  studies  are  provided  in 
Chapter  IV  where  comparisons  of  missions  to  the  different  planets 
may  be  made  conveniently.  For  completeness,  a qualitative  summary 
of  the  important  results,  as  they  apply  to  Jupiter  missions  is 
given  in  this  section. 

a.  Interplanetary  Trajectory  Selection  - The  most  critical  con- 

sideration in  selecting  the  Interplanetary  trajectory  (or  the 
launch  and  arrival  dates)  for  Jupiter  probe  missions  is  payload 
capability.  For  a typical  launch  opportunity  (1979)  a flight  time 
of  slightly  less  than  700  days  maximizes  the  payload  capability 
for  a fixed  launch  energy  and  period.  This  result  is  based  on 
two  constraints:  the  declination  of  the  launch  asymptote  (DLA) 

must  be  less  than  36°  and  the  Sun-Earth-vehicle  angle  at  arrival 
must  be  greater  than  15°.  This  results  in  optimal  missions  arriv- 
ing at  Jupiter  just  before  the  Sun  occults  the  view  to  Jupiter. 

The  payload  capability  improves  each  year  in  the  period  1969-1982. 
This  results  not  only  from  a progressive  increase  in  the  width  of 
the  launch  energy  contours  each  year,  but  also  a continual  reduc- 
tion in  the  area  eliminated  by  the  DLA  constraint. 

For  the  1979  mission  opportunity,  the  Burner  II  stage  is  required 
in  addition  to  the  Titan  5-segment  launch  vehicle  to  have  a 20- 
day  period  for  a MOPS  or  Mariner  class  spacecraft.  The  Burner  II 
stage  is  not  required  for  a Pioneer  class  spacecraft. 

b.  Approach  Trajectory  Selection  - The  relative  geometry  between 
the  probe  and  spacecraft  trajectories  optimally  would  have  the 
spacecraft  directly  overhead  as  the  probe  descends  through  the 
atmosphere.  This  would  first  require  that  the  probe  and  space- 
craft trajectory  inclinations  be  chosen  in  concert.  Generally, 
the  probe  trajectory  should  be  a posigrade,  low  inclination  tra- 
jectory to  minimize  the  probe's  relative  velocity  at  entry  and 
thereby  reduce  entry  effects;  the  spacecraft  should  also  have  a 
posigrade,  low  inclination  trajectory. 

A second  consideration  involves  the  selection  of  the  spacecraft 

periapsis  radius.  While  in  terminal  descent,  the  probe  rotates 

with  the  etmosphere  at  Jupiter's  rotation  rate  of  36.6  deg/hr 

(equatorial).  For  the  spacecraft  to  match  this  angular  rate  it 

should  have  a periapsis  radius  of  about  2.0  and  2.5  R.  for  mis- 
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sion  duration  times  of  one  hour  and  a half  hour,  respectively. 


a.  Navigation  and  Guidance  Considerations  - The  uncertainty  in 
the  state  of  the  spacecraft  at  deflection  is  essentially  due  to 
the  navigation  uncertainties  at  the  time  of  the  last  midcourse 
maneuver.  A detailed  analysis  of  the  navigation  results  is  given 
in  Chapter  IV.  The  navigation  uncertainty  for  the  1979  mission 
using  Doppler  only  is  characterized  by  a one-sigma  semi-major  axis 
(SMAA)  uncertainty  in  the  impact  plane  of  1600  km  (30  x 10°  km 
deflection  radius) . Adding  ranging  measurements  and  then  quasi 
very  long  baseline  interferometry  (QVLBI)  measurements  reduces 
this  to  1500  km  and  1400  km,  respectively.  Deflecting  at  radii 
further  from  the  planet  requires  tracking  further  from  the  planet 
which  results  in  less  effective  tracking.  In  going  from  10  to 
50  million  km  the  uncertainties  are  roughly  doubled.  Finally, 
the  navigation  characteristics  vary  from  year  to  year  as  the  geo- 
centric declinations  of  Jupiter  at  arrival  vary.  The  SMAAs  go 
from  950  to  1500  to  700  to  450  as  the  launches  proceed  from  1978 
through  1981-1982  with  corresponding  geocentric  declination  at 
arrival  of  10°,  0°,  -21°,  -26°,  respectively. 

d.  Deflection  Maneuver  Paramevrios  - The  purpose  of  the  deflec- 
tion maneuver  is  three-fold:  (1)  to  place  the  probe  on  a trajec- 

tory intersecting  the  selected  entry  site,  (2)  to  orient  the  probe 
for  zero  relative  angle  of  attack  at  entry,  and  (3)  to  establish 
an  effective  communication  link  between  the  probe  and  spacecraft 
during  the  critical  descent  phase  of  the  mission  (b.  above).  The 
standard  means  of  accomplishing  these  objectives  is  probe  deflec- 
tion wherein  the  probe  is  separated  from  the  spacecraft,  fires  a 
AV  which  accomplishes  (1)  and  (3)  above,  and  then  reorients  itself 
by  a precession  maneuver  to  the  attitude  required  in  (2) . 

The  AV  requirements  are  such  that  the  deflection  radius  (the  dis- 
tance from  the  planet  when  the  maneuver  is  performed)  is  generally 
between  10  end  50  million  km.  For  a spacecraft  periapsis  radius 
of  R.  and  an  entry  angle  of  -20°,  the  AV  requirement  varies  from 
221  to  73  to  44  m/sec  as  the  deflection  radius  increases  from  10 
to  30  to  50  million  km,  respectively.  The  AVs  increase  by  a factor 
of  3.5  if  the  spacecraft  periapsis  is  raised  to  6 R . 

J 

Increasing  the  deflection  radius  also  increases  the  coast  time  re- 
sulting in  a longer  length  of  time  during  which  the  probe  is  away 
from  the  protective  environment  of  the  spacecraft  and  during  which 
dispersions  may  grow.  The  coast  time  is  approximately  a linear 
function  of  deflection  radius  varying  from  9.5  to  34.6  to  61.4 
days  as  the  deflection  radius  is  increased  from  10  to  30  to  50 
million  km. 
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e.  Dispersion  Parametrias  - The  uncertainty  in  the  spacecraft 
state  at  deflection  caused  by  navigational  errors  and  the  error 
in  the  delivered  AV  caused  by  execution  errors  result  in  disper- 
sions that  must  be  account  id  for  in  the  design  of  the  probe  mis- 
sion. Dispersions  in  entiy  site  and  entry  flight  path  angle  af- 
fect science  return  and  interpretation.  Dispersions  in  angle  of 
attack  at  entry  affect  science  as  well  as  structural,  thermal, 
and  aerodynamic  design.  Dispersions  in  entry  time  affect  mission 
sequencing.  Dispersions  in  the  relative  geometry  of  the  probe 
and  spacecraft  determine  requirements  on  the  communication  link. 

For  Jupiter  missions,  dispersions  are  dominated  by  execution  errors 
and  navigation  uncertainties  have  little  impact.  Execution  errors 
contribute  to  approximately  95%  of  the  total  dispersions  associated 
with  any  of  the  parameters  discussed  above. 

The  dispersions  are  of  course  a function  of  the  level  of  execution 
errors.  The  proportionality  error  of  1%  (3o)  is  dominated  by  the 
less  well-defined  pointing  error  in  the  delivered  AV  which  is  gen- 
erally assumed  to  be  about  2°  (3o).  Using  entry  angle  as  a typical 
example,  3o  dispersions  of  0.2s,  0.9°,  1.1°,  and  1.3°  result  from 
essuming  AV  pointing  errors  (3o)  of  0s,  1.5s,  2.0s,  and  3.0s, 
respectively,  while  holding  the  nevigation  uncertainties  end  pro- 
portionally errors  (1%)  constant  (for  the  nominal  mission). 

The  dispersions  are  also  proportional  to  the  length  of  the  coast 
arc  between  deflection  and  entry  end  proportional  to  the  magnitude 
of  the  deflection  AV.  Therefore,  there  is  e complicated  trade  in 
increasing  the  deflection  radius  which  lowers  the  deflection  AV 
and  increases  the  coast  time. 

f,  Comparison  of  Deflection  Modes  - Two  alternative  deflection 
modes  have  been  identified  in  addition  to  the  probe  deflection 
mode  discussed  in  d.  on  the  preceading  page.  The  modes  ere: 

1)  Shared  deflection  (planar)  - The  probe  is  released  in  the 
attitude  required  for  sero  relative  angle  of  attack.  The  AV 
magnitude  is  then  chosen  so  that  when  fired  in  the  axial  di- 
rection, the  probe  impacts  Che  entry  site.  The  spacecraft  is 
then  corrected  to  establish  the  desired  communication  geometry; 

2)  Spacecraft  deflection  - The  Initial  spacecraft  trajectory  is 
targeted  to  impact  the  desired  entry  site.  The  probe  is  re- 
leased in  the  attitude  required  for  sero  relative  angle  of 
attack.  The  spacecraft  then  rotates  to  e new  direction  end 
fires  a AV  which  deflects  it  for  the  desired  flyby  radius  and 
communication  geometry. 
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The  deflection  AV  requirements  for  the  probe  and  spacecraft  deflec- 
tion modes  are  essentially  identical  as  they  are  mirror  images  of 
each  other.  Thr.  two  AVs  required  by  the  shared  deflection  are  of 
approximately  the  same  magnitude  as  the  probe  or  spacecraft  de- 
flection mode  AV.  Titus,  for  the  nominal  mission,  the  AV  required 
for  the  probe  (in  probe  deflection)  or  spacecraft  (in  spacecraft 
deflection)  is  221  m/sec  while  the  probe  AV  is  246  m/sec  and  the 
spacecraft  AV  is  236  m/sec  in  the  shared  deflection  mode. 

According  to  dispersion  comparisons  of  the  three  modes,  the  space- 
craft deflection  is  best  and  shared  deflection  is  worst.  Entry 
dispersions  f entry  angle,  entry  site,  etc)  are  smallest  for  the 
spacecraft  deflection  as  no  deflection  AV  execution  errors  are 
added  to  the  probe  trajectory.  The  communication  parameter  disper- 
sions for  shared  deflection  are  largest  because  execution  errors 
have  been  added  to  both  the  probe  and  spacecraft  is  that  mode. 

Anytime  a AV  maneuver  is  performed,  resulting  dispersions  are  ap- 
proximately proportional  to  the  size  of  the  maneuver. 

g.  Entry  Trajectory  Parametrice  - The  critical  entry  parametric 
studies  deal  with  (1)  the  selection  of  the  enti/  ballistic  coeffi- 
cient which  permits  deceleration  to  less  .nan  Mach  0.7  abovA  100 
"b  for  the  staging  of  the  aeroshell  (2)  the  behavior  of  the  peak 
tcelerations  and  maximum  dynamic  pressures  with  a variety  of 
entry  conditions. 

A ballistic  coefficient  of  102.1  kg/m2  (0.65  slug/ft2)  results  in 
speeds  below  Mach  0.7  at  100  mb  in  the  cool/dense  model  and  90  mb 
in  the  nominal  atmosphere  for  an  entry  angle  of  -20°.  To  meet  the 
stagiug  requirements  at  an  entry  angle  of  -30*  for  the  cool/dense 
atmosphere  requires  a ballistic  coefficient  of  0.5  slug/ft2. 

The  peak  g experienced  at  entry  angles  of  -10°,  -20*,  and  -30*  are 
675,  1500,  and  2250  g,  respectively,  in  the  cool/dense  atmosphere 
and  450,  920,  and  1450  g,  respectively,  in  the  nominal  atmosphere 
(equatorial  entry).  Thus,  the  cool/dense  model  has  g levels 
roughly  502  higher  than  the  nominal  atmosphere.  Entering  at  higher 
latitudes  Increases  the  peak  g as  the  relative  velocity  is  increased. 
Thus,  entering  at  latitudes  of  0*,  30*,  and  90*  latitude  results  in 
peaks  of  1500,  1650,  and  1800  g,  respectively,  for  an  entry  augle 
of  -20*  in  the  cool/dense  atmosphere.  The  peak  g level  is  essen- 
tially independent  of  the  ballistic  coefficient;  however,  increas- 
ing the  ballistic  coefficient  delays  the  time  at  which  the  peak  g 
is  achieved. 
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The  max  q is  a function  of  ballistic  coefficient.  Entering  with 
a ballistic  coefficient  of  1.0  slug/ft2  at  entry  angles  of  -10°, 
-20°,  and  -30°  results  in  max  q of  10,  22,  and  40  x 10 3 psf,  re- 
spectively, in  the  cool/dense  atmosphere  and  6.6,  14.7,  and  26.6  x 
103  psf,  respectively,  in  the  nominal  atmosphere.  The  dynamic 
pressure  increases  linearly  with  ballistic  coefficient. 

3.  System  Integration 

The  guidelines  for  implementation  of  the  program  parametric  anal- 
ysis are  given  in  Table  V-2.  The  table  shows  the  constraints  for 
the  reference  configuration  (nominal  Jupiter  probe  discussed  in 
Chapter  V,  Section  B)  and  the  set  of  constraints  for  elevel  point 
designs.  Three  significant  program  parametric  analyses,  not  shown 
in  the  table,  are  (1)  mission  candidate  analysis,  (2)  direct  link 
communication  analysis  and  (3)  deflection  mode  analysis.  These 
analyses,  however,  are  supplemented  by  other  mission,  science, 
and  subsystem  analyses  and  discussed  throughout  this  chapter. 

Table  V-2  Constraints  for  Program  Parametria  Point  Designs 


Configuration 

Constraint 

Ref 

1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

11 

*p  N 

2 

2 

2 

2 

2 

2 

2 

2 

6 

2 

2 

2 

(x  106  km) 

10 

10 

10 

10 

10 

10 

10 

10 

30 

10 

10 

10 

Ye  (-deg) 

20 

10 

30 

42.6 

20 

20 

20 

20 

20 

20 

20 

20 

Latitude 

(deg) 

5 

5 

5 

90 

5 

5 

5 

5 

5 

5 

5 

5 

Atmosphere 

E 

CD 

CD 

CD 

CD 

CD 

Norn 

CD 

CD 

CD 

CD 

CD 

CD 

Atmosphere 

D 

CD 

CD 

CD 

CD 

Norn 

Norn 

CD 

CD 

CD 

CD 

CD 

CD 

Deflection 

Mode 

P 

P 

P 

P 

P 

P 

P 

P 

P 

S/C 

S/C 

S 

Spacecraft 

TOPS 

MOPS 

MOPS 

MOPS 

MOPS 

MOPS 

Pion 

MOPS 

M0Pc 

Pion 

MOPS 

Pion 

Descent 

(bar) 

30 

30 

30 

30 

10 

10 

30 

30 

30 

30 

30 

30 

Legend:  CD 

- Cool/Dense;  Norn 

■ Nominal; 

P - Probe;  S 

* Shared;  E 

■ Entr.>; 

D 

« Descent;  Pion  ■ 

Pioneer 
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Telecommunication  Subsystem 


a.  Introduction  - The  parametric  analyses  were  intended  to  deter- 
mine the  effects  of  variations  in  trajectory  parameters  on  the  de- 
sign of  the  probe.  Major  trajectory  parameters  such  as  periapsis 
radius  and  entry  angle  affect  RF  power  requirements  significantly. 
The  parametric  studies  used  as  a basis  the  nominal  Jupiter  probe 
as  described  in  Section  B of  this  chapter. 

b.  General  - Considerable  effort  was  expended  in  determining  if 
an  optimum  operating  frequency  exists  since  several  losses  are 
directly  proportional  to  frequency  and  others  are  inversely  pro- 
portional to  frequency.  The  analysis  is  discussed  in  Volume  III, 
Appendix  B.  Results  of  the  frequency  selection  indicate  that  an 
optimum  frequency  does  not  exist,  but,  in  general,  the  lower  fre- 
quencies are  affected  less  by  the  RF  link  variables.  For  this 
reason,  the  original  operating  frequency  at  S-band  (2.3  GHz)  was 
abandoned  in  favor  of  a frequency  near  1 GHz.  Other  pertinent 
information  resulting  from  the  frequency  study  and  applicable  to 
the  parametric  designs  is  shown  in  Figures  V-ll  and  V-12.  The 
average  receiver  noise  figure  and  effective  noise  temperature  is 
shown  in  Figure  V-ll.  The  average  curve  was  used  for  all  mission 
studies  and  is  typical  for  transistor  amplifiers.  Figure  V-12 
depicts  the  noise  temperature  of  the  receiving  system  as  a func- 
tion of  frequency.  System  noise  temperature  is  the  sum  of  the 
receiver  temperature  shown  in  Figure  V-ll  and  the  antenna  noise 
temperature  also  shown  in  Figure  V-12  along  with  the  total  system 
curve. 

Attenuation  of  RF  signals  for  the  Jupiter  cool/dense  and  nominal 
atmospheres  are  shown  in  Figure  11-9  and  the  analysis  is  discussed 
in  detail  in  Volume  III,  Appendix  A.  Jovian  atmosphere  loss  is 
primarily  a result  of  absorption  by  the  clouds  and  atmosphere 
gasses.  As  seen  in  the  figure,  loss  is  much  less  for  the  nominal 
atmosphere.  - 

Several  types  of  antennas  are  required  for  the  various  missions 
depending  on  beamwidth  and  frequency.  Antenna  designs  are  dis- 
cussed in  detail  in  Volume  III,  Appendix  D.  The  spacecraft 
antenna  for  narrow  beamwidths  (<20°)  uses  a parabolic  dish  of  con- 
ventional design.  For  missions  that  require  high  gain,  a dish 
antenna  provides  a compact  design.  Circular  polarization  is  re- 
quired because  the  probe  is  spin-stabilized.  Missions  that  re- 
quire a spacecraft  antenna  with  a wide  beamwidth  and  low  gain  can 
use  a helical  antenna.  A helix  provides  the  proper  polarization 
and  is  a more  efficient  design  for  low  gain  and  large  beamwidth. 
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Figure  V-12  Spacecraft  Receiving  System  Temperature 
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Prcbe  pre-entry  antennas  must  have  a butterfly  pattern  that  results 
from  a large  probe  aspect  angle  prior  to  entry.  For  the  parametric 
designs  at  1 GHz,  a spiral  design  on  a cone  was  selected.  The  cone 
dimensions  are  too  large  at  0.86  GHz  and  an  annular  slot  antenna 
was  chosen  which  can  be  placed  under  the  deflection  motor.  The 
main  drawback  to  this  design  is  that  the  antenna  is  linearly  polar- 
ized and  cross-polarization  loss  will  exist  for  all  look  vectors 
occurring  during  the  probe  mission.  Since  pre-entry  communica- 
tions has  a secondary  priority,  design  of  a compact,  circularly 
polarized  antenna  with  a butterfly  pattern  is  not  considered  war- 
ranted. The  link  margin  is  above  zero  during  preentry  and  will 
overcome  any  polarization  loss. 

The  probe  descent  antenna  uses  a turnstile  design  over  a flared 
cone  to  provide  circular  polarization,  a large  axial  pattern,  and 
a compact  design.  The  flare  angle  and  cone  depth  can  be  adjusted 
to  achieve  the  desired  beamwidth. 

The  probe  transmitter  uses  solid  state  design  with  an  overall 
efficiency  of  45%.  Several  vendors  were  contacted  to  determine 
1975  state  of  the  art  and  upper  limits  on  RF  power  at  UHF.  Ven- 
dor response  is  discussed  in  detail  in  Chapter  IX,  Section  A. 4. 

An  80-W  unit  is  estimated  to  be  packaged  in  2500  cm3  (150  in.3) 
and  weighs  2.7  kg  (6  lb).  Further  investigation  into  transmitter 
packaging  and  weight  reductions  will  be  made  in  future  studies. 
Vendors  did  not  have  off-the-shelf  hardware  in  the  exact  frequency 
and  power  ranges  of  interest  on  this  pregram. 

The  transmitter  is  switched  from  the  pre-entry  antenna  to  the 
descent  antenna  during  planet  entry.  An  RF  coaxial  switch  re- 
liability performs  this  function.  For  power  levels  up  to  20  W, 
a solid-state  switch  may  be  used.  Above  20  W,  a mechanical  switch 
is  required.  This  is  a routine  performance  for  space  vehicles  and 
RF  switches  are  the  most  reliable  way  to  transfer  power  from  one 
antenna  to  another.  Typical  isolation  is  greater  than  50  dB,  maxi- 
mum, insertion  loss  is  0.3  dB,  and  standing  wave  ratio  is  1.25:1. 
See  Chapter  IX,  Section  A. 4 for  complete  details  on  the  RF  switch. 

Requirements  for  the  spacecraft  receiver  are  not  critical  and  a 
solid-state  design  using  transistors  or  tunnel  diodes  may  be  used. 
Average  noise  figures  for  the  receiver  front  end  are  shown  in  Fig- 
ure V-ll  as  a function  of  frequency.  Receivers  are  packaged  in 
380  cm3  (23  in.3)  and  weigh  0.9  kg  (2  lb).  Oscillator  stability 
is  maintained  if  the  operating  temperature  range  is  -40  to  +70°C 
(-40  to  158°F) . 
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a.  Parametria  Point  Designs  - Several  point  designs  were  investi- 
gated to  determine  the  design  of  the  telecommunication  subsystem. 
Configurations  that  affect  RF  power  requirements  are  listed  in 
Table  V-2  as  designs  1,  2,  3,  5,  and  8.  Each  design  will  be  dis- 
cussed in  the  following  paragraphs. 

Designs  1 and  2 varied  the  entry  angle  ±10°  about  the  reference 
mission  value  of  20°.  RF  power  requirements  were  determined  for 
the  two  entry  flight  path  angles  at  1 GHz  and  a bit  rate  of  28  bps. 
Spacecraft  and  probe  antennas  were  optimized  for  each  design. 

Major  design  parameters  for  the  two  designs  are  shown  in  Table  V-3 
for  Configurations  1 and  2.  The  total  RF  power  required  for  the 
conditions  given  in  the  table  is  plotted  in  Figure  V-13.  As  seen 
in  the  figure,  higher  flight  path  angles  resulted  in  lower  RF  power 
required  because  probe  dispersions  were  smaller  and  a smaller  space- 
craft beamwidth  could  be  used. 

Design  3 was  the  polar  entry  (90°  latitude)  design  as  seen  in  Table 
V-3.  RF  power  of  29  W is  required.  Probe  dispersions  were  not 
severe  and  a 30°  spacecraft  antenna  can  be  used.  The  mission  is 
almost  identical  to  the  nominal  mission  from  the  RF  subsystem 
standpoint , 

Design  5 shown  in  Table  V-3  is  identical  to  the  nominal  mission 
for  all  RF  parameters  except  for  using  the  nominal  atmosphere 
model  during  entry  and  descent.  As  seen  from  Figure  II-9,  atmo- 
sphere loss  for  the  nominal  model  at  10  bar  is  2.8  dB  less  than 
the  loss  for  the  cool/dense  model  at  30  bar.  The  end-of-mission 
descent  depth  of  10  bar  was  chosen  for  this  design  from  the  stand- 
point of  science  requirements.  As  seen  from  the  table,  the  total 
RF  power  required  is  12.4  W which  is  2.6  dB  lower  than  the  power 
required  for  the  nominal  mission.  The  purpose  of  this  point  de- 
sign was  to  determine  the  effects  on  RF  power  if  the  probe  were 
designed  for  the  cool/dense  atmosphere  and  the  mission  actually 
encountered  a nominal  atmosphere.  As  seen  in  the  table,  an  addi- 
tional RF  link  margin  of  2.6  dB  would  be  realized  and  data  would 
be  satisfactorily  communicated  to  the  spacecraft  for  descent  to  a 
depth  greater  than  10  bar.  The  limit  on  transmission  would  depend 
on  the  designed  burst  pressure  of  the  probe  and  the  time  when  an 
additional  atmosphere  loss  of  2.6  dB  was  encountered.  Configura- 
tion 4 as  described  in  Table  V-2  was  not  analyzed  from  the  communi- 
cations standpoint  because  whether  or  not  the  probe  is  transmitting 
during  entry  is  not  mission-critical  because  RF  blackout  will  oc- 
cur anyway.  The  nominal  atmosphere  model  during  descent  for  de- 
sign 4 then  becomes  identical  to  design  5 as  far  as  the  communica- 
tions subsystem  is  concerned. 
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Table  V-3  Telecommunication  Subsystem  Parameters  for  the 
Parametric  Point  Designs 


Point  Design  Configuration 

Parameter 

Nominal 

Oi 

l 

2 

3 

5 

8 

Periapsis  Radius , R^,  R^ 

2 

2 

2 

2 

2 

6 

Ejection  Radius,  R^j,  107  km 

1 

1 

1 

1 

3 

Entry  Path  Angle,  Yg,  -deg 

20 

10 

30 

20 

20 

Atmosphere 

CD 

CD 

CD 

1 

CD 

Norn 

CD 

Descent  Depth,  bar 

30 

30 

30 

3'. 

10 

30 

Entry  Antenna  Bearawidth,  deg 

35 

40 

20 

a 

35 

30 

Entry  Antenna  Gain,  dB 

13.5 

12.3 

16.4 

16 . 4 

13.5 

! 

14.8 

Descent  Antenna  Beamwidth,  deg 

120 

120 

125 

120 

120 

-k.a.sJ 

Descent  Antenna  Gain,  dB 
Spacecraft  Antenna  Beamwidth, 

5 

5 

4.7 

5 

5 

5 

deg 

45 

70 

40 

30 

45 

20/15 

Spacecraft  Antenna  Gain,  dB 

11.3 

7.6 

12.3 

15 

11.3 

18.3/21 

Total  RF  Power,  W 

22.8 

37.9 

17.6 

29 

12.4 

81/36 

Invarient  Parameters : 
Frequency  * 1 GHz 
Bit  Rate  » 28  bps 
System  Temperature  ■ 1280 °F 
\/^Q  ~ 8.9  dB 

Signal-to-Noise  Ratio  ■ 10  dB 
Tone  Bandwidth  ■ 15  Hz 

Legend  for  Jupiter  Atmospheres 
CD  ■ Cool/Dense 
Norn  ■ Nominal 

• 

• 
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Figure  V-1Z  RF  Power  Required  vs  Entry  Flight  Path  Angle 

Configuration*  6 and  7 did  not  affect  the  telecommunications  sub- 
system because  the  only  variations  from  the  nominal  probe  mission 
were  the  spacecraft  type,  as  seen  in  Table  V-2.  MOPS  1b  three- 
axis  stabilized  and  Pioneer  is  spun  stabilized  and  would  require 
a despun  probe  tracking  antenna  platform. 

Point  design  8 is  a mission  with  spacecraft  periapsis  at  6 R . 

J 

' Space  loss  becomes  a significant  factor  in  the  RF  link  and  probe 

dispersions  were  large  in  cone  angle  as  seen  in  Figure  V-14.  The 
first  design  attempt  used  a 35°  spacecraft  antenna  beamwidth,  which 
will  encompass  the  probe  dispersion  ellipses  shown  in  Figure  V-14. 
The  RF  power  required  was  315  w*  The  second  attempt  considered  a 
20°  spacecraft  antenna  beamwidth  as  shown  in  the  illustration.  The 
antenna  is  positioned  at  two  locations  and  has  a receiver  capable 
of  searching  in  cone  angle  with  an  AGC  loop  and  logic  circuits. 

At  acquisition  the  probe  is  somewhere  in  the  dispersion  ellipse. 

i 

s 


I 


I 


Nominal  Position 


Figure  V-14  Spacecraft  Antenna  Requirements  for  Point  Design  8 


The  antenna  is  moved  to  the  first  sector  position  and  the  logic 
circuit  records  the  AGC  voltage.  The  same  steps  are  repeated  for 
the  second  position  and  the  antenna  is  positioned  at  the  point 
with  the  highest  AGC  voltage.  Elevation  (cross  cone)  angle  varia- 
tions are  very  small  and  position  searches  in  that  direction  are 
unnecessary. 

A Monte  Carlo  analysis  was  performed  on  100-sample  missions  with 
selected  missions  tracked  in  position  from  acquisition  to  entry. 

The  results  indicate  that  a probe  in  the  left  half  of  the  ellipse 
at  acquisition  will  enter  in  the  left  half  and  not  move  to  some 
other  random  position.  This  fact  is  very  helpful  because  the  final 
position  of  the  probe  will  be  known  at  entry,  based  on  probe  loca- 
tion at  acquisition.  Additional  position  searches  will  not  be  nec- 
essary after  the  initial  search  technique. 

As  seen  in  Table  V-3,  using  a 20°  spacecraft  antenna  beamwidth  re- 
sults in  a requirement  of  81  W,  which  is  the  upper  limit  on  RF 
power  at  1 GHz  for  1975  state  of  tie  art.  Therefore,  a third  at- 
tempt was  made  at  RF  power  reduction  by  a further  increase  of 
spacecraft  antenna  gain.  A 15°  beamwidth  with  3-position  search 
was  next  considered.  This  increased  the  spacecraft  antenna  gain 
by  almost  3 dB  and,  as  seen  in  the  table,  the  RF  power  required 
drops  to  36  U.  The  frequency  must  not  be  lower  than  1 GHz  or  the 
antenna  dish  size  will  exceed  the  1.52  m (60  in.)  maximum  envelope 
restriction  under  the  payload  fairing.  The  sector  search  technique 
is  the  same  as  described  previously  for  two  positions.  Total  search 
time  will  be  longer  with  more  complex  logic  circuits  in  the  receiver. 

Point  designs  9,  10,  and  11,  as  described  in  Table  V-2,  only  involved 
variations  in  the  deflection  technique  and  type  of  spacecraft.  The 
results  did  not  affect  the  communications  geometry.  As  mentioned 
previously,  the  Pioneer  spacecraft  is  spun  stabilized  and  a despun 
antenna  platform  is  required.  All  other  communications  parameters 
are  the  same  as  for  the  reference  (nominal)  mission. 

d.  Spacecraft  Receiver  Tracking  and  Acquisition  - The  design  of 
the  spacecraft  receiver  is  a function  of  the  modulation  technique, 
coding,  Doppler  uncertainty  and  Doppler  rate.  The  modulation  tech- 
nique was  selected  for  the  purpose  of  evaluation  rather  than  opti- 
mization. PSK  modulation  has  been  thoroughly  studied  for  many  ap- 
plications and  evaluated  in  a previous  study.  Although  PSK  would 
provide  the  lowest  power  link.  It  is  subject  to  phase  disturbances 
in  the  planetary  atmospheres  which  are  largely  unknown.  Binary 
FSK  modulation  was  therefore  chosen  as  a less  susceptible  approach. 
This  type  of  modulation  has  problem  areas  associated  with  acquisi- 
tion and  tracking.  The  possibility  of  receiving  and  recording  a 
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broadband  corresponding  to  the  frequency  uncertainty  was  consid- 
ered and  discarded  because  of  the  large  storage  requirements  on 
the  spacecraft  and  the  ultimate  difficulty  of  demodulating  and 
decoding  the  signal  at  the  ground  terminal.  As  a result,  the 
principal  efforts  on  the  development  of  the  spacecraft  receiver 
c' ifiguration  were  directed  at  specifying  and  defining  the  method 
of  tracking  and  acquisition.  The  final  approach  by  which  the  data 
are  relayed  to  the  ground  terminal  may  select  one  of  several  alter- 
natives: recording  a narrow  predemodulation  bandwidth  or  demodula- 

tion with  or  without  decoding.  A full  evaluation  of  these  alter- 
natives involves  basic  communication  research  and  is  also  influ- 
enced by  spacecraft  capability  and  is  considered  beyond  the  scope 
of  this  contract. 

The  problem  of  acquisition  was  initially  studied  with  the  intent 
to  acquire  and  track  the  data  tones.  Fiist  approaches  considered 
methods  for  combining  the  two  data  signals  both  before  demodulation 
and  after  demodulation.  The  former  was  considered  in  systems  which 
used  a beat  oscillator  frequency  midway  between  the  two  data  tones 
and  the  use  of  two  beat  oscillator  frequencies  located  at  equal 
frequency  distances  from  the  two  tones.  These  predetection  com- 
bination methods  would  make  maximum  use  of  the  received  signal 
but  have  been  discarded  because  the  difficulty  in  establishing 
that  phase  coherency  of  the  summed  output  signals  could  be  achieved. 
Tracking  and  acquisition  of  combined  post-detection  signals  had  to 
be  discarded  because  of  insufficient  signal-to-noiae  ratio.  This 
approach  is  further  compromised  by  use  of  coding  which  decreases 
signal  power  and  increases  bandwidth.  There  is  an  obvious  trade- 
off for  this  approach  as  the  data  rate  decreases,  uncoded  data 
would  provide  sufficient  power  density  in  a narrow  band  to  allow 
acquisition  and  tracking  of  the  data  signal.  Also,  since  many  of 
the  probe  missions  require  RF  power  outputs  which  are  well  below 
the  present  state-of-the-art  capability,  increasing  the  power 
could  decrease  the  complexity  of  the  spacecraft  receiver  as  com- 
pared with  the  approach  selected  in  this  study.  It  is  reasonable 
to  consider  that  a flight  design  will  provide  excess  margin  wherever 
possible  rather  than  the  minimum  power  required  by  the  analysis  of 
the  mission.  In  view  of  the  above  considerations,  a link  that  pro- 
vided a constant  tone  signal  in  addition  to  the  binary  FSK  tones 
was  finally  selected  as  a realizable  system.  The  basis  of  the 
evaluation  is  derived  directly  from  Reference  1. 

The  above  referenced  paper  considers  the  acquisition  of  a signal 
with  frequency  changing  linearly  with  time  with  99X  probability 
of  acquisition  and  IX  probability  of  false  alarm.  Although  the 
reference  considers  a data  signal,  the  analysis  is  based  on  a tone 
and  is  therefore  appropriate  to  the  anelysis  of  a binary  FSK  system 
with  a tracking  and  acquisition  tone. 
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The  analysis  of  the  tracking  error  uses  classical  techniques.  A 
signal-to-noise  ratio  S/Nj  T - 10  dB  Is  provided  for  the  tracking 

loop.  No  evaluation  of  the  effects  of  noise  on  tracking  or  of  the 
characteristics  of  the  acquisition  transient  was  made;  however , 
with  the  above  signal-to-noise  ratio  and  the  general  conservatism 
of  the  design,  no  problem  is  anticipated  in  realizing  this  design. 
Details  of  the  above  analyses  may  be  found  in  Appendix  C of  this 
report . 

e.  Error  Correction  Detection  Coding  - A noncoherent  FSK  system, 
and  especially  a binary  system,  will  give  poor  performance  when 
compared  to  that  attainable  according  to  the  Shannon  Theory.  In 
attempting  to  offset  this  deficiency,  error  correcting  codes  must 
be  used. 

Convolutional  codes  are  easiest  to  implement  and  provide  the  best 
performance;  therefore,  only  convolutional  codes  were  considered 
in  this  study.  Either  long  or  short  constraint  length  codes  may 
be  used  depending  upon  the  amount  of  processing  if  any  to  be  done 
on  the  spacecraft.  The  options  range  from  digitally  sampling  the 
received  signal  and  recording  the  data  for  relay  to  Earth  to  fu?ly 
detecting  and  decoding  the  signal  on-board  the  spacecraft.  It 
was  decided,  therefore,  to  assume  use  of  a short  constraint  length 
K - 8 and  rate  *s  (V  ■ 2)  code  and  3-bit  soft  decision  - coding 
(Q  - 8)  using  a maximum  likelihood  decoder.  Therefore,  the  follow- 
ing approach  was  taken  to  estimate  the  required  E^No  for  the  de- 
sired bit  error  rate  of  5 parts  in  105s  (1)  determine  the  coding 

gain  at  this  same  error  rate  for  a coherert  PSK  channel;  (2)  as- 
sume that  the  coding  gain  for  binary  FSK  will  be  equally  as  good. 

Figure  V-15,  which  is  taken  from  Figure  2 of  Reference  2,  w • used 
to  determine  coding  gain  for  the  proposed  coding  and  decoding 
algorithm  which  yielded  a value  of  5.1  dB.  The  uncoded  E^yNQ  for 

binary  FSK  at  a bit  error  rate  of  5 x 10“5  is  13  dB.  Subtracting 
5.1  db  from  13  dB  yields  7.9  dB  as  the  value  for  for  a coded 

binary  FSK  signal.  One  dB  was  add^d  to  this  to  cover  contingen- 
cies resulting  in  a final  value  of  E./N  of  8.9  dB  for  the  probe- 
to-space craft  relay.  0 
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f*  Direct  Communications  Link  to  Earth  - The  direct  link  study 
of  the  original  contract  (Ref  3)  was  used  as  a basis  from  which 
extrapolations  were  made,  as  necessary,  to  the  conditions  of  the 
nominal  reference  probe  mission.  The  fact  that  the  direct  link 
would  require  a steeper  entry  than  that  imposed  on  the  original 
study  was  ignored,  as  required  by  the  statement  of  work.  There- 
fore, acceptable  sub-Earth  point  geometry  was  assumed  for  the  di- 
rect link  to  Earth  from  Jupiter. 

Original  Study  Criteria  - In  order  to  set  the  criteria  for  the 
direct  link  study,  certain  ground  rules  from  the  original  study 
are  summarized.  Dispersions  to  the  probe  aspect  angle  were  3.6° 
at  entry  and  end  of  mission.  Probe  aspect  angle  varied  33.5°  dur- 
ing the  mission  from  entry  to  a depth  of  17  bar,  which  required 
0.93  hr.  Targeting  was  designed  to  keep  the  probe  as  close  to 
the  sub-Earth  point  as  possible. 

Communications  frequency  was  constrained  to  the  DSN  (deep  space 
net)  frequency  of  2.3  GHz  (S-band)  with  a coded  noncoherent  modu- 
lation format  using  32-ary  FSK  (frequency  shift  keying)  with  a 
1/5-th  rate,  constraint  length  8 convolutional  encoder.  Predetec- 
tion recording,  noncoherent  detection,  and  Viterbi  decoding  were 
assumed  at  the  DSN  ground  station.  The  post-entry  bit  rate  was 
20  bps  with  no  preentry  communications.  The  probe  used  a high 
gain  (22  dB)  steerable  phased  array  antenna  radiating  15  W of  RF 
power.  Noncoherent  signaling  was  chosen  over  coherent  since  it 
avoids  losses  resulting  from  power  in  the  carrier.  The  savings 
exceeds  the  loss  because  less  efficient  detection  for  low  data 
rates  gives  an  advantage  to  noncoherent  signaling  at  these  low 
rates. 

For  a bit  error  rate  (BER)  of  5 x 1(T5  with  32  FSK  and  K =*  8 code, 
an  7.4  dB  was  used.  Convolutionally  encoded  with  Viterbi 

decoding  results  in  an  improvement  of  2.5  dl  by  holding  the  data 
rate  constant  and  reducing  power,  or  ■ 4.9  dB.  Demodulation 

losses  of  1.6  dB  were  used  for  the  MFSK  signaling  format  because 
of  imperfect  frequency  and  symbol  synchronization  tracking  (Ref  4) . 
This  is  a conservative  estimate  for  iterative  processing  of  prede- 
tection recording.  The  expected  performance  is  degraded  by  this 
loss,  resulting  in  an  equivalent  E, /n  of  6.5  dB  for  the  design 
link.  _ “b/  o 


A steerable  high  gain  antenna  was  required  to  hold  the  transmitter 
to  a reasonable  power  level.  The  antenna  size  was  limited  by  avail- 
able space  on  the  probe;  size  is  inversely  proportional  to  the  fre- 
quency. An  array  was  chosen  on  the  original  study  (Ref  3,  Vol  II, 
p VII-95) . Pointing  information  was  derived  from  the  up-link  sig- 
nal from  Garth  which  permits  the  use  of  a self-focusing  array  that 
gives  rapid  acquisiton  and  flexible  tracking.  Frequency  search 
and  acquisition  was  achieved  by  an  element  of  the  array.  The  maxi- 
mum gain  is  22  dB  with  gain  decreasing  as  cos  $ for  scanning  off 
boresight.  The  antenna  array  with  RF  power  amplifiers  at  each 
element  weighed  23  kg  (51  lb) . 

RF  link  calculations  for  the  described  conditions  of  the  original 
study  are  depicted  in  Table  V-4  (Ref  3,  Vol  II,  p VII-100)  for  a 
noncoherent  system.  The  DSN  dish  antenna  has  a maximum  gain  of 
61.4  ± 0.4  dB  with  a feed  system  capable  of  handling  transmission 
and  reception  at  2.3  GHz.  The  zenith  noise  temperature  is  23  ± 3°K 
which  is  augmented  by  4°  to  account  for  Jovian  disk  noise  in  the 
main  beam  and  6°  for  Earth  ionosphere  noise  resulting  from  scanning 
65°  off  zenith  (Ref  5) . Adding  these  items  gives  a total  DSN 
antenna  noise  temperature  of  33  ± 3°K.  Jovian  atmospheric  and  de- 
focusing  losses  were  2.6  dB  for  a depth  of  17  bar  at  2.3  GHz  using 
the  original  nominal  atmosphere  model.  Adverse  tolerances  for  the 
receiving  antenna  gain  results  from  pattern  asymmetry  and  cross- 
polarization. Probe  antenna  pointing  losses  result  from  the  30- 
aspect  angle  dispersions.  Communications  range  from  Earth  to 
Jupiter  is  6.36  AU  or  9.54  x 10s  km  with  a round  trip  transmission 
time  of  100  min.  Receive  circuit  losses  include  a recorder  loss 
of  1 dB.  A safety  margin  of  2.6  dB  over  the  total  adverse  toler- 
ance was  selected  (Table  V-4,  Line  21)  resulting  in  a probe  trans- 
mitter RF  power  of  15  W required  for  the  direct  S-band  link. 

Updated  Direct  Link  Calculation  - Parameters  of  the  previous  study, 
where  applicable,  were  used  to  calculate  the  RF  power  for  a direct 
Earth  link  for  the  nominal  mission  trajectory.  Several  conditions 
resulted  in  differences  in  link  parameters.  The  nominal  mission 
for  the  present  study  uses  binary  FSK  modulation  and  extends  to  a 
depth  of  30  bar  in  a cool/dense  atmosphere.  These  were  the  two 
major  link  differences.  E^/N^  for  BFSK  is  8.9  dB  with  a 1-dB 

recording  loss,  and  a Doppler  offset  loss  during  entry  of  1 dB. 
Parameters  for  the  revised  direct  link  study  are  listed  in  Table 
V-5  with  changed  values  noted  with  an  asterisk.  Probe  aspect 
angle  varied  13°  during  the  mission  with  a 3o  dispersion  of  3.6° 
as  seen  in  Figure  V-16.  The  phased  array  maintains  the  beam  center 
towards  Earth;  therefore,  position  dispersion  is  the  only  source  of 
antenna  pointing  error.  Atmospheric  loss  for  30  bar  depth  increased 
from  2.4  to  13.8  dB. 
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Table  V-4  Original  Probe  Telemetry  Design  Control  Table 


Planet:  Jupiter 

Mission:  Direct  Link  (Mission  F) 


Modulation:  32-ary  FSK 

Frequency:  2.3  GHz 


Parameter 

Nominal 

Value 

Adverse 

Tolerance 

Remarks 

i. 

Total  Transmitter  Power,  dBW 

11.8 

0.4 

15  W 

2. 

Transmitting  Circuit  Loss,  dB 

-0.5 

0.5 

3. 

Transmitting  Antenna  Gain,  dB 

22.0 

0 

Phased  array 

4. 

Transmitting  Antenna  Pointing  Loss,  dB 

0. 

0.3 

3a  = 3.6° 

5. 

Space  Loss,  dB 

-279.2 

0 

9.5  x 108  km 

6. 

Planet  Atmosphere  & Defocus  Loss,  dB 

-2.4 

0.2 

17  bar,  nominal 

7. 

Polarization  Loss,  dB 

0 

0.5 

8. 

Receiving  Antenna  Gain,  dB 

61.4 

0.4 

210-ft  DSN 

9. 

Receiving  Antenna  Pointing  Loss,  dB 

0 

0 

10. 

Receiving  Circuit  Loss,  dB 

-1.1 

0 

11. 

Net  Circuit  Loss,  Z (2  ->*10),  dB 

-199.8 

1.9 

12. 

Total  Received  Power  (1  -1-  11),  dBW 

-188.0 

2.3 

13. 

Receiver  Noise  Spectral  Density,  Nq,  dBW 

-212.8 

0.4 

Tg  = 33  ± 3°K 
NFP  = 0.47  dB 

Data 

Channel 

14. 

Fading  Loss,  dB 

0 

0 

15. 

Processing  Loss,  dB 

0 

0 

16. 

Received  Data  Power  (12  + 14  + 15) , dBW 

-188.0 

2.3 

17. 

Data  Bit  Rate,  1 dB 

13.0 

0 

Tb  - 20  bps 

18. 

Threshold  dB 

6.5 

i 

0 

19. 

Threshold  Data  Power  (13  + 17  + 18) , dBW 

-193.3 

0.4 

20. 

Performance  Margin  (16  - 19),  dB 

5.3 

2.7 

21. 

Nominal  Over  Adverse  Value  (20  - 20  adv) , 
dB 

2.6 

Conditions:  1. 

2. 

3. 

4. 

5. 

6. 


Data  taken  from  original  study.  Mission  F (Ref  3,  Vol  II, 
p VII-100) 

Noncoherent  coded  system 

Predetection  recording,  noncoherent  detection 
Viterbi  decoding 

Convolutional  encoder,  M ■ 32,  V ■ 5,  Q ■ 8 

BER  - 5 x 10" 5 for  32-ary  FSK  with  K » 8 code 
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Table  V-5  Probe  Telemetry  Design  Control  Table  for  Nominal  Probe 
Direct  Link 


Planet : Jupiter 

Mission:  Direct  Link 


Modulation:  BFSK 

Frequency:  2.3  GHz 


Parameter 

Nominal 

Value 

Adverse 

Tolerance 

Remarks 

1. 

Total  Transmitter  Power*,  dBW 

25.1 

0 

400  W 

2. 

Transmitting  Circuit  Loss,  dB 

-0.5 

0.5 

3. 

Transmitting  Antenna  Gain,  dB 

22.0 

0 

Phased  array 

4. 

Transmitting  Antenna  Pointing  Loss,  dB 

0 

0.3 

AiJ/  = 3.6° 

5. 

Space  Loss,  dB 

-279.2 

0 

9.5  x 108  km 

6. 

Planet  Atmosphere  & Defocus  Loss*,  dB 

-13.8 

0.2 

Cool /dense 

7. 

Polarization  Loss,  dB 

0 

0.5 

8. 

Receiving  Antenna  Gain,  dB 

61.4 

0.4 

210-ft  dish 

9. 

Receiving  Antenna  Pointing  Loss,  dB 

0 

0 

10. 

Receiving  Circuit  Loss*,  d3 

-0.1 

0 

11. 

Net  Circuit  Loss,  Z(2  ■+  10)*,  dB 

-210.2 

1.9 

12. 

Total  Received  Power  (1  + 11)*,  dBW 

-185.1 

1.9 

13. 

Receiver  Noise  Spectral  Density,  Nq,  dBW 

-212.8 

0.4 

Tg  » 33  ± 3°K 
NFg  - 0.47  dB 

Data 

Channel 

14. 

Fading  Loss,  dB 

0 

0 

15. 

Processing  Loss*,  dB 

-1.0 

0 

16. 

Received  Data  Power  (12  + 14  + 15)*,  dBW 

-186.1 

1.9 

17. 

Data  Bit  Rate,  l^T^* , dB 

14.5 

0 

T^  ■ 28  bps 

18. 

Threshold  , dB 

8.9 

1.0 

BFSK,  entry 

19. 

Threshold  Data  Power  (13  + 17  + 18)*,  dBW 

-189.4 

1.4 

20. 

Performance  Margin  (16  - 19)*,  dB 

3.3 

3.3 

• 

rH 

CM 

Nominal  Over  Adverse  Value  (20  - 20  adv)*, 
dB 

0 

Conditions:  1.  Changes  to  the  original  study  parameters  (Table  V-4)  denoted  by 

an  asterisk 

2.  Noncoherent  coded  system 

3.  Predetection  recording,  noncoherent  detection 

4.  Viterbi  decoding 

5.  Convolutional  encoder,  M-2,V-2,Q-8 

6.  BER  ■ 5 x 10"5  for  binary  FSK  with  K ■ 8 code 
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The  bit  rate  for  the  nominal  mission  is  28  bps  which  is  1.5  dB 
higher.  Threshold  is  8.9  dB  which  results  in  a 3.9  dB  higher 

threshold  data  power  than  originally.  Total  received  power  is 
2.9  dB  higher  and  the  net  circuit  losses  are  10.4  dB  higher  with 
the  increased  atmospheric  loss  the  main  factor.  Performance  mar- 
gin was  set  to  equal  the  adverse  tolerance,  in  keeping  with  stand- 
ard JPL  philosophy. 

The  resulting  RF  power  is  400  W which  is  13.3-dB  higher  than  the 
power  of  15  W determined  on  the  original  study  (Table  V-4) . The 
11.4  dB  difference  is  attributed  to  atmosphere  loss  and  is  the 
major  factor  in  the  power  disparity.  The  nominal  mission  adjusted 
to  a depth  of  17  bar  results  in  a transmitter  power  of  18.6  dBW, 
or  72.2  W.  The  higher  power  is  attributed  mainly  to  the  new  cool/ 
dense  atmosphere  model.  If  an  upper  limit  of  40  W at  S-band  were 
considered,  a depth  of  13  bar  could  be  reached  before  atmosphere 
absorption  reduced  the  RF  link  margin  below  zero. 
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In  conclusion,  a direct  link  to  Earth  is  not  practical  for  a mis- 
sion depth  of  30  bar  at  S-band.  Lowering  the  frequency  will  re- 
duce atmosphere  loss  and  RF  power  required,  but  the  probe  array 
antenna  size  becomes  prohibitive.  Decreasing  the  mission  depth  to 
13  bar,  or  less,  results  in  a viable  mission  at  S-band  from  the 
communications  standpoint.  RF  power  levels  will  be  40  W,  or  less, 
as  the  depth  is  reduced  above  13  bar.  These  levels  are  within  the 
S-band  transmitter  state  of  the  art  and  avoid  the  possibility  of 
encountering  antenna  and  transmitter  RF  breakdown  problems. 
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Data  Handling  Subsystem  (DHS) 


The  configuration  of  the  data  handling  subsystem  was  based  on 
studies  of  probe  requirements  for  Venus  and  the  outer  planets. 
Consideration  was  given  to  two  general  types  of  systems:  the 

Adaptive  Control  and  Data  Processing  Group  (ACDPG)  and  Control  and 
Data  Processing  Unit  (CDPU) . The  ACDPG  (Fig.  V-17)  consists  of  a 
computer  and  a Processor  Interface  Unit  (PIU)  which  includes  all 
the  functional  blocks  except  the  computer.  The  selected  computer 
is  a nonredundant  version  of  the  Advanced  Onboard  Processor  (AOP) 
which  is  being  considered  by  Martin  Marietta  for  outer  planet 
spacecraft.  It  employs  a plated  wire  memory  and  bipolar  (non-MOS) 
LSI  circuits.  By  use  of  a system  like  the  ACDPG,  an  increase  of 
approximately  5.5  kg  and  4 W over  the  CDPU  version  could  be  traded 
off  against  savings  in  weight  and  power  in  attitude  control  and 
the  instruments.  Since  the  AOP  computer  is  designed  for  redun- 
dancy functions,  it  may  be  expected  that  an  additional  10  to  30% 
decrease  in  weight  and  power  could  be  achieved  for  the  computer. 

The  evaluation  of  the  CDPU  involved  a rather  pragmatic  evaluation 
of  mission  viability  which  considered  the  fluctuating  instrument 
designs  with  consequent  changes  in  interface  requirements,  devel- 
opment costs,  schedule,  and  practical  reliability  aspects.  The 
major  functional  requirements  of  the  data  management  subsystem 
are  shown  in  Table  V-6.  Except  for  the  entry  accelerometer  instru- 
ment, there  are  no  significant  storage  requirements.  For  any  spe- 
cific atmosphere,  there  is  a fixed  sequence  and  format.  Conse- 
quently, the  decision-making  capability  and  processing  complexity 
of  the  subsystem  tend  to  \e  minimized.  The  decision  as  to  the 
locale  of  the  various  functions  must  consider  the  variability  of 
the  science  processing  requirements  during  the  development  of  the 
instruments  as  well  ati  the  significant  differences  between  instru- 
ments. The  high  radiation,  g-stress  and  long-life  environment, 
as  well  as  the  value  of  partial  data  return,  provide  a basis  for 
a decentralized  data  handling  subsystem.  The  remaining  functionr 
that  are  necessarily  common  to  all  functions  (i.e.,  formatting  and 
sequencing)  should  be  well  protected  from  failure  by  redundancy. 

A decentralized  subsystem  should  be  cost  and  schedule  effective 
through  the  development  program. 

The  design  of  a data  handling  subsystem  (Fig.  V-18)  that  primarily 
serves  to  provide  formatting,  sequencing,  and  encoding  may  be  im- 
plemented from  available  qualified  components,  integrated  circuits, 
and  piece  parts.  Selection  of  such  devices  will  be  heavily  influ- 
enced by  established  reliability  and  radiation  resistance. 


Table  V-6  Data  Management  Functional  Requirements 


Function 

Application 

Function 

Locale 

Comments 

Timing 

Sequencing 

DHS 

Hardwire/Programmable 

Synchronization 

DHS 

Sync  Bus 

Data  Storage 

Accelerometer 

DHS 

Blackout  Data 

Engineering 

DHS 

Probe  Readiness 

Data  Processing 

Accelerometer 

Inst 

Turbulence 

NMS 

Inst 

Analog/Digital  Conversion 

Pressure 

DHS/ Inst 

Analog/Digital  Conversion 

Temperature 

DHS /Inst 

Analog/Digital  Conversion 

Engineering 

DHS 

Analog/Digital  Conversion 

Sequencing/Format 

Preentry  Probe 
Readiness 

DHS 

Ccast  Timer/Battery  Initiate 

Data  Transmission 

DHS 

Engineering  Data 

Postentry  Black 

DHS 

G Switch  Initiate 

Probe  Readiness 

DHS 

Engineering/Accelerometer  Data 

Data  Transmission 

DHS 

Descent  Format 

Consideration  of  atmospheric  variability  indicate  a need  for  adap- 
tive functions  in  the  subsystem  that  could  conceivably  optimize 
the  data  return.  With  the  present  instrument  package,  the  advan- 
tages of  optimization  with  respect  to  the  data  return  and  probe 
design  do  not  appear  to  be  significant.  Furthermore,  the  informa- 
tion available  (i.e.,  temperature  and  pressure)  are  not  sufficiently 
well  known  to  make  a valid  format  decision  at  the  required  altitudes. 

As  a result  of  the  above  considerations  and  comparisons,  the  rec- 
ommended approach  is  the  special  purpose  CDPU.  The  alternative 
configuration  may  be  reconsidered  if  there  is  extensive  elabora- 
tion of  the  instrument  payload,  or  c more  flexible  in-flight  pro- 
grammable system  is  required.  A more  complete  description  of  this 
subsystem  may  be  found  in  Volume  III,  Appendix  H. 


V-40 


9U  u 

2 ® 
I «“l  O <H 


efi  ^ -a  cl  co 
■*  3 C c g 
Q X H < 


:a  i*  i 


iflil. 


S3HCT- 

I 


Figure  V-18  Data  Handling  Subsystem,  Special  Purpose  Approach 


Power  and  Pyrotechnic  Subsystem 


The  power  subsystem  consists  of  two  sections  (Fig.  V-19)  that  re- 
flect the  differing  requirements  during  the  post-separation  and 
the  entry/descent  periods.  Power  during  separation  will  be  pro- 
vided by  a centralized  conditioning  unit  to  supply  the  p^wer  for 
attitude  control,  vehicle  engineering  and  other  electronics  active 
at  this  time.  During  the  entry  and  descent  phase  of  probe  opera- 
tion, battery  power  will  be  distributed  by  a relay  controlled 
power  distribution  unit  and  isolated  by  power  separation  filters. 
Primary  power  will  be  provided  by  remote  activated  pile  construe  • 
tion  silve  zinc  primary  cells.  Energizing  the  probe  separation 
battery  will  be  accomplished  by  the  probe  electronics  but  will  be 
implemented  with  spacecraft  power  and  signal.  Energizing  the  sec- 
ond battery  before  entry  will  be  implemented  by  the  probe  pryo- 
technic  electronics  which  will  be  (briefly)  powered  by  a long- 
life mercury-zinc  battery.  This  event  will  be  initiated  by  a 
coast  (Accutron)  timer  that  has  a self-contained  power  source 
(mercury-zinc).  Although  this  a^ roach  requires  two  additional 
low  power  batteries,  the  disparity  between  the  voltage  level  re- 
quired for  the  pyrotechnics  (40  V)  and  the  timer  (1.6  V)  make  a 
single  battery  impractical. 

The  subsystem  configuration  is  essentially  a result  of  the  battery 
selection.  The  remote  activated  battery  does  not  maintain  capacity 
when  activated  for  more  than  2A  hours.  Consequently,  the  two 
active  phases  of  the  probe  mission  each  require  a separate  bat- 
tery. Since  the  ACS  system  is  required  only  during  the  post- 
separation phase,  reliability  considerations  suggest  the  complete 
isolation  of  the  post-separation  power  buB  from  the  entry  power 
bus.  The  two  power  systems  were  then  configured  to  meet  the  dif- 
fering electrical  and  environmental  requirements. 

Selection  of  the  battery  was  based  on  studies  of  outer  planet 
probe  requirements  for  several  programs.  The  tradeoff  evalua- 
tion used  a nominal  Jupiter  probe  mission  for  life,  required  wet 
stand,  and  temperature  profiles.  Consideration  was  given  tc  sec- 
ondary Ag-Zn  batteries  flown  on  float  charge,  discharge  and  open 
circuit.  Nickel-cadmium  (Ni-Ced)  batteries  were  evaluated  in 
float  and  discharge  conditions  for  the  cruise  mode  (530  days) . 

All  of  these  approaches  would  require  some  battery  development 
and  extensive  testing  for  the  mission.  Expected  development  and 
testing  by  the  1975  time  period  for  long-llfa  batteries  will  prob- 
ably emphasize  Ni-Cad  batteries  which  have  tablished  capability. 


However,  these  batteries  would  exact  a considerable  weight  penalty 
on  the  probe  design.  The  above  approaches  would  also  require  the 
spacecraft  to  perform  considerable  battery  conditioning  before 
probe  separation,  and  would  increase  the  complexity  of  the  space- 
craft/probe interface.  The  remote  activated  Ag-Zn  batteries  have 
established  dry-stand  capability  (91  months)  which  is  comparable 
to  Uranus  mission  requirements.  The  reliability  of  these  units 
has  been  established.  The  major  problem  is  the  short  wet-stand 
capability  caused  by  the  probability  of  sneak  paths  in  the  fill 
manifold.  Solution  of  this  problem  and  known  modifications  to 
the  separator  material  could  extend  the  wet  stand  to  30  days  (i.e., 
comparable  to  manual  fill  Ag-Zn  primary  batteries).  The  shorting 
problem  in  the  fill  manifold  appear  solvable  with  a low  cost  de- 
velopment program  and  several  possible  approaches  are  described 
in  the  literature  and  in  Volume  III,  Appendix  G.  The  pile  con- 
struction battery,  while  not  in  extensive  use  in  this  country  for 
the  ampere-hour  capability  required  by  the  probe  missions  , ("*5  amp- 
hr) , would  provide  an  approximate  50%  reduction  in  weight.  Inas- 
much as  the  state  of  the  art  of  communications  subsystem  will 
allow  RF  power  considerably  in  excess  of  present  requirements,  it 
is  expected  the  power  requirements  for  this  major  load  will  in- 
crease in  order  to  provide  more  data  or  a greater  reliability  mar- 
gin. In  view  of  the  above  considerations,  the  remote-activated 
Ag-Zn  pile  construction  battery  is  recommended  for  the  outer  planet 
entry  probe  design. 

The  selection  of  the  Hg-Zn  batteries  for  the  Accutron  timer  and 
the  initial  entry  pyrotechnic  event  was  not  based  on  a rigorous 
evaluation.  Some  brief  considerations  were  given  to  other  type 
power  sources  but  the  Hg-Zn  battery  appears  to  provide  a higher 
energy  density  for  the  Jupiter  mission.  The  requirements  of  the 
Saturn  mission  may  also  be  met  by  the  Hg-Zn  battery  based  on  ex- 
trapolated degradation  data  (-7%/year) . Although  this  appears  to 
be  a reasonable  estimate  and  consistent  with  the  emphasis  of  this 
study,  justification  of  this  estimate  on  a qualitative  basis  (i.e., 
test  data)  was  not  obtainable  in  the  primarily  commercial  documenta- 
tion of  this  component.  The  approximate  7-year  wet  stand  required 
by  the  Uranus  mission  may  necessitate  a re-evaluation  of  power 
sources  for  this  low  energy  application.  Prime  candidates  for 
this  purpose  are  the  low  power  RTG  sources  now  under  development 
in  Pacemaker  programs.  These  designs  could  fulfill  the  energy 
demand  but  development  would  be  required  because  of  their  charac- 
teristic low  voltage  which  would  entail  possibly  prohibitive  power 
conditioning  losses.  In  any  event,  the  size  and  weight  of  these 
various  components  are  all  small  and  do  not  constitute  a major 
concern  in  the  present  state  of  outer  planet  entry  probe  design. 
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The  alternative  choices  for  the  pyrotechnic  system  design  are 
limited  to  battery  bus  and  capacitor  bank  activation  approaches. 
Since  use  of  the  battery  bus  would  lead  to  serious  noise  and 
transient  problems,  and  would  probably  require  a third  power  dis- 
tribution system  and  an  additional  low  power  battery,  the  charged 
capacitor  bank  approach,  was  selected.  A more  complete  description 
of  the  trade-off  evaluations  for  the  power  and  pyrotechnic  subsys- 
tems may  be  found  in  Volume  III,  Appendix  G of  this  report. 

Attitude  Control  Subsystem  (ACS) 

The  general  attitude  control  problem  requires  separation  of  the 
probe  from  a 3-axis  stabilized  spacecraft,  spinup  to  10  rad/sec 
(^100  rpm) , development  of  a delta  velocity  impulse  accurately 
oriented  in  space  (^1°  error),  and  then  maneuver  to  the  final 
entry  attitude.  If  the  spacecraft  deflection  mode  is  used,  spin- 
up to  5 rpm  is  the  only  requirement.  For  a mission  using  the 
Pioneer  spacecraft,  spinup  is  provided  by  the  spacecraft.  The 
latter  two  cases  both  allow  reduction  in  complexity  and  cost  of 
the  attitude  control  design. 

Several  alternative  design  approaches  were  considered  to  implement 
the  attitude  control  requirements.  The  principal  consideration  in 
the  survey  of  possible  systems  was  simplicity,  reliability,  and 
use  of  available  components,  since  these  aspects  have  a direct  im- 
pact on  cost.  A few  of  these  alternatives  are  briefly  discussed 
below. 

a.  Offset  Thrust  - The  described  conditions  for  the  mission  pro- 
files that  require  attitude  control  indicate  that  two  attitude 
positions  are  required:  (1)  the  orientation  for  the  delta  veloc- 

ity impulse  and  (2)  the  final  position  for  entry.  It  has  been 
considered  that  if  the  delta  velocity  impulse  could  be  applied  at 
an  angle  with  respect  to  the  spin  axis,  the  probe  could  be  sepa- 
rated with  spin  in  the  entry  orientation  and  no  attitude  maneuver 
would  be  required.  This  approach  could  be  implemented  in  one  of 
two  ways:  (1)  a combination  of  axial  thrust  and  an  impulse  at 

right  angles  to  the  spin  axis;  (2)  use  of  an  offset  solid  rocket 
motor  with  a firing  time  that  is  small  compared  to  the  time  of 
rotation.  However,  both  of  these  approaches  would  require  pre- 
cise timing  functions  that  would  have  to  be  derived  from  at  least 
a Sun  sensor.  Furthermore,  the  effect  of  offset  tolerances  and 
the  transverse  component  of  thrust  would  produce  unacceptable  at- 
titude errors  and  further  attitude  corrections  would  be  required. 


b.  Stored  Momentum  - This  approach  would  make  use  of  a small  fly- 
wheel operated  at  high  speed.  The  angular  momentum  vector  of  the 
wheel  would  be  that  required  to  correct  the  position  of  the  angular 
momentum  vector  of  the  probe  from  the  delta  velocity  impulse  direc- 
tion to  the  final  position.  The  wheel  would  be  positioned  before 
separation  and  then  spun  up.  Once  positioned,  the  wheel  would  be 
released  on  free  gimbals.  The  probe  would  then  be  spun  up,  re- 
leased, and  the  solid  rocket  motor  fired.  Subsequent  to  the  com- 
pletion of  the  delta  velocity  impulse,  the  wheel  could  be  locked 
to  the  probe  spin  axis  and  eventually  stopped  with  respect  to  the 
probe  frame  of  reference  by  frictional  means  resulting  in  complete 
transfer  of  wheel  angular-momentum  to  the  probe.  The  problems 
arising  with  this  approach  are  basically:  (1)  the  possibility  of 

undesirable  transfer  of  momentum  from  the  wheel  to  the  probe  be- 
fore or  during  the  delta  velocity  impulse;  (2)  the  presence  of 
high  energy  storage  in  the  wheel  could  result  in  the  probe  eventu- 
ally achieving  an  attitude  180°  from  the  desired  attitude.  The 
first  problem  area  is  the  most  serious.  The  "free"  gimbals  would 
be  stressed  during  the  delta  velocity  impulse.  Consideration  was 
given  to  providing  some  drive  to  a gimbal-oriented  along  the  spin 
axis  in  order  to  overcome  the  biased  friction  because  of  the  probe 
spin.  However,  even  if  this  approach  were  considered  feasible, 
an  expensive  development  and  qualification  program  would  be  re- 
quired for  a precision  gimbal  development. 

o.  Open-Loop  Control  - This  system  would  consist  of  a stored 
series  of  timed  precession  impulses.  Since  the  orientation  of 
the  probe  and  the  final  attitude  is  well  knwon,  the  attitude 
maneuver  could  be  precisely  specified.  The  final  error  would  then 
include  disturbance  to  the  angular  momentum  vector  caused  by  the 
delta  velocity  impulse.  This  approach  could  tot  be  used  for  mis- 
sions that  required  attitude  trim  before  firing  the  solid  rocket 
motor.  This  method  was  discarded  because  it  is  not  feasible  to 
meet  the  knowledge  requirements  on  probe  spin  rate  and  phase  and 
at  least  a Sun  sensor  would  be  required.  Since  these  sensors  are 
presently  available  to  yield  Sun  aspect  angle  as  well  as  Sun  cross- 
ing time  for  phasing,  a closed-loop  system  could  be  used  that  would 
provide  greater  reliability  and  probably  lower  cost  when  testing 
and  less  critical  requirements  are  considered. 

d.  Simple  Close-Loop t Single-Axis  Maneuver  - This  approach  is  a 
natural  outgrowth  of  the  open-loop  system  described  above.  It 
would  use  a Sun  sensor  that  provides  a measurement  of  solar  as- 
pect as  well  as  Sun  crossing  time.  The  maneuver  sequence  would 
consist  of  firing  a preprogrammed  set  of  precession  impulses  im- 
mediately following  the  delta  velocity  impulse  maneuver.  These 
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pulses  could  be  offset  in  phase  so  that  essentially  a two-axis 
maneuver  could  be  achieved,  although  only  the  maneuver  angle  with 
respect  to  the  Sun  line  (i.e.,  solar  aspect  angle)  could  be  meas- 
ured. Subsequent  to  the  initial  maneuver,  some  time  (order  of 
several  hours)  would  elapse  while  the  damper  removed  residual 
nutation.  A measurement  of  solar  aspect  angle  would  then  provide 
information  for  further  maneuvers. 

e.  Cl  sed  Loopt  Tuo-Axis  Maneuver  - This  configuration  (Fig.  V-20) 
uses  a Sun  sensor  to  measure  solar  aspect  angle  and  Sun  crossing 
time  and  a Jupiter  sensor  to  measure  Jupiter  crossing  time.  The 
sequence  of  the  maneuver  would  be  similar  to  the  single-axis  sys- 
tem described  above.  Immediately  following  the  delta  velocity 
impulse  maneuver,  a preprogrammed  series  of  pulses  would  orient 
the  probe  near  its  final  position.  Then,  after  a waiting  period 

of  several  damper  time  constants,  measurements  are  made  of  solar 
aspect  angle  and  the  angle  between  the  Sun  and  Jupiter  measured 
about  the  spin  axis  of  the  probe.  These  measurements  are  then 
used  to  develop  subsequent  precession  programs  to  finalize  the 
probes  position.  Because  of  residual  nutation,  it  is  not  consid- 
ered desirable  to  continuously  drive  the  probe  to  minimize  the 
final  error.  For  this  reason,  the  maneuver  will  take  place  in  a 
series  of  steps  as  described  above.  With  this  approach  there  are 
certain  constraints  on  the  relative  position  of  the  Sun  and  Jupiter 
as  discussed  below.  This  system,  using  attitude  sensors,  may  also 
be  used  to  trim  probe  attitude  before  the  delta  velocity  impulse. 
Since  it  represents  a minor  increment  in  complexity  over  a single- 
axis system  and  has  inherent  greater  flexibility  and  capability, 
it  has  been  the  system  that  has  received  the  major  consideration. 
For  missions  in  which  the  single-axis  system  may  be  a preferred 
choice,  it  would  be  a minor  consideration  to  reduce  the  two-axis 
maneuver  system  to  a single-axis  maneuver  system. 

f.  Error  Budget  - Table  V-7  shows  a summary  of  the  tolerances, 
misalignments,  and  resultant  error  budget  consistent  with  the 
analysis  of  rigid  body  motion  and  the  constraints  delineated  in 
the  introduction  of  this  section.  For  a more  complete  descrip- 
tion of  the  attitude  control  subsystem  and  analysis,  refer  to  Vol- 
umn  III,  Appendix  F of  this  report.  In  this  table,  items  (13)  and 
(12)  express  expected  errors  with  and  without  an  ACS  trim  maneuver 
before  delta  velocity  impulse  thrusting.  The  velocity  dispersions 
have  significant  effects  on  trajectory  dispersions  and  result  in 
higher  communication  power  and  longer  acquisition  time.  Since 

one  degree  is  the  nominal  error  budget  contribution  of  this  subsys- 
tem to  the  velocity  dispersion,  the  trim  maneuver  is  included  in 
the  mission  profile. 
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Structural  Tolerances  (3a) 

Nozzle/flange,  cm 

0.0254 

Flange,  cm 

0.0762 

Mounting  surface,  deg 

0.1 

CG  location,  cm 

0.038 

Thrust  vector,  deg 

0.1 

Axial  thrust  offset  (RSS) , cm 

0.144 

Spin  thrust  offset  (RSS),  cm 

0.102 

Probe  Parameters 

Spin  rate, 

10  rad/sec  (0,5  rad/sec  Pioneer  mission) 

Spin  torque,  m 

4.07  Newton-meters 

Spin  inertia,  Ig 

12.2  kg-m2 

Thrust,  F 

810  Newtons 

Thrust  period,  t^ 

15  sec 

Tipoff  rate, 

0.5  deg/sec 

Drift  period, 

0.5  sec 

Vh  - 1 

0.2 

Error  Source 

(1)  Tipoff  error  (at  0.5  rad/sec), 

W I /W  I 
t t s s 

Error,  deg 
0.8 

(2)  Drift  error,  W t^ 

0.25 

(3)  Spinup  (tipoff  error)  (P  vector) 

0.85 

(4)  Combined  (2)  & (3) 

1.06 

(5)  Spinup  (tipoff  error)  (nutation) 

0.63 

(6)  Spinup  (misalignment)  (P  vector) 

0.125 

(7)  Spinup  (misalignment  (nutation) 

0.125 

(8)  Combined  (5)  & (7)  (nutation) (RSS) 

0.66 

(9)  Velocity  dispersion  (nutation) 

0.014 

(10)  Velocity  dispersion  (misalignment) 

0.905 

(11)  Velocity  dispersion  [combined  (9) 
& (10)} 

0.905 

(12)  Velocity  dispersion  [combined  (11) 
L (4))  RSS 

1.39 

(13)  Velocity  dispersion  [combined  (11) 
& 0.5°  ACS  error]  RSS 

1.040 

1.040 
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Structures  Subsystem 


a.  Structural  Ueuiyn  - The  structural  component  configuration  of 
the  planetary  probe  is  shown  in  Figure  V-21.  The  major  components 
are  the  entry  probe  body  assembly,  the  descent  probe,  aft  cover, 
service  module,  and  the  deflection  motor  assembly.  The  largest 
loads  seen  by  the  service  module  and  the  propulsion  motor  are 
those  produced  by  the  launch  phase  of  space  flight,  and  assume: 
to  be  approximately  10  g.  The  remainder  of  the  probe  structure 
undergoes  the  loads  of  planetary  entry.  These  have  been  evaluated 
parametrically  for  entry  into  the  atmosphere  of  the  planet  Jupiter. 
The  results  are  shown  in  Figure  V-22.  It  can  be  seen  from  this 
figure  that  the  decelerating  loads  vary  from  approximately  450  g 
at  low  entry  angles  in  the  nominal  atmosphere,  to  approximately 
2250  g at  30M  entry  angle  in  the  cool/dense  atmosphere.  Polar 
entry  in  the  cool/dense  atmosphere  at  a 42°  entry  angle  (for  com- 
parison) results  in  a deceleration  load  of  3876  g.  Corresponding 
values  of  dynamic  pressure  vary  from  approximately  7000  to  36,000 
psf  for  the  same  entry  conditions  above,  and  62,000  for  polar  entry, 

Aeroshell  Structure  - The  aeroshell  structure  (structure  behind 
the  heat  shield)  is  designed  by  the  aerodynamic  pressure  loads 
acting  on  this  structure,  while  the  remainder  of  the  entry  probe 
is  designed  by  inertia  loads  imposed  on  the  structure  by  the  mass 
of  the  various  components  comprising  the  probe.  The  aeroshell  is 
designed  as  a pressure  vessel  that  resists  an  external  (collapsing) 
pressure  equal  to  the  aerodynamic  pressure  acting  normal  to  the 
surface  of  the  aeroshell.  Parametric  analyses  of  the  aeroshell 
have  been  performed  to  determine  the  weight  of  this  structure  as 
a function  of  aeroshell  diameter  and  dynamic  pressure.  These  para- 
metric analyses  have  been  performed  for  both  aluminum  and  titanium 
construction  materials  and  for  both  semi-monocoque  and  honeycomb- 
type  construction.  Results  show  that  the  lighter  weights  of 
aeroshell  structure  generally  result  from  aluminum  or  titanium 
semi-monocoque  construction  for  the  pressure  range  of  interest. 
Figures  V-23  and  V-24  present  the  results  of  these  analyses  for 
semi-monoque  construction.  Using  these  curves,  the  dynamic  pres- 
sure of  the  atmospheric  entry  must  be  converted  to  local  pressure 
normal  to  the  structure.  To  accomplish  this  conversion,  it  is 
practical  to  assume  that  the  nose  cone  shape  is  a pointed  cone  of 
60°  half  angle  with  attached  shock  wave.  This  assumption  is  only 
approximately  correct,  but  gives  essentially  correct  aeroshell 
weight  data.  For  this  60°  half  angle  cone  configuration,  the  pres- 
sure coefficient,  Cp,  nas  a value  of  1.38.  Thus,  the  correct  pres- 
sure to  use  to  enter  Figures  V-23  and  V-24  is  determined  by  con- 
verting dynamic  pressure  from  Figure  V-22  (in  psf)  to  pressure  in 
psi  and  multiplying  by  1.38. 
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The  diameter  of  the  aeroshell  structure  is  determined  through  an 
iterative  process.  The  proper  diameter  aeroshell  can  be  derived 
directly  from  Figure  V-25,  once  the  mass  of  the  entry  body  is 
known  and  the  desired  ballistic  coefficient  has  been  established. 
However,  the  iterative  process  involves  assuming  a weight  for  the 
aeroshell  and  for  the  heat  shield  (The  remaining  components  are 
largely  known.)  and  totaling  the  entry  mass  of  the  entry  probe. 
From  this  estimated  probe  mass,  the  curves  of  aeroshell  weight 
and  heat  shield  weight  can  be  entered  repetitively  to  improve  the 
mass  estimates  and  establish  the  correct  probe  mass. 

Descent-  Probe  Structure  - The  descent  probe  structural  weight  is 
determined  from  the  deceleration  loads  at  entry.  Figure  V-26  and 
V-27  present  the  parametric  weights  data  for  the  descent  probe. 

In  deriving  these  data,  the  descent  probe  diameter  has  been  fixed 
at  18.5  in.  Probe  studies  to  date  indicate  that  descent  probe 
will  not  vary  very  much  in  size  for  the  anticipated  science  com- 
ponent component  complement,  and  will  typically  lie  in  the  range 
of  17.0  to  19.0  in.  Thus,  the  descent  probe  structural  weight  is 
largely  sensitive  to  planetary  entry  deceleration  loads  and  to  the 
mass  of  components  mounted  on  the  equipment  platform,  and  not  to 
size  factors. 

It  should  be  noted  that  the  descent  probe  equipment  deck  is  sup- 
ported at  the  aft  end  of  the  sidewall  of  the  probe  rather  than 
at  the  forward  end.  This  was  done  in  order  to  distribute  the 
deck  load  into  the  probe  wall  before  transferring  the  load  into 
the  aeroshell  and  the  heat  shield.  Since  the  heat  shield  material 
(graphite)  is  a relatively  brittle  material,  it  is  desired  to  load 
the  heat  shield  as  uniformly  as  possible  such  as  not  to  cause 
cracking.  Future  analyses  may  show  that  the  problem  is  not  severe 
and  if  so,  weight  may  be  saved  in  the  descent  probe  shell  by  lo- 
cating the  equipment  deck  near  the  forward  end  of  the  descent 
probe. 

The  descent  probe  weight  curves  are  based  on  the  use  of  7075-T6 
aluminum  alloy  throughout,  with  a factor  of  safety  of  1.5.  The 
sidewalls  of  the  descent  probe  is  based  on  the  use  of  10  longerons 
evenly  spaced  around.  The  remainder  of  the  probe  is  monocoque. 

Base  Cover  Structure  - The  weight  of  the  aft  cover  for  the  aero- 
shell, like  the  descent  probe,  is  a function  of  the  inertia  load- 
ing encountered  during  planetary  entry.  The  aft  cover  is  designed 
as  four  separate  pieces  capable  of  hinging  open  after  completion 
of  entry,  and  as  such  does  not  have  complete  circumferential  struc 
tural  continuity.  The  weight  of  the  aft  cover  is  shown  parametri- 
cally in  Figure  V-28  for  various  entry  decelerations.  This  analy- 
sis, like  that  for  the  descent  probe,  is  based  on  the  use  of 
7075-T6  aluminum  alloy,  and  a factor  of  safety  of  1.5. 
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Figure  V-25  Hypersonic  Ballistic  Coefficient  ve  Aeroshell  Radius 
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Figure  V-26  Equipment  Deck  Weight  vs  Planetary  Entry  Deceleration  Figure  V-27  Descent  Probe  Outer  Structure  Weight 

vs  Planetary  Entry  Deceleration 
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Figure  V-28  Base  Cover  Weight  vs  Entry  Deceleration 
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u.  t'araoaute  Aerodeoelerator  buosys  Peru  - A parachute  decelerator 
system  provides  the  desired  descent  ballistic  coefficient  for  the 
desired  descent  rate  of  tfte  probe  through  the  atmosphere.  The 
parachute  also  provides  the  necessary  separation  force  to  remove 
the  descent  probe  from  the  aeroshell  after  completion  of  the 
planetary  entry  phase.  The  required  parachute  designs  have  been 
evaluated  parametrically  to  facilitate  selection  of  a parachute 
decelerator  configuration  for  the  descent  probes.  Figures  V-29 
thru  V-32  present  the  results  of  the  study.  Figures  V-29  and  V-30 
are  for  relatively  large  paracnutes  providing  ballistic  coefficients 
of  the  order  of  7.8  to  31.4  kg/m2  (0.05  to  0.2  slug  per  ft2). 

These  parachute  diameters  are  large  compared  to  the  size  of  the 
descent  probe  body;  therefore  the  drag  of  the  probe  body  itself, 
as  it  contributes  to  ballistic  coefficient,  has  been  ignored.  The 
performance  for  this  decelerator  has  been  based  on  a disc-gap-band 
type  parachute,  and  the  weights  data  presented  includes  the  com- 
plete system.  For  purposes  of  configuration  design,  the  packaging 
density  of  the  complete  parachute  is  assumed  to  be  approximately 
560  kg/m3  (35  lb/ft3).  The  mortar  tube  length-to-diameter  ratio 
is  approximately  1.25. 

The  smaller  secondary  parachute  decelerator  data  of  Figures  V-31 
and  V-32  are  presented  for  the  case  where  a two-stage  parachute 
descent  system  is  desired,  with  a higher  ballistic  coefficient  for 
the  second  parachute  stage.  It  is  also  suitable  for  a single-stage 
descent  using  a higher  ballistic  coefficient.  For  the  generation 
of  data  for  these  figures,  the  drag  of  the  descent  probe  body  it- 
self is  a high  enough  contributor  to  the  ballistic  coefficient 
that  it  cannot  be  ignored.  It  is  therefore  included  in  the  calcu- 
lations. It  should  be  noted  that  the  data  is  useful  for  the  sec- 
ondary parachute  selection  only  for  a descent  probe  diameter  of 
approximately  0.43  to  0.48  m (17  to  18  in.);  however,  unless  the 
scientific  instrument  complement  for  the  descent  probe  is  changed, 
the  descent  probe  is  typically  about  that  size.  Also,  the  minimum 
parachute  diameter  to  be  selected  is  somewhere  in  the  vicinity  of 
0.27  m (0.90  ft)  as  this  is  the  (somewhat  arbitrary)  stability  limit. 

To  determine  the  parachute  size  for  either  parachute,  the  desired 
descent  probe  ballistic  coefficient  and  the  descent  probe  mass 
are  entered  on  Figures  V-29  and  V-31.  The  parachute  size  is  read 
from  the  figures  directly.  Having  selected  the  parachute  size, 
the  parachute  weight  is  derived  from  Figure  V-30  or  V-32  as  ap- 
plicable . 


Parachute  diameter,  ft 
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Figure  V-29  Main  Parachute  Dimeter  vs  Ballistic  Coefficient 
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Figure  V-SO  Main  Parachute  Height  vs  Diameter 
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In  the  interest  of  evaluating  parachute  deployment  effects,  a para- 
chute deployment  sensitivity  study  was  performed.  The  results  of 
this  study  are  shown  in  Figures  V-33  and  V-34.  Figure  V-33  eval- 
uates the  planetary  atmospheric  pressure  at  parachute  opening 
versus  entry  ballistic  coefficient  and  entry  angle,  assuming  the 
parachute  deploys  upon  decelerating  to  Mach  0.7.  It  can  be  seen 
that  the  pressure  varies  over  a pressure  range  of  50  to  150  milli- 
bars over  the  range  of  parameters  of  interest.  Figure  V-34  in- 
vestigates the  currently  proposed  method  of  deploying  the  parachute 
using  a g-switch  and  a timer.  It  is  assumed  that  the  planned  entry 
angle  is  20°  with  a potential  dispersion  of  ±5°.  It  is  also  as- 
sumed that  the  parachute  deployment  timer  is  triggered  by  an  ac- 
celerometer as  entry  deceleration  builds  up  to  a value  of  100  g, 
and  the  parachute  is  deployed  31.5  seconds  later.  The  resulting 
variation  in  atmospheric  pressure  at  parachute  deployment  is  shown 
in  Figure  V-34  for  the  considered  dispersions  in  entry  angle  and 
atmosphere.  The  point  values  indicated  on  the  figure  for  Mach 
number  and  dynamic  pressure  are  only  approximate,  as  these  are 
interpolated  values  from  machine  program  runs.  It  can  be  seen  that 
the  pressure  at  deployment  varies  from  approximately  50  to  150 
millibars . 

c . Heat  Shield  Evaluation  - The  nose  cone  heat  shield  analyses 
performed  for  this  study  were  based  on  the  results  of  previous 
studies*!*  which  showed  entry  heating  pulses  peaking  for  Jupiter 
atmospheric  entry  at  approximately  90  kw/cm2  for  a 90°  entry  angle, 
and  decreasing  downward  with  decreasing  entry  angles  to  approxi- 
mately 20  kw/cm2  for  the  proposed  20°  entry  angle*  The  heat 
shield  protection  against  this  heating  for  Jupiter  planetary  entry 
probes  is  shown  in  Figures  V-35  thru  V-37.  Figure  V-35  represents 
the  basic  data  for  heat  shield  protection  based  on  a probe  having 
a nose  cone  base  diameter  of  1.6  meters  (5.25  ft).  This  figure 
presents  the  mass  fraction  of  the  combined  heat  shield  ablator 
and  backface  insulation  as  related  to  the  total  mass  of  the  entry 
body.  Also  shown  is  the  mass  fraction  of  ablator  lost  (dotted 
curves)  at  entry.  Figures  V-36  and  V-37  present  adjustment  data 
to  correct  the  data  from  Figure  V-35  for  different  size  probes 
and  for  different  entry  conditions.  To  determine  the  mass  frac- 
tion of  the  heat  shield,  the  desired  entry  ballistic  coefficient 
and  initial  entry  angle  are  entered  on  Figure  V-35.  This  mass 
fraction  includes  the  ablator  lost  at  entry,  residual  ablator, 
and  the  low  density  carbonaceous  thermal  insulator  between  the 
heat  shield  and  the  supporting  structure.  For  the  selected  point 
design  of  a probe,  the  reference  mass  fraction  is  corrected  by 
multipliers  selected  from  Figures  V-36  and  V-37. 


*M.  E.  Tauber;  Heat  Protection  for  Atmospheric  Entry  into  Saturn , 
Uranus,  and  Heptune . Preprint  No.  AAS-71-145,  17th  Annual  AAS 
Meeting,  June  28-30,  1971* 

^M.  E.  Tauber  and  R.  M.  Wakefield:  Forebody  Heat  Shield  Weight 

Estimate  for  Jupiter  Entry  Supplement . JPL  Section  Document  131- 
12-S1,  July  15,  1970. 
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Figure  V-33  Atmospheric  Pressure  Variations  for  Parachute  Deployment 
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Figure  V-S4  Parachute  Deployment  Dispersions 
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Figure  V-ZC  Sine  Adjustment  Factor  Figure  V-Z7  Adjustment  Factor  for  Entry 

Latitude  and  Entry  from  Orbit 


The  base  heating  protection  for  the  Jupiter  entry  probe  is  based 
on  an  estimate  of  base  heating  flux  of  2%  of  the  peak  forebody 
heating.  This  value  is  based  on  preliminary  data  developed  by 
J.  D.  Stephenson.* 

The  Jovian  entry  analyses  done  by  Stevenson  actually  indicate  a 
base  heating  of  less  than  1.65%,  so  the  2%  value  may  possibly  be 
conservative.  Although  heating  will  vary  across  the  base,  it  is 
felt  that  for  this  study,  an  assumption  of  uniform  heating  will 
result  in  a reasonable  weight  estimate. 

Table  V-8  presents  a summary  of  probe  base  area  peak  heating  rate, 
total  heating  and  time  of  heating  pulse  assuming  a triangularly 
shaped  entry  heating  pulse. 


Table  V-8  Jovian  Entry  Probe  Base  Heating 


Planet 

ye 

Peak 

Heating 

Rate, 

Btu/f t2-sec 

Total 

Heat, 

Btu/ft2 

Time  of 
Heating 
Pulse,  sec 

Jupiter 

-60 

-30 

615 

1700 

5.5 

-20 

412 

1620 

7.9 

-10 

210 

1550 

14.7 

Base  heating  rates  and  total  integrated  heating  for  Jupiter  are 
obtained  from  M.  G.  Tauber  and  R.  M.  Wakefield. t The  Jovian  entry 
heating  time  history  for  a -15°  entry  is  shown  in  Figure  B-la.  The 
total  integrated  heating  for  this  entry  is  90  kw  sec/cm2  2%  of  this 
is  1.8  kw  sec/cm2  or  1585  Btu/ft2.  This  heating  is  ratioed  for 
other  entry  angles  based  upon  a ballistic  coefficient  of  100  kg/m2 
from  Figure  B-6.  Peak  heating  rates  are  taken  from  Figure  B-2a  at 
the  100  kg  mass  cone  flank  heating  curve. 


*J.  D.  Stephenson:  Radiative  and  Convective  Heating  Predictions 

for  the  Afterbody  Regions  of  a Jovian  Entry  F*  )be.  Symposium  on 
Hypervelocity  Radiating  Flow  Fields  for  Planetary  Entries,  Jet 
Propulsion  Laboratory,  January  14-15,  1972. 

+M.  E.  Tauber  and  R.  M.  Wakefield:  Forebody  Heat  Shield  Weight 

Estimate  for  Jupiter  Entry  Supplement . JPL  Section  Document  131- 
12-S1 , July  15,  1970. 
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The  heating  in  the  base  region  will  require  ablative  protection 
in  all  cases  for  reasonable  afterbody  unit  weights.  For  example, 
a 0.050-in.  aluminum  smear  thickness  would  increase  in  temperature 
700°R  in  the  mildest  environment  (-10°  Uranus  entry) . 

A group  of  ablators  and  their  pertinent  properties  are  summarized 
in  Table  V-r-.  A formula  for  making  preliminary  estimates  of  abla- 
tor weight  is 

A ~ ( 0.214  if  + T 
where : 

^ * weight /unit  area,  lb/ ft2 


T = backface  temperature  limit,  °R 
K = conductivity,  Btu/ft-sec  °R 
P = density,  lb/ft3 
0 * heating  period  - sec  « 2 Q/q 
Cp  « specific  heat  Btu/lb  °R 

o » Stephen  Boltzmann  constant  = 0.48  x 10“12  Btu/ft2  sec  (®R)4 
q = peak  heating  rate,  Btu/ft2  sec 
Q * total  heat  Btu/ft2 


(Ref)  MDAC  Report  F-738  Advanced 
Logistics  Spacecraft  System . Vol  5, 

October  1967 
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Table  V-9  Ablator  Materials  Considered  and  Properties 


Ablator 

Material 

Density, 

lb/ft3 

Limit 

Btu/f t2-sec 

Virgin  K 
Btu/ft-sec  °R 

Emissivity 

Specific 

Heat 

Btu/lb  °R 

Carbon 

Phenolic 

90 

None 

100  x 10-6 

0.9 

0.35 

ESA  5500  M3 

70 

None 

36  x 10-6 

0.9 

0.3 

ESA  3560 

30 

100 

18  x 10-6 

0.8 

0.3 

SLA  561 

15 

50 

7.2  x 10~6 

0.8 

0.3 

Quartz 

Phenolic 

110 

None 

60  x 10“6 

0.8 

0.27 

Table  V-10  presents  the  weight/unit  area  to  protect  an  aluminum 
base  structure  to  760°R  (300°F)  with  all  applicable  ablators. 


Table  V-10  Unit  Weight  of  Ablator  Required  to  Protect  Base 

Cover  Structure  to  300° F Maximum  during  Plane tary 

Entry 


Planet 

yE 

Ablator  Required,  lb/ft2 

Carbon 

Phenolic 

ESA 

5500-MB 

ESA 

3560 

SLA 

561 

Quartz 

Phenolic 

Jupiter 

-30 

1.01 

0.55 

0.95 

-20 

1.18 

0.65 

1.12 

-10 

1.56 

0.86 

1.47 

9.  Propulsion  Subsystfn 

Studies  were  made  of  the  probe  propulsion  subsystem  requirements 
to  accomplish  the  mission  pre-entry  deflection  (delta  velocity) 
maneuver  and  probe  attitude  control.  The  three  potential  mission 
deflection  maneuvers  under  consideration  were  (1)  probe  deflection, 
(2)  spacecraft  deflection,  and  (3)  shared  deflection. 
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In  the  probe  deflection  mode,  the  spacecraft  points  the  probe  in 
the  proper  direction  for  the  deflection  maneuver  and  the  probe 
provides  spin  attitude  stabilization  and  the  deflection  delta 
velocity  required  for  planetary  entry.  The  probe  then  processes 
to  a new  attitude  for  planetary  entry.  The  spacecraft  deflection 
mode  requires  that  the  spacecraft  perform  the  entire  probe  entry 
requirements.  In  this  case,  the  spacecraft  is  initially  on  a 
planetary  entry  course.  The  spacecraft  points  the  probe  in  the 
proper  attitude  for  entry,  separates  from  the  probe,  and  then 
flies  away  to  its  new  flyby  trajectory.  The  probe  merely  spins 
itself  for  attitude  stabilization  in  the  initial-separation 
pointed  direction.  The  shared  deflection  is  a mode  in  which  the 
spacecraft  points  the  probe  to  an  orientation  that  is  common  for 
both  the  deflection  velocity  vector  and  planetary  entry  by  the 
probe.  The  spacecraft  provides  a deflection  velocity  of  its  own 
after  separation.  Thus,  for  both  the  probe  deflect  mode  and  for 
the  shared  deflect  mode,  the  probe  must  provide  both  probe  deflec- 
tion delta  velocity  and  probe  attitude  control.  In  both  of  these 
cases,  the  probe  attitude  control  system  must  provide  a probe 
spinup  velocity  of  approximately  10.5  rad/sec  (100  rpm)  before 
ignition  of  the  deflection  motor,  and  then  a despin  to  approxi- 
mately 0.52  rad/sec  (5  rpm).  Additionally,  for  the  probe  deflect 
case,  the  probe  must  provide  a precession  maneuver,  before  despin, 
to  position  the  probe  for  entry.  For  the  spacecraft  deflect  mode, 
the  probe  merely  provides  spinup  to  5 rpm  after  separation  from 
the  spacecraft. 

The  propulsion  subsystem  candidates  considered  for  the  probe  de- 
sign include  monopropellant  (hydrazine),  bipropellant,  cold  gas, 
and  solid  propellant  type  systems.  These  candidates  were  traded 
off  against  each  other  and  the  selections  finally  made  were  a 
solid  rocket  motor  to  provide  the  probe  AV,  and  a GN2  cold  gas 
system  to  provide  the  relatively-small  auxiliary-propulsion  re- 
quirements. A monopropellant  hydrazine  system  employing  catalytic 
thrusters  both  for  AV  and  the  auxiliary  propulsion  functions  was 
found  to  be  a worthy  competitor,  but  it  is  significantly  heavier 
than  the  solid/cold  gas  combination.  The  selected  system  is  ap- 
plicable regardless  of  whether  the  deflection  mode  is  by  probe 
deflect  or  by  shared  deflect  mode.  For  the  spacecraft  deflect 
mode,  the  probe  need  have  only  a simple  spin  system  to  spin  the 
probe  for  entry;  a cold  gas  system  suffices  nicely  for  this  task. 
The  following  sections  present  the  general  rationale  which  led  to 
the  foregoing  selections,  and  the  pertinent  supporting  analyses. 
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a.  System  Weight  - One  of  the  major  factors  influencing  the  selec- 
tion of  the  type  of  propulsion  system  to  be  used  is  the  system 
weight,  which  is  particularly  critical  for  the  Jupiter  probe  be- 
cause the  proposed  launch  vehicle  is  marginal  for  this  mission. 

If  weights  are  not  held  to  an  absolute  minimum,  the  mission  simply 
can  not  be  performed  without  going  to  a larger,  more  expensive 
launch  vehicle. 

The  probe  AV  maneuver  and  the  auxiliary  propulsion  functions  place 
entirely  different  requirements  on  the  probe  propulsion  system. 
Therefore,  these  were  studied  somewhat  independently,  and  are 
discussed  separately  in  the  following  paragraphs. 

b.  AV  Propulsion  - Through  a series  of  probe  analysis/design 
iterations,  the  requirement  eventually  evolved  for  a probe  weighing 
approximately  330  lbm  at  separation  from  the  mother  spacecraft, 
and  requiring  a AV  of  approximately  220  m/sec  for  optimum  Jupiter 
entry.  A first  cut  approximation  of  the  total  impulse  required 
for  this  maneuver  may  be  obtained  directly  from  Newton's  first 

law  by  ignoring  the  decreasing  spacecraft  mass  during  the  AV  burn, 
i.e. , 


I „ - AV  = 33,000  N sec.  C7420  lbf  sec.) 
t g 

Actually,  the  required  total  impulse  will  be  somewhat  less  than 
this  value,  but  this  is  sufficiently  accurate  to  provide  the  basis 
for  selecting  the  general  type  of  propulsion  system  best  suited 
for  this  maneuver.  For  the  solid,  cold  gas,  and  liquid  propellant 
systems  considered,  all  are  equally  capable  of  providing  the  probe 
AV  requirements  |It  ^ 7400  lbf  secj.  All  three  types  of  systems 

can  be  easily  designed  to  provide  any  thrust  level /burn-time  rela- 
tionship that  might  be  required.  The  probe  deflection  maneuver 
does  not  place  particularly  stringent  constraints  on  the  thrust 
level/burn  time  of  the  propulsion  system.  An  exceedingly  high 
thrust  might  be  undesirable  because  of  the  resultant  high  g-load 
imposed  on  the  probe,  and  the  possibility  of  greater  trajectory 
errors  caused  by  thrust  misalignment,  but  the  thrust  requirement 
is  really  not  particularly  restrictive.  Likewise,  an  extremely 
low  thrust  level  conceivably  could  lead  to  burn  times  too  long 
to  be  accommodated  within  the  mission  time  lines,  but  again,  this 
is  not  a real  restriction.  Therefore,  considering  only  the  funda- 
mental propulsion  output  characteristics,  such  as  thrust,  burn 
time  and  delivered  impulse,  no  particular  advantage  (or  disadvan- 
tage) is  evident  for  one  type  of  system  versus  another.  However, 
when  the  propulsion  system  specific  impulse  is  taken  into  consid- 
eration, and  the  system  weights  are  brought  into  focus,  the  pre- 
ferred systems  quickly  become  self-evident. 
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The  two  principal  factors  influencing  propulsion  system  weight  are 
the  specific  impulse,  I , attainable  with  the  selected  propellant 

(which  directly  affects  the  propellant  weight),  and  the  system 
inert  weight  (also  a function  of  the  type  of  propellant  selected) . 
In  a detailed  weights  analysis,  the  system  inert  weight  is  esti- 
mated from  a preli ninary  design  of  the  entire  system,  but  for  the 
gross  analysis  being  performed  here,  sufficient  accuracy  is  ob- 
tained by  employing  a mass  ratio  X (ratio  of  propellant  weight  to 
total  system  weight)  that  has  been  found  to  be  typical  for  tne 
selected  propellant. 


e.  Solid  Propellant  Motor  - A cursory  review  of  state-of-the-art 
solid  rocket  motors  reveals  that  an  Ig  of  (2814  Nsec/kg  )(287  sec) 

is  readily  achievable  with  composite  propellants  that  contain  mod- 
erate percentages  of  powlered  aluminum.  Several  different  rocket 
motor  manufacturers  produce  propellants  having  this  level  of  per- 
formance. For  the  probe  AV  maneuver  requiring  1^  approximately 

(33,000  Nsec)  (7400  lb-sec),  the  total  quantity  of  propellant  required 

at  this  I is  11.8  kg  (26  lbm) . 
sp 

To  provide  a reasonably  accurate  estimate  of  the  solid  motor  inert 
weight,  data  obtained  from  several  different  manufacturers  were 
plotted  as  shown  in  Figure  V-38.  A conservative  estimate  of  the 
mass  fraction  as  a function  of  motor  size  is  provided  by  the  heavy 
dashed  curve  (a  compromise  between  the  data  provided  by  Hercules 
and  the  mass  fractions  achieved  in  motors  recently  fabricated  by 
'Thiokol) . From  the  plot,  it  is  evident  that  a motor  containing 
|ll.8  kg) (26  lbm)  propellant  should  have  a mass  fraction  of  approx- 
imately 0.8,  and  therefore  would  weigh  approximately  (14 . 7 kg} (32.5 
lbm)  loaded.  ' ' 

d.  Liquid  Propellat>t  System  - Presumably,  either  a bipropellant 
system  or  a monnpropellant  system  can  be  easily  designed  to  sat- 
isfy the  Jupiter  probe  propulsion  requirements.  An  earth  storable 
bipropellant  system  can  provide  a specific  impulse  slightly  higher 
than  that  of  the  solid  propellant  motor,  but  it  will  have  a somewhat 
lower  mass  fraction  (higher  total  weight)  as  shown  in  Figure  V-38. 
Since  it  will  be  somewhat  more  complex  (less  reliable)  and  does 
not  offer  a weight  advantage  over  the  solid  motor,  it  really  is 
not  a serious  contender  for  this  application. 

The  monopropellant  hydrazine  system  cannot  compete  successfully 

with  the  solid  propellant  motor  strictly  on  the  basis  of  weight 

(both  its  I and  mass  fraction  are  lower\  , but  it  is  a contender 
\ sp  f 

because  it  offers  other  advantages.  Also,  by  combining  the  AV 
propulsion  requirements  and  the  auxiliary  propulsion  requirements 
into  a single  integrated  system,  some  weight  advantages  do  accrue. 


% . 
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100  1000 
Propellant  Weight,  lbm 

Figure  V-38  Solid  Rocket  Motors /MonopropeUant  Hydrazine  Systems 


Monopropellant  hydrazine  catalytic  thrusters  consistently  provide 
an  I of  '1-2260  Nsec/kg  (230  sec) , resulting  in  a required  pro- 
pellant weight  of  ^14 , 5 kg  (32  lbm)  (nearly  the  same  as  the  total 
system  weight  for  the  solid  motor).  Mass  fraction  of  the  hydra- 
zine system  probably  cannot  be  estimated  as  accurately  as  that 
for  the  solid  motor  because  of  the  many  variations  in  system  re- 
dundancy provisions  and  other  detailed  features,  but  the  mass 
fraction  curve  presented  in  Figure  V-38  provides  a basis  for  an 
initial  estimation.  This  curve  is  based  on  actual  mass  fractions 
achieved  in  one  existing  system  (MM69) , plus  designs  developed 
for  two  system  studies  (TOPS  and  Planetary  Explorer).  It  should 
be  noted,  however,  that  the  A shown  actually  applies  to  an  inte- 
grated AV/ACS  system,  rather  than  a AV  system  alone.  For  a 14.5 
kg  (32  lbm)  propellant  load,  A is  estimated  to  be  M).53,  leading 
to  a total  system  weight  of  ^27.1  kto  (60  lbm). 

e.  Cold  Gas  System  - Very  little  analysis  is  required  to  show  a 
cold  gas  system  is  not  competitive  with  the  chemical  systems  at 
the  level  of  total  impulse  required  for  AV  propulsion.  The  quan- 
tity of  GN2  required  I only  72  would  be  in  excess  of  45.3  kg 

sp 

(100  lbm) , and  the  weight  of  the  pressure  vessel  required  to  con- 
tain the  GN2  would  add  another  49.8  to  58.9  kg  (110  to  130  lbm). 
For  this  reason  the  cold  gas  system  was  dropped  as  a contender 
for  the  AV  propulsion  function  early  in  the  study. 
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/.  Auxiliary  Propulsion  - To  size  the  auxiliary  propulsion  sys- 
tem, it  is  necessary  to  know  the  moment  of  inertia  of  the  probe, 

I (about  its  spin  axis),  the  thruster  moment  arm,  the  angular 

velocities  to  be  achieved,  and  the  (precession)  angle  through 

which  the  probe  must  be  reoriented  before  Jupiter  entry.  From 

preliminary  layouts  of  the  probe,  I was  determined  to  be  VL2.2 

z 

kg/m2  (9  slug-ft2),  and  the  maximum  allowable  moment  arm,  ^0.457 
m (1.5  ft).  Probe  dynamic  considerations  dictated  the  need  to 
spin  up  the  probe  to  vLO. 5 rad/sec  (100  rpm)  prior  to  accomplish- 
ing the  AV,  precessing  the  probe  to  the  proper  entry  angle,  and 
then  despinning  to  M).52  rad/sec  (5  rpm)  oefore  Jupiter  atmos- 
pheric entry.  For  proper  entry,  the  required  probe  precersion 
angle  was  found  to  be  of  the  order  of  0.89  rad  (51°). 

To  accomplish  the  spinup  and  despin  functions,  a thruster  impulse 
of  534  Nsec  (120  lbf-sec)  is  required,  and  to  accomplish  the  pre- 
cession maneuver,  the  required  impulse  is  ^244  Nsec  (55  lbf-sec), 
bringing  the  total  to  777  Nsec  (175  lbf-sec)  . A very  small  im- 
pulse is  also  required  to  accelerate  the  service  module  to  0.46 
m/sec  (1.5  ft/sec)  just  before  entry,  but  this  requirement  is  in- 
significant compared  to  the  spin  and  precession  requirements. 
Assumption  of  a required  total  impulse  of  800  Nsec  (180  lbf/sec) 
provides  a conservative  estimate  upon  which  the  propulsion  system 
design  may  be  based.  For  this  level  of  impulse,  the  cold  gas  sys- 
tem is  a strong  contender,  even  though  the  propellant  mass  fraction 
is  relatively  small.  For  this  application,  the  total  quantity  of 
propellant  required  is  very  small;  consequently,  the  system  weight 
is  small  even  though  the  mass  fraction  is  relatively  low.  To  pro- 
vide an  impulse  of  800  Nsec  (180  lbf-sec),  using  a GN2  cold  gas  sys- 
tem for  which  I - 706  Nsec/kg  (72  sec),  the  quantity  of  GN2  re- 
sp 

quired  is  ^1.13  kg  (2.5  lbm) . Allowing  an  additional  30%  GN2  to  ac- 
count for  leakage  and  residuals,  and  providing  1.93  kg  (4.25  lbm) 
for  the  storage  vessel  and  7.2  lbm  for  valves  and  other  system  com- 
ponents, the  total  system  weight  becomes  6.65  kg  (14.7  lbm).  Thus 
the  system  mass  fraction  is  only  0.22,  but  the  total  system  weight 
is  still  not  excessive. 

g.  Propulsion  System  Selection  Rationale  - As  noted  previously, 
the  requirement  exists  for  two  distinctly  different  propulsion 
functions,  one  involving  a relatively  large  single  impulse  to  ef- 
fect probe  deflection  for  Jupiter  entry,  the  other  a series  of 
relatively  small  impulses  to  accomplish  probe  spinup,  despin,  and 
precession,  plus  final  service  module  ejection.  The  small  impulses 
conceivably  could  be  provided  by  several  distinct  propulsion  sys- 
tems, but  it  is  much  more  logical  to  attempt  to  group  them  together 
into  a single  auxiliary  propulsion  system.  The  single  impulse  bits 
required  for  the  spinup,  despin  and  module  deflection  maneuvers 
presumably  could  be  provided  equally  well  by  solid,  liquid,  or 
gaseous  systems,  but  the  multiple  small  bits  required  for  the 
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precession  maneuver  can  not  be  provided  by  a conventional  solid 
propellant  motor.  Possibly,  this  latter  requirement  could  be 
satisfied  by  use  of  a "cap-pistol"  solid  propellant  system,  but 
this  concept  has  never  reached  a very  high  state  of  development, 
so  was  not  considered  seriously  in  this  study.  The  precession 
maneuver,  on  the  other  hand,  is  an  ideal  application  for  the  cold 
gas  system.  It  is  capable  of  producing  literally  thousands  of 
very  low,  completely  reproducible,  impulse  bits  simply  by  the 
proper  on-off  control  of  the  thruster  solenoid  valve.  The  cold 
gas  system  is  relatively  heavy  because  of  its  low  specific  im- 
pulse, but  this  is  not  extremely  important  because  of  the  small 
quantity  of  propellant  gas  involved. 

Tue  auxiliary  propulsion  requirement  places  constraints  on  the 
propulsion  system  somewhat  different  from  those  of  the  AV  require- 
ment. The  spinup  maneuver  must  take  place  in  the  immediate  vicin- 
ity of  the  spacecraft  to  minimize  angular  tip-off  errors  after 
separation.  The  exhaust  products  of  the  spinup  nozzles  must  not 
contaminate  or  damage  the  spacecraft.  Cold  gas  suits  this  require- 
ment well. 

In  selection  of  the  deflection  motor,  a factor  to  be  considered 
is  performance  flexibility;  i.e.,  the  ability  of  the  system  to 
accommodate  changes  in  performance  requirements  that  may  evolve 
during  the  spacecraft  development  and  testing  phases.  In  this 
regard,  liquid  and  gas  systems  offer  significant  advantages. 

Thrust  level  can  be  changed  over  a moderate  range  by  modifying 
only  the  thrust  chamber  without  disturbing  the  rest  of  the  sys- 
tem. Total  impulse  can  be  altered  by  changing  only  the  size  of 
the  propellant  tankage,  or  possibly  by  off-loading  the  propellant, 
without  disturbing  the  other  system  components.  It  can  be  con- 
trolled precisely  by  controlling  the  thruster  burn  time.  Solid 
propellant  motors  on  the  other  hand,  must  be  designed  and  quali- 
fied for  a fixed  total  impulse  and  thrust/burn  time  relationship. 
However,  the  total  impulse  of  the  solid  propellant  motor  is  typi- 
cally repeatable  from  motor  to  motor  within  a range  of  ±3/4%. 

Solid  propellant  motors  inherently  possess  a high  reliability  be- 
cause of  their  extreme  simplicity,  and  their  relatively  advanced 
state  of  the  art.  Typical  of  the  reliability  estimates  made  by 
solid  motor  fabricators  is  that  provided  to  Martin  Marietta  by 
Aerojet  General.  Based  on  various  component  tests  ranging  in  num- 
ber from  122  to  2878,  and  a total  number  of  failures  of  only  5,  a 
best  estimate  of  motor  reliability  for  this  particular  application 
is  0.997.  Liquid  (and  gaseous)  propellant  systems  tend  to  be  less 
reliable  than  solid  propellant  motors  because  of  their  greater  com- 
plexity, but  this  deficiency  can  usually  be  at  least  partially  com- 
pensated for  by  providing  redundancy  for  the  critical  system  com- 
ponents (principally,  valves). 
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The  selected  propulsion  system  is  a spherical  solid  propellant 
motor  for  the  deflection  delta  velocity  maneuver  combined  with  a 
cold  gas  attitude  control  system.  The  principal  driver  in  the 
selection  is  that  of  minimum  system  weight,  since  reliability  is 
not  very  different  for  the  systems  considered.  The  characteristics 
of  the  selected  system  are  as  compared  with  a monopropellant  hy- 
drazine system,  performing  both  deflection  delta  velocity  and  at- 
titude stabilization  as  shown  in  Table  V-ll.  The  weight  advantage 
of  the  selected  system  is  significant,  and  the  fixed  total  impulse 
of  the  solid  propellant  deflection  motor  does  not  constitute  a 
major  disadvantage  if  the  mission  parameters  can  be  established 
in  advance  of  motor  design.  Figure  V-39  is  a parametric  presenta- 
tion of  weights  for  a spherical  rocket  motor  using  a dual  nozzle 
exhaust  such  as  has  been  chosen  for  the  probe  studies. 


Till*'  V-^l  c /-  ro:  * Pro.  vision  S^si  rm  Paiwnetcr  Comparisons 


TRAJECTORY  CORRECTION  AND  ATTITUDE  CON  ROL 

SOLID 

COLD  GAS  * 

MONOPROPELLANT-HYDRAZINE 

Specific  Impulse,  sec 

287 

72 

230 

Mass  Fraction 

0.76* 

0.18 

0.55 

Propellant  Weight,  lbm 

26.0 

2.5 

32 

System  Weight,  lbm 

32.5 

14.7 

62 

0-g  Effects 

None 

None 

PMD  required 

Reliability 

0.997 

0.997 

0.995 

Total  Impulse  Control 

Fixed 

Variable 

Variable 

*Not  including  second  nozzle 

h.  Mission  Pavarietria  Cnanje  Effects  - During  the  course  of  the 
nominal  Jupiter  design  and  the  Jupiter  mission  parametric  effects 
evaluation,  the  propulsion  system  resultant  changes  were  computed. 
These  results  are  shown  in  Table  V-12.  It  can  be  seen  from  the 
table  that  mission  parameters  such  as  entry  angle  and  planetary 
atmospheric  variations  both  affect  the  probe  weight  and  the  de- 
sired ieflection  delta  velocity  for  planetary  entry;  these  ef- 
fects, in  turn,  affect  the  size  of  the  propulsion  system.  The 
largest  effect  is  on  the  probe  solid  propellant  deflection  motor; 
the  rocket  motor  weight  comparisons  are  indicated.  Also  shown 
are  the  total  impulse  requirements  of  the  attitude  control  system. 
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Figure  V-39  Total  Motor  Weight  and  Propellant  Wt.  vs  Probe  Deflections  Velocity 
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Although  the  impulse  requirements  vary  with  mission,  the  attitude 
control  system  weight  changes  vary  little.  The  weight  of  the  gas 
to  provide  the  impulse  for  spin,  despin,  and  precess  is  only  of 
the  order  of  2.5  pounds,  and  the  gas  bottle  3.5  pounds.  Thus, 
the  net  effect  of  changing  ACS  impulse  by  50%  results  in  a total 
probe  weight  change  of  several  pounds.  The  real  change  in  weight 
occurs  when  the  mission  is  changed  from  a probe  deflect  to  a 
spacecraft  deflect  or  shared  deflect  mode.  For  the  spacecraft  de- 
flect mode,  almost  the  entire  ACS  system  is  eliminated  (only  a 
simple  spin  up  system  is  required)  and  the  deflection  motor  is 
eliminated  entirely.  The  shared  deflection  is  the  poorest  per- 
formance case,  since  not  only  does  the  probe  have  to  do  a near 
maximum  propulsion  job,  but  the  spacecraft  also  must  perform  a 
deflection  delta  velocity  maneuver  of  approximately  200  m/s. 


Table  V-12  Mission  Parametria  Effects  on  Probe  Propulsion  System 

System 


ATMOSPHERE 

C/D 

C/D 

C/D 

C/D 

Norn 

Pioneer 

S/C 

Pioneer 

Shared 

ENTRY  ANGLE,  deg 

10 

20 

30 

Polar 

20 

Deflection 

Mode 

Deflection 

Mode 

Deflection  Velocity,  m/ s 

205 

221 

255 

301 

221 

0 

246** 

Probe  Entry  Mass,  lb 

305.7 

330.0 

363.2 

465.1 

305.7 

251* 

AV  Rocket  Motor  Weight,  lb 

32 

35.5 

45.0 

65.0 

34.3 

AV  Propellant , lb 

23.0 

27.0 

34.0 

51.0 

25.0 

ACS  System  Total  Impulse,  sec 

153 

182 

198 

272 

150 

0 

79 

* 67  lbm  spacecraft  modification  for  AV 

**  201  m/s  required  for  spacecraft  AV 


10.  Thermal  Control  Subsystems 

Thermal  control  for  outer  planet  probes  must  be  provided  to  en- 
sure that  all  probe  systems  will  be  maintained  within  acceptable 
temperature  limits  throughout  all  phases  of  the  mission.  For  the 
purposes  of  analyzing  the  thermal  control  subsystem,  the  entry 
probe  study  missions  were  divided  into  thtee  phases. 

1)  Spacecraft  Cruise  - Duration  of  the  mission  from  launch  to 
near  Jupiter  spacecraft  separation  during  which  time  the  probe  is 
housed  under  an  environmental  cover,  shadowed  from  direct  solar 
impingement  except  for  brief  midcourse  maneuvers,  and  in  a power- 
off  storage  mode; 
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2)  Probe  Coast  - Duration  of  the  mission  from  near  Jupiter  space- 
craft separation  to  pre-entry  activation  of  the  probe  systems  dur- 
ing which  time  the  probe  is  in  a brief  power-up  mode  for  separa- 
tion and  checkout,  and  then  deactivated  for  the  duration  of  the 
coast  phase.  (The  probe/spacecraft  environmental  cover  will  have 
been  jettisoned  and  the  probe  directly  exposed  to  solar  radiation 
during  this  phase.); 

3)  Entry  and  Descent  - Duration  of  the  mission  beginning  about 
one  hour  before  actually  entering  the  planet  atmosphere  until  the 
end  of  the  design  mission  during  which  time  the  probe  systems  are 
activated  for  checkout  before  entry  and  left  in  a power-on  standby 
mode.  The  probe  systems  then  become  operational  at  entry  and  func- 
tion throughout  the  science  return  descent  portion  of  the  mission 
(see  Fig.  V-40). 

The  most  critical  probe  temperatures,  from  a standpoint  of  ther- 
mal design,  are  the  temperatures  at  the  end  of  probe  coost  and 
the  maximum  internal  equipment  temperature  experienced  at  the  end 
of  descent  in  a Jupiter  nominal  atmosphere  or  the  minimum  internal 
equipment  temperature  experienced  during  descent  in  a Jupiter 
cool/dense  atmospheric  encounter. 

For  nominal  Jupiter  atmospheric  encounters,  ths  primary  thermal 
problem  is  one  of  gaining  too  much  thermal  energy  from  the  atmos- 
phere environment  during  descent.  For  passive  thermal  design, 
the  desirable  probe  entry  temperature  would  be  just  safely  above 
the  lower  operating  probe  temperature  limit  (some  initial  atmos- 
pheric cooling  to  be  considered),  and  thus  allowing  optimum  lee- 
way for  equipment  temperature  rise  during  descent. 

For  cool/dense  Jupiter  atmospheric  er.w^unters,  the  primary  ther- 
mal problem  is  one  of  losing  too  much  thermal  energy  to  the  atmos- 
phere environment  during  descent.  For  this  atmosphere,  therefore, 
elevation  of  the  probe  coast  entry  temperature  to  maximum  levels 
without  exceeding  upper  temperature  limits  and  allowing  optimum 
leeway  for  temperature  decrease  would  be  desirable.  The  maximum 
probe  coast  temperature  is  limited  by  the  upper  storage  tempera- 
ture limit  of  the  dry  stand  remotely  activated  descent  batteries. 
Since  the  upper  battery  storage  limit  is  less  than  the  upper 
operational  probe  temperature  limit,  less  leeway  is  available 
for  probe  cooling  in  the  cool/dense  atmosphere  than  for  probe 
heating  in  the  nominal  atmosphere. 
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a.  Thermal  Control  Selection  - The  selection  of  an  adequate 
thermal  control  approach  considered  simplicity,  reliability,  and 
minimum  weight  as  the  most  important  parameters.  The  basic  ther- 
mal design  recommended  is  as  follows: 

1)  Radioisotope  Heaters  - These  heaters  would  be  located  in  the 
service  area  surrounding  the  aeroshell  and  provide  guard  heating 
for  the  descent  probe  capsule  during  spacecraft  cruise  and  the 
probe  coast  phases  of  the  mission.  The  purpose  of  the  heaters 
would  be  to  maintain  adequate  probe  storage  temperatures  during 
cruise  and  provide  a satisfactory  entry  temperature  for  the  atmos- 
pheric descent  portion  of  the  mission. 

2)  Multilayer  Insulation  - A multilayer  insulation  blanket  would 
completely  encapsulate  the  probe  during  spacecraft  cruise  and  probe 
coast  phases  of  the  mission.  Its  purpose  would  be  to  conserve  the 
internal  heating  provided  by  the  radioisotope  heaters  and  isolate 
the  probe  from  the  space  environment. 

3)  Environmental  Spacecraft  Cover  - An  environmental  cover  would 
be  provided  during  the  spacecraft  cruise  to  protect  the  probe  and 
multilayer  insulation  from  meteoroid  and  micrometeoroid  damage  and 
to  supply  a low  a/e  thermal  coating  for  possible  direct  solar  im- 
pingements. 

4)  Thermal  Coatings  - Thermal  coatings  would  be  provided  on  the 
forward  and  aft  end  of  the  probe  to  modulate  the  internal  heat- 
ing required  and,  in  addition,  to  amplify  the  solar  radiation  en- 
countered during  the  probe  coast  phase.  Moderately  low  emissivi- 
ties  would  be  appropriate  for  conserving  isotope  heater  power  and 
a high  a/e  on  the  probe  aft  would  provide  some  probe  solar  heating 
before  entry. 


5)  deflection  Motor  Blanket  and  Heater  - Because  the  probe  de- 
flection motor  (if  required)  would  be  external  from  the  probe 
primary  multilayer  insulation  blanket,  a second  multilayer  blanket 
and  heater  would  be  provided  for  motor  thermal  control.  Since 
the  probe  deflection  motor  is  fired  immediately  after  spacecraft 
separation,  a thermostatically  control  electrical  resistance 
heater  powered  by  the  spacecraft  could  be  used.  In  addition,  the 
multilayer  blanket  surrounding  the  deflection  motor  could  be 
mounted  to  a lightweight  fiberglass  frame  and  which  would  remain 
with  the  spacecraft. 


1 ! 
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6)  Graphite  Ablator  and  Fibrous  Aeroshell  Insulation  - Heat  shield 
ablator  materials  would  be  provided  for  probe  entry.  A backing 

of  fibrous  insulation  would  be  required  to  protect  the  aeroshell 
structure  and,  in  turn,  isolate  the  descent  probe  capsule  from 
the  entry  heat  pulse.  No  detailed  design  work  was  performed  for 
the  heat  shield;  its  development  is  the  subject  of  a separate 
study. 

7)  Internal  Probe  Low  Density  Foam  Insulation  - The  descent  probe 
capsule  would  be  provided  with  internal  foam  insulation  adjacent 
to  structural  probe  shell  to  provide  thermal  isolation  of  the  in- 
ternal components  from  the  descent  atmospheric  environment.  An 
internal  insulation  would  be  desired  over  external  insulation  be- 
cause of  the  packaging  and  attachment  problems  of  external  insula- 
tion and  probe  access  and  structural  interface  difficulties.  A 
schematic  of  the  basic  thermal  control  subsystem  is  presented  in 
Figure  V-41. 

b.  Thermal  Control  Alternate  Concepts  - In  addition  to  the  basic 
passive  thermal  control  subsystem  just  outlined,  several  alterna- 
tive design  concepts  may  be  applicable  for  outer  planet  probe  mis- 
sions. Incorporation  of  their  design  would  depend  on  individual 
mission  definition  and  objectives.  These  alternative  thermal  con- 
trol concepts  are  as  follows. 

1)  Phase  Change  Material  - The  most  critical  component  from  a 
standpoint  of  electrical  heat  dissipation  is  the  RF  transmitter. 

If  transmission  efficiencies,  mission  uncertainties,  or  large 
communication  distances  became  critical  such  that  large  tempera- 
ture rises  would  be  anticipated  for  the  transmitter,  the  use  of 

a wax- type  phase  change  material  would  be  recommended.  This  mate- 
rial melts  at  about  310°K  and  can  absorb  approximately  30  W-hr  of 
the  electrical  heat  dissipation  per  pound  of  material. 

2)  Nitrogen  Gas  Environmental  Control  - For  the  vented  probe  de- 
sign configuration,  the  thermal  control  concept  relies  on  suffi- 
cient probe  thermal  inertia  and  internal  power  generation  to  sur- 
vive the  more  severe  cool  atmospheric  encounters.  If  the  probe 
mass,  power,  and  descent  time  became  critical  from  the  standpoint 
of  maintaining  acceptable  internal  probe  equipment  temperatures, 
an  alternative  thermal  design  would  be  used  of  a nitrogen  gas  sup- 
ply to  substitute  for  the  intake  of  Jovian  atmospheric  gasses  at 
the  beginning  of  the  descent.  The  advantage  of  nitrogen  gas  is 
its  low  thermal  conductivity  (approximately  0.035  W/m°K)  compared 
to  the  Jovian  atmosphere  (approximately  0.180  W/m°K).  Under  nor- 
mal conditions,  the  Jovian  atmosphere  inside  the  probe  degrades 
the  performances  of  the  internal  probe  foam  insulation.  The  pre- 
sence of  a nitrogen  gas,  however,  would  not  degrade  the  insulation 
performance  and  thus  allow  improved  probe  thermal  control  to  main- 
tain internal  probe  temperatures. 
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COMPONENT  ! 

MATERIAL 

THERMAL  CONTROL  APPROACH 

1. 

External  Probe  Insulation 

Multilayer,  'WO  Layers 

Radiation:  Moderate  Low  t, 

High  a/e  on  Tail 

2. 

Heat  Shield 

ATJ  Graphite 

Ablation 

3. 

Aeroshell 

Titanium 

Fibrous  Carbon  Felt  Insulation 

4. 

Environmental  Cover 

Aluminum 

Radiation:  High  e.  Low  a 

5. 

Service  Module 

Various 

Radioisotope  Heaters 

6. 

Science,  Communications,  Data 
Handling,  Power  (Battery) 

Various 

Internal  Low  Density  Foam  Insula^ 
tion  and  Minimized  Structural  Pene- 
trations 

7. 

Deflection  Motor 

Solid  Propellant 

Spacecraft  Heater  and  Insulation 
Blanket 

8. 

Deflection  Motor  Insulation 

Multilayer,  WO  Layers 

Radiation:  Low  e 

9. 

Parachute 

Dacron 

Thermal  Environment  of  Adjacent 
Components 

10. 

Internal  Probe  Insulation 

Low  Density  Foam 

Low-K  Material  Specification 

11. 

Attitude  Control  System 

Valves  and  Propellants 

Thermal  Environment  Controlled  by 
Service  Module  Components  and 
Heaters 

Figure  V-41  Probe  Thermal  Control  Subsystem  Design 
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The  use  of  one  or  two  bars  of  nitrogen  gas  initially  inside  the 
probe  would  delay  the  impact  of  the  atmosphere  environment  and 
allow  an  increased  margin  of  thermal  protection  during  descent. 

For  nitrogen  gas  environmental  control,  the  probe  would  be  either 
precharged  before  entry  or  pressurized  from  a storage  bottle  at 
a rate  designed  to  match  the  increase  in  descent  pressure.  Since 
the  vented  probe  design  precludes  any  significant  external  col- 
lapse pressure,  the  atmospheric  gasses  would  be  allowed  to  enter 
the  probe  when  the  descent  pressure  matched  the  N2  gas  pressure. 
The  performance  of  the  foam  insulation  would  not  degrade  immedi- 
ately, but  would  rather  respond  to  the  properties  of  the  gas  mix- 
ture. For  a mixture  of  nitrogen  and  the  Jovian  gasses  (He/H2), 
the  heavier  nitrogen  would  be  expected  to  dominate  the  gas  mix- 
ture and  weight  the  thermal  conductivity. 

a.  Probe  Equipment  Temperature  Limits  - The  probe  equipment  tem- 
perature limits  established  for  probe  thermal  design  are  presented 
in  Figure  V-42.  The  overall  probe  allowable  operating  and  stor- 
age temperature  limits  are  identified  and  include  the  RF  trans- 
mitter, the  aggregate  internal  probe  equipment,  the  equipment  lo- 
cated on  the  aeroshell  and  service  module,  and  the  deflection  pro- 
pulsion system.  The  atmospheric  descent  probe  is  divided  into 
the  RF  transmitter  and  internal  equipment.  Because  of  the  high 
electrical  thermal  dissipation  in  the  transmitter,  this  component 
is  identified  separately  throughout  all  thermal  analyses. 

The  limits  of  the  internal  equipment  are  bounded  by  the  primary 
probe  descent  batteries  at  both  the  lower  operating  temperature 
limit  (272°K)  and  the  upper  storage  temperature  limit  (300°K). 

The  lower  operating  temperature  limit  of  the  batteries  is  estab- 
lished by  the  effect  of  temperature  on  battery  capacity.  Figure 
V-43  shows  battery  energy  density  as  a function  of  discharge  rate 
and  temperature  for  typical  remotely  activated  silver-zinc  bat- 
teries. Also  of  importance  is  the  upper  allowable  storage  limit 
of  the  descent  batteries.  Since  these  batteries  are  dry  stored 
for  the  duration  of  the  long  spacecraft  cruise,  the  charge  reten- 
tion characteristics  of  the  battery  cells  can  degrade  with  pro- 
longed excessive  temperature  levels.  Figure  V-44  presents  typical 
dry  storage  charge  retention  characteristics  as  a function  of  tem- 
perature and  storage  time.  Since  the  battery  storage  limit  is 
important  from  a standpoint  of  the  maximum  probe  entry  temperature 
allowable,  any  additional  development  activities  should  evaluate 
these  characteristics. 
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Figure  V-42  Jupiter  Probe  Equipment  Temperature  Limits 

The  limits  of  the  internal  equipment  are  also  bounded  by  the  neu- 
tral mpss  spectrometer  at  the  upper  operating  temperature  limit 
(320°K)  and  by  the  neutral  mass  spectrometer  at  the  lower  storage 
limit  (250°K).  The  lower  storage  temperature  is  not  of  signifi- 
cance for  probe  thermal  design  since  temperature  levels  are  not 
anticipated  below  the  lower  operational  temperature  limit  (272°K). 
The  upper  operational  temperature  limit  is  important  only  for  warm 
atmospheric  encounters  and  is  not  as  critical  as  the  lower  opera- 
tional temperature  limit  during  cold  encounters. 

The  temperature  limits  in  the  service  module  are  also  bounded  by 
the  battery  discharge  and  charge  retention  characteristics.  The 
ACS  valves  and  propellant  limit  the  lower  storage  and  the  upper 
operating  temperature  conditions.  The  probu  thermal  design  is 
such  that  service  module  temperatures  should  be  between  the  lower 
operating  and  upper  storage  limits  of  the  batteries  at  all  times. 
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Effect  of  Temperature 
on  Capacity  at  Constant 
Discharge  Rate 


Figure  V-4Z  Effect  of  Temperature  on  Battery  Capacity 


Dry  Storage 

Charge  Retention  Characteristics 


Figure  V-44  Battery  Dry  Storage  Charge 
Retention  Characteristics 
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A probe  Accutron  timer  is  also  located  in  the  service  module,  but 
shown  separately  because  of  its  higher  operating  temper&ture  range. 
What  is  important,  however,  is  the  allowable  drift  of  timers  ab- 
solute temperature.  For  the  timer  to  function  within  expected  ac- 
curacy levels,  a steady  temperature  must  be  maintained.  For  this 
reason,  the  location  selected  for  the  accutron  timer  is  adjacent 
to  the  radioisotope  heating  units. 

The  temperature  limits  applied  to  the  deflection  propulsion  are 
presented  and  represent  an  allowable  temperature  range  for  the 
propellants.  Again,  it  is  not  the  temperature  range  that  is  of 
the  most  importance,  but  the  absolute  operating  temperature  it- 
self. Since  a "burn  to  completion"  solid  has  been  selected  for 
the  deflection  maneuver , the  temperature  dependent  output  and 
control  characteristics  must  be  established  for  precise  design. 

d.  Spacecraft  Cruise/Frobe  Coast  Thermal  Analysis  - Thermal  con- 
trol during  the  spacecraft  cruise  and  probe  coast  phases  of  the 
mission  is  supplied  by  internal  radioisotope  heater  power,  multi- 
layer insulation,  and  thermal  coatings.  To  determine  the  radio- 
isotope heater  requirements  for  the  Jupiter  probe  missions,  a 
finite-element  thermal  model  was  constructed  and  used  to  perform 
parametric  analysis.  Since  the  equipment  temperature  at  the  end 
of  coast  is  the  pivotal  design  temperature,  the  subsystem  thermal 
control  was  selected  to  establish  this  temperature  and  allow  mini- 
mum probe  temperature  changes  between  spacecraft  release  and 
entry  for  the  parametric  studies. 

The  finite-element  probe  cruise  and  coast  model  consisted  of  16 
nodes  and  23  associated  conductors.  Figure  V-45  presents  a sche- 
matic showing  the  resistance-capacitance  thermal  network  repre- 
senting the  probe  model.  The  nominal  mission  Jupiter  probe  design 
was  used  to  construct  the  model  and  determine  appropriate  con- 
ductor values.  The  structural  heet  leak  paths  included  the  de- 
flection propulsion  motor  attachments,  the  ACS  thrusters  and  feed 
line  penetrations,  the  pre-entry  probe  antenna,  and  the  MLI  joint 
at  the  circumference  of  the  probe. 

To  determine  probe  heat  losses  and  radioisotope  heater  power  re- 
quirements, the  multilayer  insulation  blanket  presented  the  biggest 
design  uncertainty.  For  insulation  performance,  two  applicable 
data  sources  on  multilayer  insulation  were  obtained  and  evaluated. 
An  analytical  expression  was  then  developed  to  represent  the  ef- 
fective thermal  conductivity  of  che  insulation  and  incorporated 
into  the  analysis  (Appendix  J,  Vol  III).  To  account  for  the  mis- 
cellaneous blanket  penetrations  required  to  attach  and  hold  the 
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insulation  in  place,  the  theoretical  multilayer  insulation  con- 
ductivity was  increased  by  50%.  This  approach  may  be  somewhat  con- 
servative but  allows  leeway  in  the  thermal  design  for  possible 
later  contingencies.  Note  that  the  MLI  joint  was  considered  sep- 
arately in  the  thermal  analysis. 

Three  probe  configurations  were  considered  for  determining  the 
amount  of  isotope  heater  power  that  may  be  required.  The  heating 
requirement  was  computed  as  a function  of  desired  interior  probe 
temperature  and  is  presented  in  Figure  V-46.  The  multilayer  in- 
sulation thickness  chosen  was  1.5  cm,  or  approximately  70  layers 
of  insulation.  This  insulation  thickness  was  selected  to  achieve 
a reasonable  compromise  between  heater  power  and  insulation  bulk 
and  used  for  all  probe  analyses. 

The  cruise/coast  probe  configurations  analyzed  are  shown  schemati- 
cally in  Figure  V-47.  Although  the  nominal  Jupiter  mission  con- 
sists of  a complex  probe  (probe  deflection  and  attitude  control 
capabilities  for  spin,  precession,  and  despin),  several  additional 
configurations  were  of  interest  The  alternative  probe  configura- 
tions investigated  considered  spacecraft  deflection  that  eliminated 
the  probe  deflectior  propulsion  motor  and  a third  probe  design  that 
considered  a minimal  ACS  system  for  low  rpm  spinup  only;  thus  also 
eliminated  the  service  module  (simple  probe) . 

The  thermal  coatings  selected  for  cruise/coast  parametric  analysis 
allowed  a minimum  degree  of  temperature  change  between  spacecraft 
release  and  entry  (9.8  day  coast  time  for  nominal  probe).  Ana- 
lysis indicates  that  approximately  eight  days  are  required  for  the 
probe  to  appro  ^h  two-thirds  of  its  equilibrium  temperature  after 
spacecraft  rel  se  and  this  design  allowr  smaller  uncertainty  in 
the  i'roo  .case  entry  temperature.  For  tne  analysis  presented, 
the.,  .al  .ting  values  of  a/e  = 0.20/0.80  were  chosen  for  the  probe 
forward  section  (nose)  and  values  of  a/e  = 0.25/0.25  were  chosen 
for  the  probe  aft  section  (tail) . The  effective  multilayer  insula- 
tion conductivity  for  this  analysis  was  approximately  8.5  x 10“4 
W/m°K. 

The  results  presented  in  Figure  V-46  show  that  a temperature  in- 
crease of  approximately  5°K  would  be  anticipated  from  spacecraft 
separation  to  probe/coast  equilibrium.  Refinements  in  later  anal- 
yses (probe-dedicated  alternative  Jupiter  mission  study)  show  that 
the  effect  of  the  environmental  cover  (a/e  *»  0.20/0.80)  will  raise 
the  probe  temperature  on  the  spacecraft  10 °K  highei  than  antici- 
pated. Parametric  det  cent  analyses  show  that  coast/entry  tem- 
peratures as  high  as  297°K  would  be  desired  for  atmospheric  de- 
scent, but  the  long  spacecraft  cruise  phase  at  these  temperature 
levels  may  not  be.  An  alternative  to  the  design,  therefore, 
woul  be  selection  of  thermal  coatings  that  would  maintain  a 
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Complex  Probe 
No  Deflection  Propulsion 
Simple  Probe 
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spacecraft  probe  equilibrium  temperature  10  to  20°K  lower  than  the 
required  coast  equilibrium  temperature,  and  then  use  spacecraft 
power  to  heat  the  probe  to  its  probe/coast  equilibrium  temperature 
before  spacecraft  release. 


Complex  Probe  Intermediate  Probe  Simple  Probe 

(No  Deflection  Motor)  (No  Service  Module) 


Figure  V-47  Comparison  of  Cruise/Coast  Parametria  Probe 

Configurations 

e.  Descent  Probe  Thermal  Analysis  - Thermal  control  for  the 
atmospheric  descent  portion  of  the  mission  relies  on  the  probe/ 
coast  entry  temperature,  internal  probe  foam  insulation,  and  suf- 
ficient probe  thermal  inertia  to  survive  the  descent  environment 
encountered.  For  the  Jupiter  studies,  two  basic  probe  configura- 
tions were  evaluated  (sealed  and  vented) . Based  on  the  vented 
probe  design,  two  Jupiter  model  atmospheres  were  used  (cool/  dense 
and  nominal)  to  evaluate  the  mission  descent  design  parameters. 

In  addition,  an  alternative  Jupiter  mission  was  considered  where 
a more  powerful  RF  transmitter  could  be  used  for  6 to  7 R.  and 
possible  direct- link  communication  distances.  ^ 


To  perform  the  descent  probe  parametric  studies,  a descent  probe 
thermal  model  was  constructed  consisting  of  18  nodes  and  28  asso- 
ciated conductors.  Figure  V-48  presents  a schematic  depicting  the 
resistance-capacitance  thermal  network.  The  nominal  Jupiter  mis- 
sion probe  design  was  used  as  a baseline  to  determine  probe  mass 
properties,  thermal/structural  details,  and  the  equipment  power 
profile . 
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Care  was  exercised  to  account  for  all  heat  losses  through  penetra- 
tions in  the  foam  insulation.  Likewise  the  design  of  the  struc- 
tural details  minimized  heat  leak  paths  by  avoiding  metallic  con- 
tacts to  the  probe  shell  wherever  possible.  The  primary  insula- 
tion penetrations  represent  the  equipment  platform  structural  sup- 
ports and  the  parachute  canister  attachments. 


Probe 


Figure  V-48  Basic  Descent  Probe  Thermal  Model  Schematic 

To  determine  the  amount  of  internal  foam  insulation  desired  for 
probe  design,  the  nominal  Jupiter  mission  and  the  vented  probe 
combination  was  used  to  parametrically  evaluate  insulation  thick- 
ness against  minimum  compartment  probe  descent  temperatures.  Re- 
sults from  this  study  are  presented  in  Figure  V-49.  An  initial 
descent  probe/coast  compartment  temperature  of  283 °K  was  assumed 
as  was  a 42-minute  pre-entry  communication  period  and  a 33-minute 
cool/dense  atmospheric  descent  to  30  bars  pressure.  Two  insula- 
tion types  were  considered  and  are  plotted  as  insulation  weight 
against  minimum  compartment  temperature.  For  the  low  density 
foam  insulation,  conservative  insulation  properties  were  assumed 
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with  the  insulation  conductivity  set  equal  to  the  conductivity  of 
the  atmospheric-gas  within  the  probe  (^0.18  W/m°K) . As  an  alterna- 
tive insulation,  a Johns-Manville  Min-K  insulation  that  has  super- 
ior insulation  properties  in  He/H2  gas  mixtures  (thermal  conductiv- 
ity approximately  0.10  W/m°K)  was  investigated.  Results  show  that 
no  weight  advantage  exists  because  of  the  higher  densities  required 
for  those  insulations.  For  the  low  density  insulation,  a minimum 
compartment  temperature  design  point  of  272°K  corresponds  to  1.9  cm 
(0.75  in.)  thickness  and  1.63  kg  (3.6  lb)  of  insulation.  Although 
this  design  point  allows  little  leeway  for  exceeding  allowable  lower 
limits,  the  probe/coast  entry  temperature  can  be  increased  for  de- 
scent margin.  The  low  density  insulation  was  assumed  to  be  0.096 
gm/cm3  (6.0  lb/ft3). 

The  two  basic  descent  probe  configurations  considered  for  this 
study  were  a sealed  probe  (Configuration  1)  and  a vented  probe 
(Configuration  2).  A schematic  of  the  two  probe  configurations 
is  presented  in  Figure  V-50.  To  compare  the  two  designs,  identi- 
cal probe  missions  were  analyzed  where  each  probe  had  1.9  cm  of 
low  density  foam  insulation  and  each  performed  a 33-minute  de- 
scent to  30  bars  pressure  in  a cool/dense  Jupiter  atmosphere. 
Identical  probe  mass  properties  and  equipment  power  profiles  were 
assumed. 

Results  for  the  sealed  probe  design  are  presented  in  Figure  V-51. 
These  results  present  two  equipment  shelf  designs  and  demonstrate 
the  superiority  of  aluminum  material.  A temperature  difference 
of  only  22°K  is  required  to  stabilize  the  RF  transmitter  for  that 
design.  Since  the  probe  is  sealed,  no  degradation  in  insulation 
performance  occurs  (thermal  conductivity  0.035  W/m°K)  and  no  in- 
ternal free  convection  is  present.  In  addition,  a low  emissivity 
coating  (emissivity  0.06)  was  assumed  on  the  interior  of  the  probe, 
which  further  reduced  the  insulation  heat  leak  by  minimizing  radi- 
ation coupling  with  the  internal  equipment.  Analysis  shows  that 
the  sealed  descent  probe  configuration  is  very  efficient  at  main- 
taining the  internal  probe  equipment. 

Results  for  the  vented  probe  design  are  presented  in  Figure  V-52 . 

The  original  Task  1 results  represent  the  insulation  parametric 
study  results  with  1.9  cm  of  low  density  foam  insc  .tion.  Also 
presented  are  updated  results  that  include  the  aluminum  self- 
design and  increased  probe  entry  temperature.  The  higher  entry 
temperature  of  297°K  was  desired  to  ensure  that  the  minimum  allow- 
able temperature  limit  would  not  be  exceeded  during  descent. 
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The  vented  descent  probe  configuration  demonstrates  the  marked 
effect  of  atmospheric  gas  inside  the  probe.  Degradation  in  the 
performance  of  the  insulation  thermal  conductivity  and  strong 
coupling  effects  of  internal  free  convection  on  the  probe  walls 
results  in  an  increase  in  insulation  heat  leak  by  a factor  of  ap- 
proximately an  order  of  magnitude.  The  instantaneous  heat  leaks 
for  the  sealed  and  vented  probe  designs  are  presented  in  Figure 
V-53. 

Although  the  sealed  probe  is  more  efficient  thermally  than  the 
vented  probe  design,  the  vented  probe  was  selected  as  the  mission 
study  probe  configuration  on  the  basis  of  its  increased  equipment 
package  density  and  the  savings  of  structural  weight.  Analyses 
r.how  that  the  vented  probe  can  provide  sufficient  thermal  control 
to  maintain  internal  probe  temperature  limits  within  allowable 
temperature  limits.  The  use  of  the  sealed  probe  configuration 
would  be  desired  for  deeper  descent  pressures  where  longer  missions 
and  more  hostile  atmospheric  temperatures  would  be  encountered. 

Between  the  two  Jupiter  atmospheres  considered  for  Jupiter  probe 
mission  studies  (Fig.  V-54) , the  more  severe  from  a standpoint  of 
thermal  control  is  the  cool/dense  atmosphere.  A comparison  of 
both  atmospheric  encounfers  is  presented  in  Figure  V-55.  The 
Jupiter  mission  science  objectives  produce  different  descent  rates 
in  each  atmosphere.  For  comparable  scientific  return,  the  cool/ 
dense  requires  a 33-minute  descent  to  30  bars  pressure  while  the 
nominal  atmosphere  requires  a 43-minute  descent  to  10  bars  pres- 
sure. The  vented  probe  design  was  considered  for  both  missions 
and  each  probe  used  1.9  cm  of  low  density  foam  insulation. 

For  the  cool/dense  atmospheric  descent,  an  initial  probe  entry 
temperature  of  297°K  was  desired  for  optimum  probe  equipment  tem- 
perature margin.  The  minimum  probe  temperature  occurred  at  ap- 
proximately 13  barn  and  considerable  leeway  for  additional  descent 
was  available.  For  the  nominal  atmosphere  descent,  an  initial 
probe  entry  temperature  of  283 °K  was  selected.  This  entry  tempera- 
ture allowed  a reasonable  margin  to  maintain  the  probe  equipment 
above  minimum  temperature  limits  during  descent  and  below  the 
maximum  allowable  internal  equipment  temperature  at  10  bars  pres- 
sure. On  the  basis  of  previous  cruise/coast  parametric  analyses, 

32  W of  radioisotope  heater  power  would  be  required  for  the  cool/ 
dense  atmosphere  mission  entry  temperature  of  297 °K  and  29  W of 
radioisotope  heater  power  for  the  nominal  atmosphere  mission  entry 
temperature  of  283°K.  For  the  nominal  atmosphere  encounter,  the 
internal  equipment  temperature  was  rising  sharply  at  the  end  of 
the  desired  descent  (10  bars)  and  an  extended  mission  would  ex- 
ceed temperature  limits  at  approximately  14  bars. 
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An  alternative  probe  mission  configuration  investigated  included 
a more  powerful  40-W  RF  transmitter  for  possible  direct  link  and 
6 to  7 Rt  communication  distances.  Results  for  this  configura- 

tion  are  presented  in  Figure  V-56  and  included  mission  descents 
in  either  the  cool/dense  or  nominal  Jupiter  atmosphere.  Analysis 
shows  that  basic  probe  thermal  control  is  adequate  to  maintain  the 
probe  equipment  within  allowable  temperature  limits  for  these  mis- 
sions. A lower  initial  probe  entry  temperature  of  283°K  was  de- 
sired, however,  for  the  cool/dense  atmosphere  descent  to  maintain 
the  RF  transmitter  below  its  upper  allowable  operating  limit.  An 
alternative  fix  for  the  RF  transmitter  could  have  been  the  use  of 
phase  change  material  that  would  melt  at  about  310°K  and  absorb 
approximately  30  W-hr  of  energy  per  pound  of  material. 


' 40-Watt  Transmitter 
I 


Cool  Dense  Atmosphere 
Nominal  Atmosphere 


RF 


.-(320^) 

^TuVf) 


Figure  V-56  Deeoent  Thermal  Analysis  of  High  "Power  HF  Transmitter 
for  6 to  7 Rj  and  Possible  Direct-Link  Communications. 


Subsystems  Sensitivity  to  Radiation 


Radiation  effects  will  occur  in  most  materials.  The  significance 
of  these  effects  depends  on  the  degree  to  which  the  critical  per- 
formance  characteristics  of  the  material  are  involved.  The  per- 
tinent literature  available  and  current  studies  represent  a 
tremendous  volume  of  Information  on  radiation  effects  and  will 
not  be  unnecessarily  rephrased  here.  Radiation  problem  areas  of 
the  probe  are  related  to  electronic/electrical  degradation  and 
chemical  decomposition  with  associated  loss  of  strength  and  out- 
gassing.  The  expected  radiation  to  which  the  components  will  be 
subjected  is  illustrated  in  Figure  V-57. 


Radiation  Models 
Post-Workshop;  — Workshop 

Electron  (3  MeV  Equiv);  Proton  (20  MeV  Equiv) 

Entry  Angle  ■ -20°  except  Polar  = -42.6* 


Upper  Limit  Electron  Fluences 


30  40  50  60 

Latitude,  deg 


Figure  V-57  Radiation  Sensitivity  to  Latitude 
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a.  Electronic/Electrical  Performance  - The  principal  effects  of 
radiation  on  semiconductor  electronics  are  the  bulk  damage  effects 
and  the  radiation  surface  induced  effects.  Bulk  damage  disrupts 
the  crystal  lattice  and  causes  a decrease  in  carrier  lifetime  in 
the  base  region  of  the  device.  This  effect  is  independent  of 
whether  the  device  is  active  or  not.  Surface  effects  are  more 
predominant  when  the  device  is  under  simultaneous  electrical  and 
radiation  stress.  This  effect  is  mainly  due  to  the  interaction 
of  ionized  gas  and  ionized  impurities  with  the  semiconductor  sur- 
face. A summary  of  expected  radiation  damage  caused  by  proton 
fluences  is  illustrated  in  Figures  V-58  and  V-59  which  were  ex- 
tracted from  Reference  1.  It  is  clear  from  this  data  that  the 
electronic  degradation  caused  by  radiation  at  Jupiter  is  a serious 
design  consideration.  The  critical  devices  that  may  be  used  in 
an  entry  probe  are  power  transistors,  power  diodes,  silicon  con- 
trolled rectifiers,  and  analog  IC  circuitry.  The  scientific  in- 
struments with  the  possible  exception  of  a thermionic  cathode  in 
the  mass  spectrometer  do  not  appear  to  be  susceptible  to  other 
than  the  electronic  degradation  mentioned  above. 

The  design  solutions  for  reducing  the  probability  of  failure  caused 
by  radiation  involves  selection  of  nonsensitive  device  types,  test- 
ing and  selecting  parts  where  sensitive  device  types  must  be  used, 
derating,  redundancy  and  shielding  in  approximately  that  order. 

Relays  have  been  selected  as  a substitute  for  SCR  and  power  distri- 
bution transistors.  There  are  problem  areas  with  relays  in  the 
pyrotechnic  area  caused  by  contact  bounce  and  the  high  entry  g- 
stress.  The  latter  problem  can  be  reduced  by  maintaining  hold 
currents  on  the  latching  relays  during  entry  and  possibly  hard- 
wiring the  accelerometer  which  is  activated  during  entry  through 
suitable  buffer  resistors.  The  contact  bounce  problem  will  re- 
quire further  study  (see  Vol  III,  Appendix  G,  this  report).  A 
major  effort  to  digitize  all  circuitry  must  be  made.  The  diffi- 
culty of  designing  effective  redundant  analog  circuitry  is  well 
known.  Where  analog  circuits  are  use4,  failure  sensing  approaches 
must  be  employed  (i.e.,  loop  gain  sensing,  pilot  tones,  test  con- 
dition, etc).  The  remaining  sensitive  elements,  power  transistors, 
and  power  diodes  remain  a difficult  area  to  solve.  The  entry 
power  subsystem  has  been  dispersed  to  the  degree  possible  to  mini- 
mize the  stress  on  these  devices.  Nevertheless,  the  transmitter 
and  mass  spectrometer  power  conditioning  represent  significant 
hazards.  Failure  detecting  devices  for  power  equipment  usually 
involves  analog  circuitry  and  may  reduce  reliability  rather  than 
improve  it.  Redundancy  for  this  circuitry  is  frequently  ineffec- 
tive except  at  the  cost  of  considerable  weight  and  acceptance  of 
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Figure  V-58  Typical  Tolerance  of  Semiconductor  Devices  to  Electron  Irradiation 


heavy  power  margins  for  failed  circuits.  Fuses  are  a considera- 
tion but  must  be  studied  with  respect  to  the  high  g-stress  envi- 
ronment. Selection  of  power  transistors  would  be  required;  the 
sensitivity  of  power  transistors  to  radiation  decreases  with  in- 
creased beta  and  cut-off  frequency  (Fig.  V-60) . The  use  of  high 
temperature  environments  for  annealing  out  bulk  damage  is  consid- 
ered ineffective  for  the  mission  profile  under  consideration  be- 
cause of  the  short  annealing  periods  available.  Ultimately  it 
may  be  necessary  to  group  the  power  devices  together  and  provide 
heavy  shielding.  This  will  undoubtedly  create  a difficult  but 
not  insurmountable  problem  because  coupling  between  elements  from 
different  circuits  in  a compact  shielded  package.  Use  of  shield- 
ing must,  in  general,  be  a last  resort  caused  by  the  cost  of 
weight  on  the  probe  and  th3  uncertainties  with  respect  to  the  ef- 
fectiveness of  shielding  in  the  Jupiter  environment. 

Studies  of  shielding  effectiveness  are  in  progress  at  Martin 
Marietta  and  elsewhere.  There  are  areas  of  uncertainty  in  the 
precise  knowledge  of  the  proton  radiation  attenuation  obtained 
by  shielding  and  the  degradation  due  to  the  proton  radiation  over 
the  spectrum  of  energy  levels  and  densities  that  theoretically 
exist  in  the  Jupiter  Van  Allen  belts.  In  addition  the  nature, 
energy  distribution,  and  damage  caused  by  the  secondary  radiation 
generated  in  the  shield  and  interior  of  the  probe  is  primarily 
speculative  at  this  time.  The  Pioneer  X,  presently  enroute  to 
Jupiter,  may  resolve  some  of  these  uncertainties  and  provide  more 
reliable  design  constraints. 

The  effect  of  radiation  on  organic  compounds  influences  the  elec- 
tronic design  in  the  areas  of  adhesives  and  plastics.  The  reduc- 
tion of  structural  strength  of  the  electronic  devices  and  mount- 
ing surfaces  must  be  evaluated  with  respect  to  the  high  g-stress 
entry  environment.  Loss  of  insulating  properties  caused  by  frac- 
ture or  change  of  electrical  properties  is  an  obvious  considera- 
tion. Electrical  breakdown  caused  by  outgassing  products  is  a 
solvable  problem  in  an  adequately  Insulated  design. 

b.  Pyrotechnics  - According  to  Reference  9,  after  being  irradi- 
ated, these  devices  are  more  sensitive  to  being  ignited,  operate 
at  a lower  temperature,  and  contain  more  energy.  Premature  op- 
eration might  be  expected  because  of  the  radiation  environment. 
However,  this  is  not  a proven  fact,  and  there  is  strong  opinion 
that  pyrotechnic  devices  may  satisfactorily  withstand  the  envir- 
onment and  be  useable  on  the  descent  probe.  Additional  studies 
and  tests  are  required  to  establish  positive  feasibility  of  pyro- 
technic device  on  the  entry  probe. 
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Figure  V-60  Bulk  Radiation  Effects  on  NPN  Power  Transistors  at  2011  n/CM: 


a.  Propulsion  Reference  9 notes  that  solid  propellants  are  damaged 
by  radiation  at  approximately  the  same  levels  as  pyrotechnics. 

Their  damage  consists  of  quicker  ignition  and  propellant  weight 
loss,  which  causes  faster  burning  and  reduced  impulse.  For  the 
probe,  the  solid  motors  would  be  used  at  spacecraft-to-probe  sep- 
aration, before  exposure  to  a high  radiation  dose. 

d.  Materials  - The  effect  of  nuclear  radiation  on  organic  mate- 
rials is  shown  in  Figures  V-61  through  V-63.  The  successful  usage 
of  organic  materials  on  the  entry  and  descent  probe  will  be  estab- 
lished by  selection  of  appropriate  materials  for  design.  For 
metallic  materials  used  in  the  probe,  there  is  no  problem. 

e.  Sumary  - In  summary,  the  design  of  a radiation  resistant 
probe  would  follow  methods  previously  established.  A flow  chart 
which  illustrates  an  organized  approach  for  the  design  of  radia- 
tion resistant  subsystems  is  presented  in  Figure  V-64.  The  prob- 
lem at  Jupiter  appears  to  be  considerably  more  severe  than  pre- 
viously encountered  in  space  system  design  and  the  survivability 
of  the  probe  has  not  been  established.  The  feasibility  evalua- 
tion is  further  compromised  by  the  uncertainties  in  the  radiation 
model  and  the  radiation  effects. 

f.  References 

1.  Preliminary  Radiation  Effect  Considerations  for  Jupiter  Entry 
Probes.  JPL  Section  Document  131-18. 

J.  B.  Barengoltz:  Jupiter  Radiation  Test  Levels  and  Their 

Expected  Impact  on  an  Encounter  Mission.  Attachment  to  JPL 
Document  131-18. 

2.  Power  Conditioning  Equipment  for  a Thermoelectric  Outer  Planets 
Spacecraft.  General  Electric  Company.  August  1970  (N70- 
39509) . 

3.  J.  Hungate:  Radiation  Hazard  to  the  Jupiter  Turbopause  Probe 

and  Potential  Solutions.  Martin  Marietta  Corporation  (Memo 
October  4,  1971). 

4.  W.  Pich,  A.  G.  Holms-Siedle:  Permanent  Radiation  Effects  in 

COSMOS  Integrated  Circuits.  Radio  Corporation  of  America, 

1969. 

5.  A.  G.  Holm-Siedle,  K.  H.  Zaininger:  Designing  MOS  Systems 

for  Radiation  Environments.  Radio  Corporation  of  America, 

1969. 


V-110 


Upper  Limit 
Probe  Environment 


Figure  V-62  Relative  Radiation  Stability  of  Elastomers 
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Figure  V-64  Entry  Probe  Parts /Materials  Evaluation  Plan 
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12. 


Probe  to  Spacecraft  Integration 


During  the  program  parametric  analysis,  identified  in  Figure  V-l 
and  further  defined  in  Table  V-2,  three  candidate  spacecrafts  were 
considered.  The  nominal  Jupiter  probe  discussed  in  Chapter  V, 
Section  B is  the  reference  for  each  of  the  parametric  point  de- 
signs. This  configuration  used  the  Modified  Outer  Planet  Space- 
craft (MOPS)  and  the  resulting  point  designs  used  either  the  Pio- 
neer spacecraft  or  a Martin  Marietta  generated  MOPS.  The  modifica- 
tions to  the  three  spacecraft  were  estimated  and  combined  with  the 
probe  to  give  estimated  launch  weights  as  shown  in  Table  V-13. 


Interface  requirements  between  the  probe  and  a three-axis  stabilized 
spacecraft  like  the  MOPS  identified  a tradeoff  relative  to  probe 
tipoff  errors  at  probe  separation.  Since  the  probe  is  spin- 
stabilized,  it  is  desirable  to  have  the  probe  spinning  just  before 
separation  and  have  the  spacecraft  point  the  probe  in  a known  di- 
rection. In  order  to  minimize  the  effect  of  the  tipoff  errors, 
three  solutions  were  considered: 
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1)  Addition  of  a spin  table  to  the  spacecraft  for  probe  spinning; 

2)  Spinning  the  spacecraft  itself; 

3)  Making  the  probe  ACS  more  accurate. 

The  last  alternative  was  baselined.  The  probe  separation  errors 
are  discussed  in  detail  in  Chapter  V,  Section  A, 7. 

13.  Summary  of  Parametric  Analysis 

This  data  contained  in  this  subsection  was  used  to  establish  the 
constraints,  summarized  in  Sections  C and  D to  control  the  defini- 
tion of  the  two  alternative  Jupiter  probes. 

The  major  program  parametric  analyses  are  identified  in  Figure 
V-l  and  further  defined  in  Table  V-2.  Results  of  these  anal- 
ysis arc  as  follows. 

1)  Entry  Angle  Impact  - Figure  V-65  shows  the  probe  weight  vari- 
ations as  a function  of  entry  angle  for  the  cool/dense  atmosphere 
and  an  estimate  for  the  nominal  atmosphere.  These  are  based  upon 
a periapsis  radius  of  2 Rj.  A periapsis  radius  of  6 Rj  is  shown 

for  comparison.  Figure  V-66  shows  the  RF  power  requirement  varia- 
tion as  a function  of  entry  angle. 

2)  Entry  Latitude  Impact  - Figures  V-67  and  V-68  show  the  probe 
ejected  weight  and  radiation  fluence  variation,  respectively,  as 
a function  of  entry  latitude.  The  radiation  data  was  taken  from 
Table  11-2  and  from  similar  data  for  the  post-workshop  radiation 
model . 

3)  Pressure  Depth  Impact  - Figures  V-69  thru  V-71  and  Table  V-14 
show  the  impact  of  descent  depth  on  science  objectives,  RF  power, 
and  thermal  control. 

4)  Deflection  Mode  Impact  - Table  V-15  shows  the  AV  requirement 
variations  for  the  three  deflection  modes.  It  is  noted  that  the 
shared  mode  is  not  competitive  with  the  other  two. 

5)  Miseion  Launch  Date  Impact  - Figure  V-72  shows  the  payload 
capability  of  the  T-IIXE/Centaur/Burner  II  launch  vehicle  as  a 
function  of  launch  period  for  the  years  1978  thru  1982.  In  addi- 
tion, the  figure  shows  various  spacecraft/probe  combinations. 
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Figure  V-69  Pressure  Depth  for 
Science  Objectives 


Figure  V-70  Pressure  Depth  vs 
RF  Power 


— Nominal  Atmosphere 
Cool  Dense 


Figure  V-71  Pressure  Depth  Impact 
on  Thermal  Control 
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Table  V-14  Pressure  Depth  vs  RF  Power 


Mission 

RF  Power 

w 

Ref  Table  V-2 

30  bars 

10  bars 

Point  Design  No.  1 

23 

16 

Point  Design  No.  5 

12.4 

■ 29 

20 

Point  Design  No.  8 
2 Position  Search 

81 

52 

3 Position  Search 

36 

23 

Direct  Link 

31 

19.5 

400* 

37.5* 

*2.3  GHz,  All  other  powers  are  for 
1 GHz 


Table  V-15  Deflection  Mode  Velocity  Requirements 


Deflection  Mode 

Probe  AV, 
m/s 

Spacecraft 
AV,  m/s 

Total  AV, 
m/s 

Probe 

221 

0 

221 

Spacecraft 

0 

221 

221 

Shared 

246 

201 

447 
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Mariner  1500  lb  S/C-Probe  Deflcet 
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NOMINAL  JUPITER  PROBE  SYSTEM  DEFINITION 


This  nominal  Jupiter  probe  was  defined  essentially  as  a reference 
configuration  to  assist  in  the  conduct  of  the  parametric  analysis 
of  Section  A.  The  constraints  for  this  configuration  are: 


Mission 
Entry  Angle 
Entry  Latitude 
Depth  of  Descent 
Velocity  and  Pressure 
Science 
Atmosphere 
Spacecraft 
Carrier  Mode 
Periapsis  Radius 
Communication  Mode 
Deflection  Mode 
Radiation  Belt  Model 


Type  I for  1979 
-20° 

5° 

2 to  30  Bars 

Less  than  Mach  1 above  100  mb 

SAG  Exploratory  Payload  (Viking) 

Cool/Dense 

TOPS 

Flyby 

2RJ 

Relay  Link 

Probe 

Nominal 


1. 


Science  Instrumentation  and  Performance 


Many  of  the  mission  characteristics  of  the  nominal  Jupiter  probe 
were  specified  in  the  statement  of  work.  The  science  instruments 
were  specified  to  be  Viking-derived  wherever  possible.  The  char- 
acteristics of  the  resulting  nominal  Jupiter  probe  instruments 
are  shown  in  Table  V-16.  The  temperature  gage  is  the  Viking  para- 
chute phase  instrument,  its  range  of  operation  is  sufficient  for 
Jupiter.  Two  pressure  transducers  are  necessary  to  cover  the  pres- 
sure range  required:  One  with  a range  similar  to  that  of  the 

Viking  instrument  (0-300  mb);  the  other  with  a larger  range.  The 
accelerometer  triad  is  the  Bell  Model  IX  3-axis  system  with  pulse 
rate  convertor,  with  a modification  to  scale  up  the  flexure  for 
1600  peak  load.  Discussions  with  Bell  Aerospace  indicate  this 
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is  a minor  change.  The  proposed  mass  spectrometer  deviates  from 
the  Viking  upper  atmospheric  instrument,  but  is  considered  to  be  a 
magnetic  sector  analyzer  with  a porous  leak  remote  inlet  system. 
The  given  characteristics  are  compatible  with  Viking  derivations. 
(See  Chapter  III,  Section  C for  further  instrument  details.) 


Table  V-16  Nominal  Instrument  Characteristics  (Viking-Derived) 


Instrument  and  Component 

Weight,  lb 

Power , 
watts 

Volume,  in,3 

Temperature  Gage 

1.0 

1.4 

26 

(including  deployment  mechanism) 

Pressure  Transducers  (2) 

1.7 

2.8 

32 

Accelerometer  System 

2.8 

Triad  Sensor 

1.3 

16 

Pulse  Rate  Converter 

2.1 

40 

Neutral  Mass  Spectrometer 

16.0 

Analyzer 

5.0 

114 

Electronics 

6.0 

210 

Pump 

1.0 

27 

Plumbing  and  Ballast  Tank,  1 liter 

1.0 

61 

Totals 

19.1 

23.0 

526 

(8.66  kg) 

(86,203  cm3) 

The  nominal  Jupiter  probe  analysis  considered  only  the  cool/dense 
atmosphere  and  the  descent  profile  was  chosen  with  this  assumption. 
Also,  this  initial  task  was  to  determine  how  a descent  to  30  bars 
could  be  performed.  The  resulting  parametric  values,  which  are 
consistent  with  the  criteria,  follow. 

Design  pressure  limit  ■ 30  bars 

Main  parachute  ballistic  coefficient  ■ 1.12  slug/ft2  (18.84  kg/m2) 
Drogue  parachute  ballistic  coefficient  " 1.50  slug/ft2  (235.5  kg/m2) 
Separation  pressure  ■ 10  bars 
Parachute  deployment  pressure  ■ 92  millibars. 

Pressure  at  first  measurement  " 111  millibars 
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The  entry  and  descent  times,  instrument  sampling  times,  and  result- 
ing bit  rates  are  shown  in  Table  V-17.  The  transmission  bit  rate 
is  significantly  higher  than  the  collection  bit  rate  because  the 
data  taken  during  the  5-minute-acquisition  period  is  stored  and 
must  be  interleaved  with  the  real  time  data.  Total  mission  time 
from  entry  to  30  bars  is  33  min  AO  sec.  The  pressure  descent  pro- 
file is  given  in  Figure  V-2  using  the  appropriate  ballistic  coef- 
ficient. In  addition  to  this,  the  radius  and  velocity  descent 
histories  are  given  in  Figure  V-73. 


Table  V-17  nominal  Jupiter  Probe  Instrument  Sampling  Times  and 
Data  Rates 


Sampling 

Collection 

Transmission 

Phase 

Instrument 

Times,  sec 

Bit  Rate,  bps 

Bit  Rate,  bps 

Entry, 

Accelerometers 

34  sec 

Longitudinal 

0.1 

100 

0.0 

Lateral 

0.2 

50 

0.0 

Lateral 

0.2 

50 

0.0 

Descent, 

Temperature 

5 

2 

2.4 

2002  sec 

Pressure 

5 

2 

2.4 

Mass  Spectrometer 

50 

8 

9.3 

Accelerometers 

Turbulence 

10 

6 

7.1 

Stored 

0 

0 

4.0 

Science  Total 

25.2 

Engineering  and  Formatting  2.8 

Total 

28.0 

Table  V-18  presents  the  measurement  performance  for  the  nominal 
Jupiter  probe  mission.  All  of  the  requirements  have  been  satis- 
fied, the  numbers  in  the  ziptoned  box  showing  the  critical  measure- 
ments. Note  that  the  mass  spectrometer  sampling  time  is  given 
here  as  60  sec,  and  it  satisfies  the  requirements.  Thus,  the  50 
sec  used  in  Table  V-17  to  calculate  the  bit  rate  is  conservative. 
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Table  V-18  Nominal  Descent  Measurement  Performance 


Instrument  and 
Measurement 

Criteria 

Descent 
Performance 
(b  - 0.12) 

Mass  Spectrometer 

(At  = 60  sec) 

Minor  Constituents 

2 

per  scale  height* 

A. 3 to  18 

Cloud  Layering 

2 

inside  cloud 

in  NH3 
8.0  in  H20 

H/He  Ratio  ) 

Isotopic  Ratios  ? 

A 

measurements 

36  measurements 

Molecular  Weight ) 

Temperature  Gage 

(At  ■ 5.0  sec) 

Temperature 

1 

per  °K 

to  3.7 

Cloud  Layering 

2 

inside  cloud 

23  in  NH3 
92  in  H20 

Pressure  Gage 

(At  = 5.0  sec) 

Pressure 

2 

per  km* 

Turbulence 

1 

per  km* 

2.1  to  7.3 

Cloud  Layering 

2 

inside  cloud 

23  in  NH3 
92  in  H20 

Accelerometers 

(At  * 10  sec) 

Turbulence 

1 

per  km* 

to  3.6 

’’Below  cloud  tops. 


2. 


Mission  Definition 


The  nominal  Jupiter  probe  mission  is  pictorally  described  in  Figure 
V-74  and  detailed  in  Table  V-19.  Important  mission  design  results 
are  summarized  in  this  section. 

a.  Interplanetary  Trajectory  Selection  - The  interplanetary  tra- 
jectory is  pictured  in  Figure  V-74 (a)  with  100-day  intervals  noted. 
The  launch  date  of  November  7,  1979  and  arrival  date  of  September 
17,  1981  (trip  time  of  680  days)  result  in  a maximization  of  the 
payload  weight  as  discussed  in  Chapter  IV,  Section  A.  As  indicated 
in  the  figure,  the  spacecraft  arrives  at  Jupiter  shortly  before 
the  view  to  Jupiter  is  obstructed  by  the  Sun. 

b.  Launch.  Analysis  - The  launch  analysis  is  provided  in  Figure 

V-74(b).  Available  payload  in  plotted  gainst  launch  period  for 
three  sets  of  launch  vehicle  performance  data:  standard  data  for 

the  Titan  5 Segment  vehicle  with  and  without  Burner  II,  plus  up- 
dated data  for  the  Burner  II.  For  reference,  the  payload  weight 
(probe,  spacecraft,  spacecraft  modifications,  and  spacecraft-launch 
vehicle  adapter)  is  about  1000  lb  for  a Pioneer  mission  and  1500 

lb  for  a MOPS  mission.  Thus,  the  Burner  II  option  is  necessary 
for  a MOPS-type  mission  to  obtain  a 20-day  launch  period.  The 
nominal  launch  trajectory  summarized  in  Table  V-19 (a)  indicates 
that  the  daily  launch  window  and  parking  orbit  coast  time  are  sat- 
isfactory. 

c.  Approach  Trajectories  - The  approach  trajectory  is  pictured 

in  Figure  V-74(a)  and  summarized  in  Table  V-19(a).  The  spacecraft 

trajectory  was  selected  with  a periapsis  radius  of  2 R to  obtain 

J 

a good  communication  geometry  between  the  probe  and  spacecraft 
during  the  probe  descent  phase.  The  inclination  of  10°  (with  re- 
spect to  the  orbital  plane  of  Jupiter)  was  chosen  so  that  the  probe 
entry  site  defined  by  a latitude  of  5°  and  an  entry  angle  of  -20° 
could  be  achieved  with  the  in-plane  deflection.  The  communication 
geometry  chosen  has  a lead  angle  of  -12.05°  (probe  leading  space- 
craft at  entry)  so  that  the  probe  aspect  angle  at  the  start  of 
descent  is  21°,  passes  through  zero  during  descent,  and  is  5°  at 
the  end  of  mission  (EOM) . 
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Table  V-19  Nominal  Jupiter  Probe  Mission  Summary 


a.  Conic  Trajectory  Data 


Interplanetary  Trajectory 

Launch  Trajectory 

Arrival  Trajectory 

Launch  Date:  11/7/79 
Arrival  Date:  9/17/81 
Flight  Time:  680  days 
Central  Angle:  155° 

Nominal  C3:  93.6  km2/sec2 

Nominal  DLA:  30.5° 

Launch  Window:  1.17  hr 

Parking  Orbit  Coast:  36  min 

C3  (10  day):  97.5  km2/sec2 

C3  (20  day):  105  km2/sec2 

Azimuth  Range:  101.7°  - 115° 

VHP:  8.474  km/sec 

RA:  161.3' 

DEC:  6.81' 

ZAE:  145.2' 

ZAP:  141.4' 

RP:  2 Rj 

INC:  10° 

b.  Deflection  Maneuver  and  Probe  Conic 


Deflection  Maneuver 

Probe  Conic  Definition 

Deflection  Mode:  Probe 

Deflection  Radius:  *10  x 106  km 
Coast  Time:  9.75  days 

AV:  221  m/sec 

Application  Angle:  116° 

Out-of-Plane  Angle:  0° 

Rotation  for  Probe  Release:  81° 

Probe  Reorientation  Angle:  -53° 

Spacecraft  AV  from  Earth:  NA 

Entry  Angle:  -20° 

Entry  Latitude:  5.0 

Entry  Longitude:  88.9 

Lead  Time:  45.8  min 

Lead  Angle:  -12.05° 

Probe-Spacecraft  Range  (Entry):  96,742  km 

Probe  Aspect  Angle  (Entry):  43.9° 

Probe  Aspect  Angle  (Descent):  21.0° 

Probe  Aspect  Angle  (E0M) : 4.7° 

c.  Dispersion  Analysis  Summary 


Naviation  Uncertainties 

Execution  Errors  (3o) 

Dispersions 

(3o) 

Type: 

Range-Doppler  167-day  arc 

AV  Proportionality:  1% 

Entry  Angle: 

: 1.1° 

SMAA: 

1482  km 

AV  Pointing:  2° 

Angle  of  Attack:  2.5° 

SMI  A: 

139  km 

Probe  Orientation  Pointing:  2° 

Down  Range: 

2.02° 

00 

GO 

ca 

0 

Cross  Range: 

; 0.80° 

TOF: 

54  sec 

Lead  Angle: 

4.4° 

Lead  Time: 

7.4  min 

Entry  Time: 

8.0  min 
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• Entry  and  Descent  Trajectory  Summary 


Critical  Events 


Entry  Parameters 

Descent  Parameters 

Time  from  Entry 

Altitudes 
above  1 atm 

Entry  Velocity,  km/ sec:  60 

Descent  Atmosphere: 

g » 0.1,  sec:  5.5 

km: 

182 

Entry  Altitude,  km:  304.6 

Cool/Dense 

Max  g,  sec:  12 

km: 

65 

Entry  B,  slug/ft2:  0.65 

kg/m2:  102.1 

Entry  Atmosphere: 

EOM  Pressure,  bar:  30 

Descent  B,  slug/ft2: 
slug/ft2:  0.12 

M ■ 0.7,  sec:  34 

Descent  Time,  min: 
33.3 

km: 

32 

Cool/Dense 

Max  Deceleration,  g;  1500 
Max  Dynamic  Pressure, 
lb/ft2:  2.1  x 101* 

kg/m2:  1.0  x 106 

kg/m2:  18.84 

EOM,  min:  33.8 

km; 

“85 
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d.  Deflection  Maneuver  - The  probe  deflection  mode  was  used  for 
the  deflection  maneuver  for  this  mission.  The  deflection  maneuver 
is  illustrated  in  Figure  V-74(b)  and  summarized  in  Table  V-19(b). 
The  deflection  radius  of  10  million  km  resulted  in  a AV  of  221 
m/sec  and  a coast  time  (time  from  deflection  to  probe  entry)  of 
9.8  days.  The  AV  is  applied  at  an  angle  of  116°  to  the  approach 
asymptote  and  is  in  the  plane  of  the  spacecraft  trajectory.  The 
spacecraft  must  rotate  81°  from  its  Earth-lock  attitude  of  release 
the  probe.  After  firing  the  AV,  the  probe  must  precess  53°  to 
obtain  the  attitude  required  for  zero  relative  angle  of  attack, 

e . Dispersion  Analysis  - The  navigation  and  dispersion  analysis 
resuits  are  summarized  in  Table  V-19(c),  The  navigation  uncer- 
tainties have  little  impact  on  dispersions  at  entry  even  assuming 
only  a standard  range  and  Doppler  tracking  arc.  All  the  entry 
parameter  dispersions  are  within  satisfactory  tolerances.  The 
communication  parameter  dispersions  are  discussed  in  Subsection 
B.4  of  this  chapter. 

/.  Entry  and  Descent  Trajectories  - Table  V-19(d)  summarizes  the 
entry  and  descent  phases  of  the  mission.  The  cool/dense  atmosphere 
model  is  used  for  both  phases  for  this  mission.  The  entry  phase 
starts  at  304.6  km  above  the  1 atm  pressure  level  (0  km  alt  - 
71,726  km)  and  ends  at  the  staging  of  the  aeroshell  34  sec  later. 
During  this  phase,  the  peak  deceleration  of  1500  g is  attained. 

The  descent  phase  starts  after  staging  and  lasts  until  the  end 
of  the  mission  at  30  bars.  The  total  mission  time  (entry  and 
descent)  is  33.8  min. 

System  Integration 

a.  Functional  Sequence  - Figure  V-75  shows  a pictorial  sequence 
of  events  which  identies  the  functions  with  the  equipment  and  also 
shows  the  interface  between  the  probe  and  spacecraft.  Table  V-20 
shows  the  sequence  of  events  from  launch  until  spacecraft  periapsis 
for  a mission  duration  of  680  days.  After  probe  separation  from 
the  spacecraft,  the  probe  is  precessed  for  a zero  angle  of  attack 
at  entry,  then  down-moded  for  coast.  The  engineering  data  col- 
lected during  this  period  is  transmitted  to  the  spacecraft  just 
before  shut  down.  After  approximately  9.5  days  of  coast,  the 
probe  is  activated  by  a probe  timer.  During  pre-entry,  the  sub- 
systems operate  to  monitor  conditions  of  the  probe  and  to  initiate 
probe  functions  before  entry  including  the  start  of  science  equip- 
ment warmup.  Near  entry,  accelerometers  sense  0.1  g and  100  g and 
initiate  a program  for  separating  the  descent  probe  from  the  heat 
shield  and  aeroshell. 
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Table  V-c.0  Jaw  Inal  Jupiter  Probe  Sequence  of  Events 


ITEM 

TIME 

EVENT 

1. 

L-0 

Launch,  November  7,  1979 

2. 

L+2h 

Separate  S/C  from  L/V 

3. 

I.+2h 

Cruise 

4. 

S--6h,  Qm,  0s 

S/C  Power  to  Probe;  Eject  Environmental  Cover 

5. 

S-5h,  47m,  0s 

Start  Probe  Checkout 

6. 

S-Oh,  17m,  0s 

Probe  C/O  Complete;  Start  S/C  Orientation  for  Release 

7* 

S-Oh,  2m,  0s 

S/C  Orientation  to  81°  Complete;  Activate  Probe  Data 
Handling  System  & Separation  Subsystems 

8. 

(L+670.2d)  S=0 

Separate 

9. 

S+0m,  0.5s 

Start  Probe  Spinup  to  100  rpm 

10. 

S+4m , Os 

Probe  Spinup  to  100  rpm  Complete 

11. 

S+15m,  Os 

Apply  Probe  AV  (221  m/sec,  11-sec  burn) (900  m min  separation) 

12. 

S+15m,  21s 

Eject  Probe  Deflection  Motor;  Activate  Attitu-ie  Propellant 
Subsystem 

13. 

S+15m,  31s 

Start  Probe  Precession;  Reorient  S/C  to  Earth  Lock  (-81°) 

14. 

S+6h,  13m,  31s 

Turn  on  Transmitter 

15. 

S+6h,  15m,  31s 

Probe  Precession  Complete  (-53°)  ; Start  Probe  Acquisition 

16. 

S+6h,  16m,  31s 

Acquisition  Complete;  Start  Engineering  Data  Transmission 

17. 

S+6h,  26m,  31s 

Complete  Data  Transmission;  Deactivate  Probe  Systems 

18. 

L+670.46d  to  L+679.94d 

Coast 

19. 

E-lh,  21m,  20s 

Enable  Entry  Battery  Ordnance 

20. 

E-lh,  lm,  20s 

Activate  Probe  Descent  Batteries  (in  aeroshell  & descent  probe) 

21. 

E-41m,  10s 

Turn  Transmitter  ‘'On”,  Data  Handling  System,  Engineering 
Instrumentation 

22. 

E-39m»  10s 

Start  Probe  Acquisition 

23. 

E-35m , Os 

Complete  Probe  Acquisition;  Start  Data  Transmission;  Activate 
Probe  Despin  Subsystem 

24. 

E-25m,  Os 

Start  Probe  Despin  to  5 rpm 

25. 

E-18m,  Os 

Probe  Despin  Complete;  Turn  on  Science  Instrument 

26. 

E-13m,  Os 

Eject  Service  Module;  Activate  Service  Module  Deflection 
Propulsion 

27. 

E-0 

Entry  (305  km  above  1 atm;  3 x 10“7  atm) 

28. 

E+Om,  5.5s 

Probe  Transmitter  "Off"  (0.1  g sensing);  Start  Recording 
Accelerometer  Data 

29. 

E+Om,  9.7s 

Initiate  Probe  Descent  Program  (100  g sensing) 

30, 

E+Om,  30. 5s 

Eject  Base  Cover  Quadrants  (Mach  0.8) 

33 . 

E+Om,  34s 

Deploy  Main  Parachute  (Mach  0.7,  ^ 0.1  atm);  Activate  Scientific 
Ordnance 

32. 

E+Om,  44s 

Release  Descent  Probe  from  Entry  Probe  (switch  probe  antenna) 

33. 

E+Om,  54s 

Probe  Transmitter  "On";  Start  Probe  Acquisition 

34. 

E+5m,  04s 

Probe  Acquisition  Complete;  Start  Data  Transmission 

35. 

E+26m,  16s 

Release  Main  Chute  and  Allow  Drogue  Chute  to  Open  (10  bar) 

36. 

E+33m,  40s 

End  of  Design  Mission  (^30  bar) 

37. 

(L+680d)  E+4 5m , 45s 

S/C  Periapsls  (2  R^j  September  17,  1981 

Inclu’es  7-rain  trajectory  uncertainty  and  is  based  on  a descent  ballistic  coefficient  of  0*12 
and  1.50  slug/ft2  (19/236  kg/m2)  and  10  bar  staging. 


b.  Functional  Block  Diagram  - Figure  V-76  shows  the  interrela- 
tionship of  the  probe  subsystems  and  the  electrical  interface  be- 
tween the  probe  and  spacecraft  during  periods  before  and  after 
separation. 

c.  System  Data  Profile  - Figure  V-77  shows  the  data  collection 
and  transmission  activities  as  a function  of  the  five  periods  of 
the  probe  mission.  The  accumulative  data  collection  is  shown  along 
with  that  stored  within  the  probe  and  the  data  transmission  rates. 

It  is  seen  that  the  storage  capacity  required  is  approximately 

13K  bits  and  that  the  maximum  transmission  rate  is  28  bits  per 
second. 

d.  System  Power  Profile  - The  system  power  requirements  are  shown 
in  Figure  V-78  for  the  five  periods  of  the  probe  mission. 

e.  System  Weight  Summary  - Table  V-21  shows  the  probe  weight 
breakdown  by  subsystems  which  fixes  the  probe  ejection  weight  of 
157.46  kg.  In  addition,  the  entry  and  descent  weights  are  presented. 

Table  V-21  Nominal  Jupiter  Probe  Weight  Summary 


Probe  Breakdown 

Weight 

kg 

lb 

Science 

8.66 

19.1 

Power  and  Power  Conditioning 

5.91 

13.0 

Cabling 

5.44 

12.0 

Data  Handling 

2.13 

4.7 

Attitude  Control 

11.76 

25.9 

Communications 

3.61 

8.0 

Pyrotechnic 

6.31 

13.9 

Structures  and  Heat  Shield 

61.92 

136.5 

Mechanisms 

7.71 

17.0 

Thermal 

7.44 

16.4 

Propulsion  (dry) 

3.85 

8.5 

Propellant 

12.16 

26.8 

Engineering  Instrumentation 

0.00 

0.0 

15X  Martin 

20.54 

45.30 

Ejected  Weight 
Entry  Weight 
Descert  Weight 

157.46 

106.34 

41.93 

347.28 

234.6 

92.6 
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Figure  V-76  Functional  Block  Diagram  for  the  Nominal  Jupiter  Probe 


Separation  , Coast  . Pre-Entry 


Telecommunications  Subsystem 


a.  RF  Subsystem  Definition  - Definition  of  the  telecommunica- 
tions subsystem  for  the  nominal  Jupiter  probe  system  was  linked 
heavily  with  design  of  the  probe  trajectory.  The  missic..  opti- 
mised communication  parameters  in  order  to  minimize  the  RF  power 
required.  Many  changes  were  made  in  periapsis  radius,  lead  time, 
and  ballistic  coefficient  in  order  to  arrive  at  a trajectory  that 
places  the  spacecraft  overhead  at  the  end  of  the  mission  and 
minimize  several  RF  power  sensitive  parameters. 

The  objective  was  to  have  minimum  communications  range  and  probe 
aspect  angle  at  mission  completion.  These  variables  are  shown  in 
Figures  V-79  and  V-80  as  a function  of  mission  time  for  the  nominal 
Jupiter  mission.  Range  decreases  by  approximately  0.3  Rj  from 

entry  to  mission  completion.  Increasing  range  before  entry  is 
due  to  the  relative  motion  of  the  probe  and  spacecraft  with  the 
probe  accelerating  ahead  of  the  spacecraft  along  the  trajectory. 
Probe  aspect  angle  also  decreases  during  probe  descent  and  is  at 
a minimum  of  5.2°  when  a depth  of  30  bars  is  reached  in  the  cool/ 
dense  atmosphere  model. 

Selection  of  an  optimum  frequency  was  also  considered  while  devel- 
oping the  nominal  mission.  Details  of  the  tradeoffs  performed  are 
discussed  in  Volume  111,  Appendix  A.  One  of  the  major  contributors 
to  RF  loss  in  the  link  is  attenuation  of  the  Jovian  atmosphere. 
Atmospheric  loss  for  the  nominal  probe  conditions  is  shown  in 
Figure  V-81  as  a function  of  frequency  and  depth  of  descent.  At- 
mosphere loss  is  also  a direct  function  of  the  angle  off  zenith. 
Minimizing  probe  aspect  angle  minimized  atmosphere  loss  at  a given 
depth  while  optimizing  probe  antenna  gain.  Both  effects  improved 
the  RF  link  conditions.  Power  requirements  relative  to  21  W for 
1 GHz  at  entry  are  shown  in  Figure  V-82.  End  of  mission  RF  power 
requirements  at  S-band  are  over  1 kW  and  are  greatly  reduced  as 
the  frequency  is  lowered.  Therefore,  the  operating  frequency  for 
the  pominal  probe  mission  was  selected  at  1 GHz.  Antenna  size 
becomes  a significant  factor  below  1 GHz  and  a lower  frequency  was 
not  chosen.  Parameters  of  the  RF  link  are  depicted  in  Table  V-22 
for  the  nominal  mission  at  1 GHz.  Defining  conditions  of  the  RF 
link  are  listed  in  the  remarks  column  and  at  the  bottom  of  the 
table.  Maximum  power  is  required  at  mission  completion  but  the 
trajectory  was  designed  to  minimize  the  level  at  this  worst-case 
point.  The  siajor  contributor  to  increasing  RF  loss  during  descent 
is  the  atmosphere  attenuation. 


71,422  km 


Perlapsis 


Rp  - 2 F 

Frequency,  GHz 


Figure  V-81  End  of  Mission  Attenuation  for  Jupiter  Cool/Dense  Atmosphere 
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Table  V-22  Probe  Telemetry  Link  Design  for  the  Nominal  Jupiter  Probe 


Parameter 

Nominal 

Value 

Adverse 

Tolerance 

Remarks 

1. 

Total  Transmitter  Power,  dBW 

14.0 

0 

25  W 

2. 

Transmitting  Circuit  Loss,  dB 

-0.3 

0.2 

Switch  loss:  0.2  dB 

3. 

Transmitting  Antenna  Gain,  dB 

5.0 

1.4 

120°  beamwidth 

4. 

Communications  Range  Loss,  dB 

-189.7 

0.9 

7.33  x 104  km 

5. 

Planet  Atmosphere  & Defocus  Loss,  dB 

-2.7 

0.2 

Cool/dense,  30  bars 

6. 

Polarization  Loss,  dB 

0 

0.2  ' 

7. 

Antenna  Pattern  Ripple  Loss,  dB 

0 

0.2 

8. 

Receiving  Antenna  Gain,  dB 

11.6 

4.0 

45°  beamwidth 

9. 

Receiving  Circuit  Loss,  dB 

-0.2 

0.2 

10. 

Net  Circuit  Loss,  £(2  -*■  9),  dB 

-176.3 

7.3 

11. 

Total  Received  Power  (1  + 10),  dBW 

-162.3 

7.3 

12. 

Receiver  Noise  Spectral  Density,  dBW 

-197.5 

0.5 

Tg  - 1280°K,  NFg  = 7.34  dB 

Tracking  Tone 

13. 

Tone  Power/Total  Power,  dB 

-5.2 

0.4 

14. 

Received  Tone  Power  (11  + 13),  dBW 

-167.5 

7.7 

15. 

Tracking  Threshold  Bandwidth,  dB 

11.8 

0 

Bandwidth  **  15  Hz 

16. 

Threshold  SNR,  dB 

10.0 

0 

17. 

Threshold  Tracking  Power 
(12  + 15+  16),  dBW 

-175.7 

0.5 

18. 

Tracking  Performance  Margin 
(14  - 17),  dB 

8.2 

8.2 

Data 

Channel 

19. 

Data  Power/Total  Power,  dB 

-1.6 

0.4 

o 

CM 

Radio  System  Processing  Loss,  dB 

-1.0 

i 

0 

i 

21. 

Fading  Loss,  dB 

-1.0 

0 

22. 

Received  Data  Power  (11  +19+20 
+ 21),  dBW 

-165.9 

7.7 

23. 

Data  Bit  Rate,  dB 

14.5 

0 

28  bps 

24. 

Threshold  EUN  , dB 
b o’ 

8.9 

0 

25. 

Threshold  Data  Power  (12  + 23  + 24) , 
dBW 

174.1 

0.5 

26. 

Performance  Margin  (22  - 25),  dB 

8.2 

8.2 

CM 

Nominal  Less  Adverse  Value  (26  - 26 
adv) , dB 

0 

Conditions:  1.  Worst-Case  (EGM)  Conditions  at  1 GHz 

2.  EOM  Probe  Aspect  Angle,  ^ - 5.3° 

3.  Coded  Noncoherent  System  with  Viterbi  Decoding 

4.  Convolutional  Encoder,  H-2,V«2,Q-8 

5.  BER  - 5 x 10-5  for  Binary  FSK  with  K - 8 Coda 
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The  binary  FSK  requires  25  W of  RF  power  and  28  bps  with  a track- 
ing tone.  A functional  diagram  of  the  telecommunications  subsys- 
tem is  shown  in  Figure  V-83.  Relative  probe  positions  during  the 
mission  are  shown  by  the  ellipses  in  Figure  V-84.  The  ellipses 
account  for  trajectory  and  probe  dispersions  and  represent  the 
nominal  positions  (triangles)  and  associated  uncertainties.  The 
dispersions  are  based  on  a 100-sample  Monte  Carlo  analysis.  Eleva- 
tion angle  (cross  cone  angle)  dispersions  are  very  small  with  the 
major  difference  occurring  in  cone  angle.  A 45°  spacecraft  an- 
tenna beamwidth  provides  maximum  gain  at  the  points  of  maximum 
dispersion.  The  cone  angle  decreases  during  descent  and  retraces 
the  increasing  angle  from  acquisition  to  entry.  Descr easing  cone 
angle  after  entry  results  when  the  spacecraft  overtakes  the  des- 
cending probe. 

Table  V-23  depicts  design  details  of  the  RF  components  that  com- 
prise the  telecommunications  subsystem.  Complete  details  of  the 
components  are  given  in  Section  A. 4 of  this  chapter.  A mechanical 
RF  switch  is  used  because  of  the  high  RF  power  level.  A four-arm 
equiangular  spiral  antenna  on  a cone  is  small  enough  to  be  placed 
on  the  service  module  and  provide  the  required  butterfly  pattern 
with  circular  polarization  during  entry.  The  descent  antenna  is 
a crossed  dipole  in  a cup  and  attaches  to  the  basecover,  A helix 
antenna  on  the  three-axis  stabilized  spacecraft  provides  sufficient 
coverage  for  the  probe  mission  when  mounted  in  a fixed  position. 

&.  Spacecraft  Receiver  Tracking  and  Acquisition  - The  configura- 
tion of  tne  spacecraft  receiver  is  shown  in  Figure  V-85.  The 
following  functional  description  is  based  on  the  more  detailed 
discussion  to  be  found  in  Volume  III,  Appendix  C. 

The  maximum  gain  of  the  IF  amplifier  under  no-signal  conditions 
should  be  controlled  (AGC  or  spacecraft  computer)  to  provide  the 
proper  threshold  for  the  acquisition  circuitry.  Wideband  acquisi- 
tion filters  (A-U-BPF,  A-L-BPF)  provide  initial  acquisition  at 
high  frequency  sweep  rates.  A narrow  band  (S/N  ■ 20  dB)  filter 
then  provides  final  acquisition  at  lower  sweep  rates.  When  signal 
is  detected  in  the  narrow  band  acquisition  filter  (A-A-BPF) , the 
tracking  loop  (S/N  * 10  dB)  is  enabled.  Analysis  has  indicated 
that  a maximum  frequency  error  of  7.5  Hz  may  occur  with  the  ex- 
pected Doppler  rates  and  instabilities.  The  local  oscillator 
frequency  will  be  swept  with  a saw-tooth  waveform  through  the  un- 
certainty region  around  a preprogrammed  expected  Doppler  shift. 
After  acquisition,  the  saw-tooth  is  discontinued  but  the  predicted 
Doppler  shift  program  will  continue  to  relieve  loop  stress.  In 
addition  to  the  main  frequency  tracking  loop,  the  output  of  the 
discriminator  is  used  to  update  the  Doppler  program,  further  re- 
lieve loop  stress  and  reduce  frequency  error  toward  the  basic  line 
width  of  the  probe  transmitter.  Loss  of  acquisition  will  result 
in  a narrow  band  search  as  long  as  the  signal  remains  in  the  wide- 
band acquisition  filter.  Acquisition  will  require  less  than  100 
sec  and  reacquisition  approximately  1.2  sec  for  the  nominal  Jupiter 
probe  design. 


{ 


Figure  V-83  Communica tione  Functional  Di* 


jtf' 


Table  V-23  Telecommunications  rtf  Subsystem  for  the  Nominal  Jupiter  Probe 


CONDITIONS:  Planet JJupiter  S/C:  TOPS  FREQUENCY:  1 GHz  BIT  RATE:  28  bps 

— 

COMPONENT 

CHARACTERISTIC 

UNIT 

VALUE 

Transmitter 

RF  Power  Out 

W 

25 

Overall  Efficiency 

X 

45 

DC  Power  in  at  28  V dc 

w 

55 

Total  Weight 

kg 

2.7 

lb 

6.0 

RF  Switch 

Type 

Mechanical 

Insertion  Loss 

dB 

0.3 

Weight 

kg 

0.23 

lb 

0.5 

Entry  Antenna 

Type 

Spiral  on  Cone 

Main  Beam  Anglr 

deg 

55 

Beamwidth 

deg 

35 

Maximum  Gain 

dB 

6.2 

Size  (1  x diameter) 

cm 

27  x 22.5 

in. 

10.6  x 8.8 

Weight 

kg 

0.23 

lb 

0.5 

Descent  Antenna 

Type 

Turnstile  in  Cup 

Main  Beam  Angle 

deg 

0 

Beamwidth 

deg 

110 

Maximum  Gain 

dB 

5.2 

Size  (diameter  x h) 

cm 

18.8  x 7.6 

in. 

7.4  x 3.0 

Weight 

kg 

0.45 

lb 

1.0 

Spacecraft  Antenna 

Type 

Helix 

Beamwidth 

deg 

45 

Maximum  Gain 

dB 

12.3 

Size  (1  x diameter) 

cm 

51  x 9.5 

in. 

20  x 3.75 

Weight 

kg 

2.27 

lb 

5 

Despin 

No 

Position  Search 

sec 

1 

Frequency  Acquisition 

deg 

35 

Clock  Angle i 6 

deg 

-94 

Cone  Angle,  $ 

deg 

100 

Spacecraft  Receiver 

Noise  Temperature 

°K 

300 

Noise  Figure 

dB 

3.1 

DC  Power  in  at  28  V dc 

W 

3.0 

Weight 

kg 

0.9 

lb 

2.0 

II  I 
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Antenna 


The  shaded  blocks  are  portions  of  the  subsystem  which  conceivably 
are  part  of  the  spacecraft  (i.e.,  spacecraft  computer  programs 
and  processing).  The  storage  of  probe  data,  which  appears  to  be 
a desirable  option  in  view  of  the  down-link  communications  range 
and  cod-id  data  rates  with  soft  quantization,  will  require  the 
capacity  of  a tape  recorder.  In  the  event  that  this  item  is  not 
available  in  the  spacecraft  system,  a dedicated  recc  rder  will  be 
required.  The  remaining  items  are  considered  to  be  probe  mission 
dedicated  components.  The  size  weight,  and  power  of  these  elec- 
tronic components  was  estimated  on  the  basis  of  similar  (Viking) 
systems  to  be 

Vol  * 11.4x12.7x15.2  cm  (4. 5x5x6  in.) 

Weight  * 2.3  kg  (5.0  lb) 

Power  = 7.5  watts. 

These  numbers  are  quite  flexible  and  are  strongly  dependent  on 
the  type  of  electronics,  the  degree  of  redundancy,  and  the  struc- 
tural design. 

A dedicated  tape  recorder  would  probably  be  of  the  air  filled 
type  and  require  24  watts  power  and  weigh  25  lb.  Recently,  vendors 
(RCA,  Borg-Warner)  have  built  and  proposed  for  space  use  tape 
recorders  with  these  typical  pnysical  characteristics. 

Vol  » 10.2x17.8x36.5  cm  (4x7x14  in.) 

Weight  - 5.9  kg  (13.0  lb) 

Powe'*  ■ 15  watts. 


Data  Handling  Subsystem 


The  functional  requirements  of  the  special  purpose  Data  Handling 
Subsystem  is  shown  in  Table  V-6.  A nominal  series  of  significant 
events  relative  to  the  DKo  are  listed  in  Table  V-24.  The  DHS  pe  - 
forms  only  the  necessarily  centralized  functions  of  timing,  se- 
quencing, and  formatting.  The  subsystem  is  energized  twice,  by 
the  spacecraft  before  preseparation  checkout  and  by  the  coast 
timer/bus  voltage  sensor  during  the  pre-entry  period.  Once  ener- 
gized, the  timer  and  sequence  generator  control  the  probe  functions. 
The  DHS  receives  two  additional  commands:  (1)  the  accelerometei 

signals  the  presence  of  significant  g-level  to  prevent  overloading 
the  memory  with  useless  pre-entry  acceleration  f’uta;  and  (2)  g- 
switches  provide  signals  to  initiate  the  descent  format.  The  probe 
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bus  voltage  sensor  has  an  additional  function  in  'hat  it  provides 
controls  so  that  the  DHS  is  disabled  until  full  power  is  on  the 
bus;  signals  are  available  to  ensure  that  r.he  internal  states  of 
the  DHS  are  properly  set.  It  is  assumed  that  the  science  instru- 
ments will  have  ten  or  twelve  bit  buffer  storage  outputs  to  hold 
the  measurements  and  signal  the  state  of  the  instrument.  Informa- 
tion is  snifted  from  these  buffers  into  the  appropriate  DHS  memory 
registers.  Although  this  procedure  produces  some  redundancy  in  the 
electronics,  it  facilitates  the  simultaneous  measurements  that 
must  be  made  by  the  science  instruments,  and  it  will  also  reduce 
design  schedule  interference  between  probe  engineering  design  and 
changing  science  objectives.  The  bridge  completion  network,  ana- 
log multiplexer  and  analog-digital  converter  arc  provided  for 
engineering  measurements.  Standard  voltage  cell  are  provided  for 
calibration  and  measurement  purposes.  These  may  be  chemical  cells 
or  zener  diodes.  (The  difficulty  of  maintaining  a voltage  standard 
for  as  much  as  eight  years  is  recognized;  however,  the  probe  may  be 
calibrated  during  preseparation  checkout.  This  will  eusure  that 
probe  accuracy  is  approximately  equal  to  the  accuracy  of  the  space- 
craft.) The  data  in  the  DHS  buffer  storage  is  then  sequenced  into 
the  data  stream  and  convolutionally  encoded. 


Table  V-24  Nominal  DHS  Sequence  of  Events 


Time 

Function 

Command  Source 

S - 6 hr 

Energize  probe  power  bus  and  DHS 

S/C  DHS 

Start  timer 

S/C  DHS 

Exercise  probe  fur ct ions /checkout 

S/C  DHS,  Probe  DHS 

S - 1 rain 

Activate  probe  battery 

S/C  DHS 

S - 0 

Separate  probe 

S/f  DHS 

S + 0 

Perform  spinup  A 7 , ACS  maneuver 

DHS 

Engineering  measurements,  RF  Transmission 

S + 6 hr 

initiate  coast  shut-down  sequence 

ACS  logic 

S 6+  hr 

Complete  coast  shut-down  sequence 

DHC 

E - 85  min 

Charge  pyrotechnic  banks 

Coast  timer 

E - 65  min 

Activate  descent  battery 

Coast  timer 

Activate  DHS  timer/sequencer 

Bus  Voltage  Sensor 

E - 45  mlu 

Initiate  pre-entry  sequence 

DHS 

E + 20  sec 

Initiate  descent  sequence  (100  g) 

e-switch 

Measure/store  science/engineering  data 

dh: 

E - 3 min 

Resume  transmission  of  measurements  and 

stored  data 

DBS 
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In  addition  to  tat;  science  instruments,  the  DHS  controls  vehicle 
pyrotechnics , power,  ACS,  and  RF  transmission.  Their  functions 
are  indicated  by  the  "pyro"  and  "power"  control  interfaces.  In- 
coming commands  from  the  accelerometer  and  g-switches  are  indi- 
cated by  the  "probe  control  bilevels." 

The  physical  characteristics  are  based  on  estimates  of  devices 
required  for  each  function.  Included  in  this  estimate  are  14- 
lead  flat  packs,  LSI  packages,  hybrids,  transistors,  diodes,  re- 
sistors, capacitors  (small  and  large  tantulum)  coils,  and  trans- 
formers. Card  surface  area  was  alotted  for  each  device  and  total 
surface  area  calculated.  Board  thickness  of  0.3  in.  and  density 
of  Q.93  g/cm3  (0.333  lb/in.  3)  were  assumed.  These  estimates  re- 
sulted in  the  following  physical  characteristics:  volume,  2320 

cm3  (142  in.3);  weight  2.13  kg  (4.7  lb);  and  power,  6.9  watts. 

The  weight  of  the  memory  was  based  on  an  estimate  from  Electronic 
Memories  (Division  of  Electronics  Memories  and  Magnetics  Corpora- 
tion) . The  estimate  for  a 7 kb  bipolar  IC  memory  (8  kb  card)  is 
as  follows:  volume,  16.5x11.4x0.64  cm  (6.5x4.5x0.25  in.);  weight, 

0.23  kg  (0.5  lb);  and  yower  6 watts.  This  has  been  used  as  a 
basic  building  block  ror  the  cost  of  memory  capacity.  The  resul- 
tant total  physical  cnaracteristics  for  the  nominal  Jupiter  probe 
DHS  and  memory  c e:  volume,  2575  cm3  (158  in.3);  weight,  2.59  kg 

(5.7  lb);  and  power,  18.9  watts. 

6.  Power  and  Pyrotechnic  Subsystems 

a.  Electrical  Power  Subsystem  - Power  requirements  for  the  probe 
components  are  listed  in  Table  V-25.  The  subsystem  design  approach 
for  all  missions  is  essentially  the  same.  The  functional  block 
digram  of  _he  power  and  pyrotechnic  subsyrtem  is  illustrated  in 
Figure  V-l  It  should  be  noted  that  there  are  two  power  subsys- 
4 :ms  (1)  post-separation  power  subsystem  consisting  of  a primary 
pOWc  source,  power  conditioning,  and  essentially  hard-wire  dis- 
tribution; and  (b)  entry  power  subsystem  consisting  of  a primary 
power  source,  separation  power  filters,  and  relay  power  distribu- 
tion. In  addition  to  the  above,  there  are  two  long-life,  low- 

drain  Hg-Zn  batteries  to  provide  power  for  the  Accutron  timer  and 

the  initial  pre-entry  pyrotechnic  event.  The  power  and  pyrotechnic 
subsystem  configuration  was  based  on  an  evaluation  of  a study  of 
outer  planet  probe  requirements.  Batteries  were  evaluated  on  the 
basics  of  a nominal  Jupiter  mission  time  and  temperature  profile. 
This  evaluation  would  not  be  valid  for  the  application  of  secondary 
cells  to  Saturn  and  Uranus.  Primary  batteries  were  selected  and 
will  fly  in  tho  dry  state  until  used.  The  evaluation  for  the  re- 
motely activated  cells  is  considered  valid  for  Saturn  and  Uranus. 
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Power  for  the  Accutron  timer  is  provided  by  a Hg-Zn  battery  which 
is  required  to  supply  approximately  8 microamperes  at  1.6  volts 
for  30  days.  A 40-volt  Hg-Zn  battery  is  required  to  change  two 
pyrotechnic  capacitor  banks,  hold  the  charge  against  leakage  for 
approximately  20  minutes,  provide  power  to  operate  two  or  three 
(detail  design  dependent)  latching  relays  and  some  minor  pyro- 
technic logic.  Initial  drain  of  the  40-volt  Hg-Zn  battery  is  ex- 
pected to  be  approximately  40  milliamperes,  dropping  rapidly  to 
less  than  one  milliampere  as  the  capacitors  charge  and  leakage 
decreases.  The  current  will  rise  again  to  approximately  10  milli- 
amperes for  a fraction  of  a second  at  the  end  of  the  20-minute 
soak  period.  The  Hg-Zn  battery  size  and  weight  is  based  on  stan- 
dard catalog  cells  degraded  at  7%  per  year.  Approximately  15% 
increase  in  volume  and  weight  was  allowed  for  packaging.  The  Hg- 
Zn  batteries  are  located  near  the  RTG  heaters  where  the  tempera- 
ture control  is  more  effective  and  protection  against  low  tempera- 
ture conditions  is  provided. 


Table  V-2S  Nominal  Power  Requirements 


Subsystem  Elements 

Power  (W) 

Subsystem  Elements 

Power  (W) 

Data  Management 

6.9 

ACS  Electronics 

2.0 

Memory 

12.0 

Sun  Sensor 

2.0 

Pyrotechnics 

0.5 

Planet  Sensor 

1.0 

Instrument  Engineering 

1.0 

Mass  Spectrometer 

14.0 

Vehicle  Engineering 

1.0 

Accelerometer 

2.8 

Accutron  Timer 

14  y (a) 

Temperature  Gage 

1.4 

Nutation  Damper 

(b) 

Pressure  Gage 

1.3 

3F  Subsystem 

14  - 122 

Power  Subsystem  Efficiency 

Post-Separation 

80% 

(a)  Self  contained  Hg-Zn  Battery 

Entry 

90% 

(b)  No  power  required 
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b.  Pyrotechnic  SuL'S ys torn  - The  pyrotechnic  subsystem  is  similar 
to  designs  already  applied  to  several  space  vehicles  such  as  Mar- 
iner  and  Viking.  Specific  constraints  and  devices  considered  for 
outer  planet  probe  designs  were  principally  derived  from  Viking, 
which  has  severe  restrictions  on  weight  and  a radiation  environment. 
The  pyrotechnic  subsystem  consists  of  power  conditioning  eqn'pment, 
relay  switching  control,  control  logic,  and  capacitor  banks  for 
high-pulse  discharge. 

The  pyrotechnic  control  system  derives  power  and  initiating  signal 
from  several  sources. 

1)  Separation  events  - Initial  charging  of  the  capacitor  banks 
and  initiation  signal  are  provided  by  the  spacecraft.  After 
the  post-separation  battery  has  been  activated,  power  is  then 
derived  from  the  probe  post-separation  battery. 

2)  Post-separation  events  - Power  is  derived  from  the  probe  post- 
separation battery  and  initiation  signals  from  the  probe  data 
manag  emen  t system. 

3)  Pre-entry  battery  event  - Power  is  derived  from  40-volt  Hg-Zn 
battery.  This  is  the  only  function  for  this  battery  which 
must  maintain  the  capacitors  on  charge  for  about  20  min.  The 
initiation  signal  is  derived  from  the  electromechanical  (Ac- 
cutron)  timer. 

4)  Pre-entry  events  - Power  is  derived  from  the  probe  pre-entry 
battery.  Initiation  signals  are  provided  by  the  data  manage- 
ment system. 

Potter  - Except  for  the  entry  battery  pyro  event,  all  power  con- 
ditioning required  in  the  pyrotechnic  control  subsystem  is  pro- 
vided by  an  internal  power  supply.  Outputs  are  not  regulated  and 
have  a tolerance  of  ±10%.  The  outputs  consist  of  two  40-volt 
windings  completely  isolated  from  each  other  and  from  all  other 
windings.  Power  provided  for  internal  use  is: 


Volts 

Capacitor  charging  +40 
Relay  switching  +28 
Logic  circuitry  +5 
Digital  interface  circuitry  ±5 


Structure  and  Mechanical  Subsystem 


The  objective  of  the  nominal  Jupiter  probe  configuration  is  to 
provide  environmental  protection  of  the  probe  functional  systems 
through  the  entire  sequence  of  space  flight,  from  launch  pad  lift- 
off through  descent  into  the  Jovian  atmosphere.  A further  confi- 
guration objective  is  to  enable  efficient  accomplishment  of  the 
systematic  sequential  functional  probe  events  of  the  programmed 
mission.  The  probe  configuration  and  structure  and  mechanical 
design  meeting  these  objectives  are  described  in  this  subsection. 

a.  Configuration  and  General  Arrangment  - The  configuration  of 
the  developed  nominal  Jupiter  probe  is  shown  in  Figure  V-86.  This 
drawing  shows,  right  to  left,  the  three  major  configurations  of 
the  probe  as  ejected  from  the  spacecraft,  the  planetary  entry 
configuration,  and  the  descent  probe  configuration.  The  ejected 
configuration  has  a conical  nose  cone  of  60°  half  angle  with  maxi- 
mum diameter  of  0.94  meter  (37.0  in.).  The  descent  probe  is  0.483 
meter  (19.0  in.)  in  diameter  and  0.457  meter  (18.0)  long.  The 
descent  probe  contains  all  of  the  scientific  instruments  and  sup- 
porting electronics  and  electrical  gear  all  mounted  on  a circular 
equipment  deck.  The  internal  equipment  of  the  entire  probe  is 
arranged  such  as  to  allow  disposal  of  unneeded  components  after 
their  functions  are  accomplished.  In  that  manner,  weight  at  entry 
(which  affects  aeroshell  and  heat  shield  size  and  weight)  and 
descent  (which  affects  parachute  size  and  weight)  are  minimized. 

The  general  arrangement  of  the  entire  probe  is  perhaps  best  ex- 
plained by  reference  to  Figure  V-87  and  relating  this  to  the 
planetary  entry  sequence  of  events.  As  seen  in  the  Figures  V-86 
and  V-87,  the  probe  as  ejected  from  the  spacecraft  is  in  a con- 
figuration ready  for  the  delta  velocity  deflection  maneuver.  The 
ejected  probe  is  still  covered  by  fore  and  aft  multilayer  insula- 
tion blanket  from  the  cruise  phase  thermal  protection  system,  with 
the  delta  velocity  deflection  motor  and  the  attitude  control  sys- 
tem (ACS)  spin  nozzles  exposed.  Immediately  following  spacecraft 
separation,  the  ACS  system  in  the  probe  service  module  at  the  aft 
end  of  the  probe  spins  the  probe  to  approximately  10.5  rad/sec 
(100  rpm)  to  stabilize  the  AV  attitude.  The  solid  propellant 
rocket  motor  is  fired  to  impart  the  delta  velocity  for  probe  de- 
flection, and  is  then  jettisoned.  Thus,  the  motor  is  exposed  at 
the  aft  end  for  ready  jettisoning.  The  probe  is  then  precessed 
by  pulsed  operation  of  precession  nozzzles  on  the  service  module, 
with  the  precession  being  monitored  by  Sun  and  planet  sensors 
mounted  on  exterior  of  the  service  module,  and  controlled  by  the 
ACS  system  within  the  service  module.  The  probe  continues  to  spin 
at  10.5  rad/sec  until  about  an  hour  before  planetary  entry,  at 
which  time  the  ACS  commands  a probe  despin  maneuver  to  0.52  rad/ 
sec  (5  rpm)  for  planetary  entry.  The  service  module,  having  com- 
pleted its  mission,  is  then  jettisoned  to  lighten  the  entry  weight. 
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The  supply  has  an  output  capability  of  approximately  50  watts  and 
a standby  power  dissipation  of  450  mW.  Because  the  supply  is  es- 
sentially  in  the  standby  condition  at  all  times,  except  for  ap- 
proximately 5 sec  after  each  event,  the  assumed  average  power 
requirement  is  0.5  W. 

5)  Weight,  Volume  and  Power  - The  physical  characteristics  of  the 
electronics,  conversion  equipment,  and  filters  are  based  on 
similar  subsystems  and  engineering  estimates.  The  remote 
activated  batteries  were  estimated  from  the  weight  chart  in 
Appendix  G with  an  assumed  13.7  in.3/lb  volume.  Capacitor 
banks,  pyrotechnic  relay  control  and  power  distribution  (relay) 
characteristics  were  based  on  part  count  and  known  volume  and 
weight  of  the  elements.  The  physical  characteristics  of  these 
subsystems  are  summarized  in  Table  V-26.  A more  complete 
description  of  these  subsystems  may  be  found  in  Volume  111, 
Appendix  G. 


Table  V-26  Physical  Characteristics  of  the  Pyrotechnic  Subsystem 


Power  Subsystem 

Size 

Weight 

Post-Separation  Battery 

1550  cm3  (94  in.3) 

3.13  kg  (6.9  lb) 

Entry  Battery 

924  cm3  (56  in.3) 

1.86  kg  (4.1  lb) 

Ug-Zn  Battery 

10.2x5.1  cm  (4x2  in.) 

0.41  kg  (0.9  lb) 

Power  Conditioning 

625  cm3  (40  in.3) 

0.91  kg  (2.0  lb) 

Power  Distribution 

163  cm3  (10  in.3) 

0.45  kg  (1.0  lb) 

Power  Filters 

326  cm3  (20  in.3) 

0.91  kg  (2.0  lb) 

Pyrotechnic  Subsystem 

Electronics 

1223  cm3  (75  in.3) 

0.91  kg  (2.0  lb) 

Relays 

1497  cm3  (91.8  in.3) 

3.0  kg  (6.6  lb) 

Capacitor  Banks 

1630  cm3  (100  in.3) 

0.84  kg  (1.85  lb) 
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Attitude  Control  Subsystems  (ACS) 


This  design  approach  makes  use  of  a Sun  sensor  to  measure  solar 
aspect  angle  and  Sun  crossing  time  and  a Jupiter  sensor  to  measure 
Jupiter  crossing  time.  Immediately  following  the  delta  velocity 
impulse  maneuver,  a preprogrammed  series  of  pulses  orients  the 
probe  near  its  final  position.  Then,  after  a waiting  peri'i  of 
several  damper  time  constants,  measurements  are  made  of  solar 
aspect  angle  and  the  angle  between  the  Sun  and  Jupiter,  measured 
about  the  spin  axis  of  the  probe.  These  measurements  are  then 
used  to  develop  subsequent  precession  programs  to  finalize  the 
position  of  the  probe. 

The  Sun  sensor  measures  the  angle  between  the  spacecraft  spin  axis 
and  the  Sun.  This  can  be  a 9-bit  digital  output  (with  the  Adcole 
Corporation  instrument)  or  linear  analog  output  (with  the  Honeywell 
Radiation  Center  instrument) . The  second  axis  is  determined  by 
the  direction  of  the  Sun  when  the  plane  containing  the  instrument's 
optical  axis  and  the  spacecraft  spin  axis  crosses  the  sun.  This 
is  indicated  by  a pulse  output  from  the  Sun  sensor.  This  Sun  sen- 
sor and  its  electronics  will  weigh  a maximum  of  3.5  lb,  and  require 
a maximum  of  2 watts,  if  the  instrument  is  lo  cover  the  whole  ce- 
letial  sphere  on  each  revolution  about  the  spacecraft  spin  axis. 

The  Jupiter  sensor  is  only  required  to  develop  a pulse  when  Jupiter 
crosses  the  optical  axis.  This  device  will  be  a Sun  sensor  with 
modified  optics  and  reduced  electronics. 

The  functional  block  diagram  illustrated  in  Figure  V-20  is  repre- 
sentative of  the  electronics  for  all  mission  requiring  an  attitude 
control  system.  The  functions  required  of  the  ACS  electronics 
follow. 

1)  Process  the  solar  aspect  angle  information.  The  data  output 
of  the  solar  aspect  sensor  is  generally  analog  or  digital 
gray  code.  In  either  case,  this  output  is  converted  to  binary 
digital  for  processing  in  the  logic.  The  solar  aspect  output 
may  be  used  as  a measure  of  nutation  by  determining  the  maxi- 
mum and  minimum  angles  in  a given  set  of  measurements. 

2)  The  pulse  output  from  the  Sun  sensor  is  generated  when  the 
Sun  crosses  the  sensors  optical  axis.  Processing  of  this 
pulse  will  consist  of  establishing  the  center  of  the  pulse 
by  selecting  the  point  at  which  the  derivative  (slope)  is 
equal  to  zero  (maximum  amplitude),  or  averaging  the  tima  be- 
tween preselected  amplitudes.  The  Sun  pulse  is  used  to  con- 
trol the  sector  logic  (discussed  below)  as  well  as  provide 
attitude  information  in  combination  with  a similar  Jupiter  pulse. 
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3)  The  pulse  derived  from  Che  Jupiter  sensor  when  the  planet 
crosses  the  optical  axis  of  the  sensor  is  essentially  similar 
to  the  Sun  pulse  described  above  and  processing  will  be  the 
same. 

4)  Sector  logic  will  be  used  to  establish  correct  ''recession  jet 
firing  intervals  by  driving  an  oscillator  (VCO)  so  that  the 
count  register  approaches  a fixed  value  for  every  revolution 
The  angular  position  of  the  probe  is  determined  when  this 
counter  reaches  a preselected  value. 

The  attitude  control  logic  may  be  implemented  by  COSMOS  if  he 
state  r the  art  permits.  Since  this  is  a critical  maneuver,  and 
with  cnis  design  there  is  no  method  by  which  the  success  of  the 
maneuver  may  be  evaluated  and  readjustee  by  spacecraft  or  ground 
command,  it  is  recommended  that  100%  redundant  majority  logic  be 
used.  The  use  of  COSMOS  will  alleviate  the  power  penalty  that 
might  otherwise  be  incurred.  The  Jupiter  range  at  which  this 
maneuver  takes  place  is  sufficient  to  ignore  the  effects  of  the 
Jupiter  radiation  belts. 

The  precession  pulses  will  be  implemented  by  pneumatic  jets  driven 
by  appropriate  power  amplifiers.  The  design  of  these  amplifiers 
should  be  such  that  they  require  low  power  during  the  standby 
condition. 

With  the  constants  appropriate  to  the  various  probes  with  dynamic 
attitude  control,  it  appears  that  time  constants  of  the  order  of 
one  hour  are  feasible  with  II -cm  diameter  viscous  damper.  Since 
the  period  during  which  the  ACS  system  Is  required  to  be  active 
may  be  as  long  as  6 hr,  this  would  appear  adequate.  With  a vehicle 
operating  at  5 rpm,  the  damping  period  would  extend  out  to  20  hr. 
This  dues  not  present  a problem  because  there  iu  no  attitude  con- 
trol system  dependent  on  the  damping  on  missions  with  this  vehicle 
angular  rate.  Furthermore,  initial  nutation  would  be  due  only  to 
tipoff  rates  and  approximately  seven  days  are  available  for  damping. 

The  estimated  physical  characteristics  of  the  attitude  control 
subsystem  follow: 


Size,  in.-* 

Weight,  lb 

Power,  W 

Sun  Sensor 

3.5 

2.0 

Jupiter  Sensor 

2.0 

1.0 

Electronics 

100 

3.0 

2.0 

A more  complete  discussion  or  the  attitude  control  subsystem  may 
be  found  in  Volume  111,  Appendix  F of  this  report. 
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Thus,  at  service  module  jettisoning,  the  following  unneeded  hard- 
ware is  removed:  Sun  and  planet  sensor,  ACS  system  including 

tanks  and  nutation  damper,  service  module  structure  and  aft  in- 
sulation, pre-entry  antenna,  separation  system  including  timer, 
battery,  springs,  and  pyrotechnic  devices.  Because  all  of  the 
above  is  unneeded  for  planetary  entry,  the  general  arrangement 
of  hardware  locates  these  items  in  the  service  module. 

Shortly  after  jettisoning  of  the  service  module,  the  probe  enters 
the  Jovian  atmosphere.  The  planetary  entry  capsule  basically  con- 
sists of  the  descent  probe  surrounded  by  the  fore  and  aft  heat 
shield.  The  forward  heat  shield  assembly,  in  turn,  consists  of 
a structural  aeroshell  capped  with  a graphite  heat  shield,  con- 
taining additional  hardware  needed  for  entry  but  not  needed  for 
descent.  The  aft  heat  shield  consists  merely  of  an  aft  structural 
shell  coated  externally  with  ESA  5500M3  ablator,  and  a pyrotechnic 
system  for  its  ejection.  After  high  entry  heating  and  deceleration 
loadings  have  passed,  the  aft  head  shield  is  opened  and  the  four 
quadrants,  their  attachment  hardware,  and  thrusters  are  ejected 
to  permit  parachute  deployment.  The  main  parachute  is  deployed 
at  approximately  Mach  0.7  by  means  of  a pyrotechnic  mortar.  A 
ballistic  coefficient  of  18.8  kg/m2  (0.12  slug/ft2)  for  the  descent 
probe  on  the  main  parachute  provides  enough  deceleration  of  the 
descent  probe  relative  to  the  forward  heat  shield  to  drag  the 
descent  probe  out  of  the  heat  shield.  The  forward  heat  shield  is 
thus  separated  and  jettisoned,  having  a ballistic  coefficient  suf- 
ficiently different  from  the  descent  probe  to  follow  a different 
descent  trajectory. 

The  forward  heat  shield,  having  performed  the  entry  mission, 
carries  with  it  the  following  items  not  needed  for  descent:  aero- 

shell structure  and  heat  shield;  descent  probe  latches,  and  bands; 
pyrotechnic  capacitors,  relays,  and  squibs;  spring  cartridges  and 
separation  nuts;  isotope  heaters. 

The  radioisotope  heaters  were  not  really  needed  for  entry,  but 
were  needed  up  to  the  time  of  entry;  thus  they  were  stowed  in 
both  the  forward  and  aft  heat  shields.  Stowage  of  the  above  items 
in  the  heat  shield  reduces  the  remaining  weight  for  the  descent 
probe,  and  hence  the  parachute  size. 

Parachute  deployment  and  descent  probe  separation  from  the  aero- 
shell is  followed  by  deployment  of  a temperature  probe  through  the 
side  of  the  descent  probe  and  opening  of  the  inlet  to  the  mass 
spectrometer  at  the  nose  of  the  descent  probe.  Both  are  accomp- 
lished pyrotechnically. 
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The  last  mechanical  operation  for  the  Pr°be  is  to  release  the  main 
parachute  and  to  deploy  a smaller  parachute  providing  a higher 
ballistic  coefficient  of  235  kg/m2  (1.5  slug/ft2)  to  accelerate 
the  probe  final  descent. 

The  descent  probe  descending  on  the  main  parachute  is  shown  in 
Figure  V-87a.  The  pyrotechnic  events  for  the  probe  mission  are 
defined  in  Table  V-26a.  The  interior  of  the  descent  probe  is 
lined  with  a layer  of  lightweight  thermal  insulation  0.019  meter 
(0.75  in.)  thick.  This  insulation  serves  no  purpose  during  the 
cruise  and  coast  phase,  but  protects  the  interior  of  the  descent 
probe  during  parachute  descent  into  the  Jovian  atmosphere. 

b.  Structural  Design  - The  nominal  Jupiter  probe  is  designed  to 
an  entry  angle  of  20°  at  a latitude  of  5°,  resulting  in  an  entry 
deceleration  of  1500  g.  Thus,  the  structure  of  this  probe  is  de- 
signed for  that  level  of  inertia  loading,  with  the  exception  of 
those  components  that  are  jettisoned  before  entry.  The  delta 
velocity  deflection  motor  and  the  service  module  are  both  expended 
and  jettisoned  before  entry.  All  of  the  vehicle  is  designed  to  a 
nominal  launch  environment  of  10  g for  the  launch  boost  phase  of 
flight. 

The  Jupiter  probe  is  of  high  strength  7G75-T6  aluminum  construction 
with  the  exception  of  the  service  module  structure.  This  item 
could  also  have  been  designed  of  aluminum;  however,  it  contains 
various  bulges  to  clear  gas  propellant  bottles,  and  can  be  -bri- 
cated  cheaper  in  low  quantity  production  when  designed  of  fiber- 
glass. The  equipment  deck  is  designed  as  a thick  disc  that  is 
machined  in  all  areas  to  leave  only  a network  of  reinforcing  beam 
sections.  The  equipment  deck  is  shown  in  the  cutaway  drawing  of 
the  descent  probe  in  Figure  V-88.  This  approach  will  accommodate 
the  numerous  attachment  points  supporting  the  components  on  the 
equipment  deck,  and  minimize  weight  of  the  deck  itself. 

The  outer  cylindrical  shell  of  the  descent  probe  must  accept  the 
inertia  loads  transmitted  by  the  integral  beams  of  the  equipment 
deck,  and  distribute  these  loads  as  uniformly  as  possible  into 
the  descent  probe  support  ring  on  the  aeroshell.  (The  intent  here 
is  to  avoid  distorting  the  graphite  heat  shield  any  more  than 
necessary,  minimizing  the  potential  for  cracking  the  heat  shield.) 
The  outer  cylindrical  shell  is  designed  using  10  equally  spaced 
longerons  to  accept  the  loads  from  the  equipment  deck  and  distrib- 
ute these  loads  into  the  probe  cylindrical  shell.  A T-frame  at 
the  level  of  the  equipment  deck  on  the  cylinder  mates  with  the 
equipment  deck  and  transfers  the  deck  loads  into  the  longerons. 
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Table  26a  Pyrotechnic  Events 

Event  Function 

1 Activate  Probe  Battery* 

2 Eject  Environmental  Cover* 

3 Separate  Probe* 

4 Probe  Spinup 

5 Cease  Probe  Spinup 

6 Ignite  Solid  Rocket  Deflection  Motor 

7 Eject  Deflection  Motor 

8 Activate  Probe  Battery 

9 Eject  Service  Moduel  and  Activate  SM  Deflection 

10  Eject  Base  Cover  (2  band  cutters,  4 thrusters) 

11  Deploy  Parachute 

12  Release  Descent  Probe  from  Aeroshell 

13  Deploy  Temperature  Gage  and  Activate  Science 
(open  mass  spec  port) 


*Signal  and  power  from  spacecraft. 
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Figure  V-87<z  Probe  Descent 
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This  frame  is  equipped  with  a thermal  standoff  ring  between  the 
equipment  deck  and  the  frame  to  minimize  thermal  heat  transfer 
from  the  deck  during  descent  into  the  Jovian  atmosphere.  The  aft 
bulkhead  of  the  descent  probe  is  flat  aluminum  honeycomb  for 
strength  and  stiffness.  The  nose  cone  of  the  descent  probe  is  in 
tension  during  the  high  load  regime  of  entry  deceleration,  and 
could  be  designed  of  minimum  gage  aluminum  for  any  planetary  entry 
deceleration.  However,  the  structure  is  exposed  to  aerodynamic 
pressure  (q)  values  of  the  order  of  magnitude  of  4800  H/irr  (100 
psf)  at  aeroshell  separation,  is  therefore  also  of  ring  stiffened 
monocoque  construction.  A main  load  bearing  ring  frame  at  the 
intersection  of  the  nose  cone  and  the  cylindrical  section  provides 
for  load  transfer  to  the  aeroshell  structure. 

The  aeroshell  structure  consists  of  a ring-stiffened,  60°  half- 
angle cone  capped  on  the  nose  with  spherical  segment,  having  a 
radius  equal  to  20%  of  the  base  diameter.  A triangular  ring 
frame  at  the  base  of  the  cone  completes  the  structure.  This  con- 
figuration is  shown  in  Figure  V-89.  The  design  of  the  aeroshell 
is  based  on  analysis  of  the  cone  as  a pressure  vessel  exposed  to 
external  pressure,  which  is,  in  fact,  the  case.  A design  of  a 
vessel  resisting  external  pressure  is  governed  by  buckling  cri- 
teria; hence  the  ring-frame  design.  A saddle  ring  frame  approxi- 
mately mid-length  of  the  cone  adapts  the  descent  probe  and  intro- 
duces the  descent  probe  inertia  loads  into  the  aeroshell. 

The  descent  probe  is  retained  in  the  aeroshell,  before  separation, 
by  hold-down  straps  on  a clamp  ring.  One  end  of  the  straps  attach 
to  the  aeroshell  and  the  other  end  attach  to  a clamp  ring  encircl- 
ing the  descent  probe  cylinder.  Pyrotechnic  retaining  nuts  permit 
the  clamp  ring  to  separate  and  release  the  descent  probe  at  the 
appropriate  time. 

The  base  cover  consists  of  four  quadrants  that  join  together  to 
form  a complete  enclosure  during  planetary  entry.  These  quadrants 
are  stiffened  quarter  panels  dovetailing  into  the  adjacent  panels 
to  provide  partial  circumferential  structural  continuity.  They 
are  released  by  a pyrotechnic  retaining  nut  and  opened  by  four 
pyrotechnic  thrusters.  Hinges  are  provided  at  the  base  to  retain 
the  quadrants  until  they  are  nearly  open  and  then  release  the 
quadrants  permitting  them  to  tumble  away. 

The  service  module,  as  mentioned  earlier,  is  designed  of  fiberglass 
with  aluminum  ring  frame  reinforcement.  Springs  and  pyrotechnic 
nuts  provide  for  jettisoning  of  the  service  module. 


V-163 


a.  Parachute  Assembly  - A two-stage  descent  was  used  for  the 
nominal  Jupiter  probe  for  mission  requirements  of  descent  to  the 
30-bar  level.  For  the  two-stage  descent,  a disc.-gap-band  config- 
uration was  selected  for  the  main  parachute,  and  a flat  circular 
configuration  selected  for  the  secondary  parachute.  A ballistic 
coefficient  of  18.9  kg/m2  (0.12  slug/ft2)  is  used  for  initial 
descent,  and  a ballistic  coefficient  of  2.36  kg/m2  (1.5  slug/ft2) 
for  the  secondary  parachute.  For  a descent  probe  weight  of  43.8 
kg  (97.0  lbm) , the  corresponding  parachute  diameters  are  2.46 
meters  (7.5  ft)  and  0.45  meter  (1.0  ft),  respectively.  The  pro- 
portions of  the  disc-gap-band  parachute  selected  are: 

Disc  diameter  = 1.59  meters  (5.2  ft) 

Gap  width  = 0,088  meter  (0.29  ft) 

Bandwidth  - 0.265  meter  (0.85  ft). 

The  main  parachute  is  programmed  to  open  to  Mach  0.7  at  100  milli- 
bars of  pressure.  The  main  parachute  is  deployed  by  a mortar  us- 
ing a pyrotechnic  pressure  sourse  for  ejection.  It  is  stowed  before 
ejection  within  the  mortar  folded  to  a packaging  density  of  560 
kg/m3  (35  lbm/ft3).  The  secondary  parachute  is  deployed  when  the 
main  parachute  pulls  it  from  its  container.  No  mortar  is  used. 

a.  Head  Shield  - An  entry  ballistic  coefficient  of  100  kg/m2 
(0.65  slug/ft2)  has  been  selected  for  entry  of  the  nominal  Jupiter 
probe  into  the  Jovian  atmosphere.  This  coefficient,  combined  with 
a 20°  entry  angle  at  5°  latitude,  results  in  a planetary  decelera- 
tion producing  the  desired  conditions  for  staging  of  the  descent 
probe  from  the  heat  shield/aeroshell.  These  resulting  conditions 
at  staging  are  Mach  0.7  at  approximately  100  millibars  pressure 
altitude  (Ref  Fig.  V-90) . The  heat  shield  for  this  probe  uses 
a high  density  (ATJ)  graphite  ablator  material  having  an  intrin- 
sic heat  of  ablation  of  28  MJ/kg  (12,000  Btu/lbm).  Using  data 
from  Figures  V-35,  V-36  and  V-37,  the  mass  fraction  of  the  heat 
shield  including  a 2 cm  (0.79  in.)  carbonaceous  backface  insulator 
is  shown  to  be  0.317.  This  value  takes  into  account  a correction 
factor  of  0.88,  for  the  probe  diameter  of  0.94  meter  (37  in.), 
and  a latitude  correction  factor  of  1.01.  Thus,  the  resulting 
heat  shield  weight  is  29.71  kg  (65.50  lbm).  Of  the  weight,  23.14 
kg  (51.00  lbm)  is  lost  during  entry. 
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Figure  V-90  Relationship  of  Ballistic  Coefficient 
to  Pressure  Altitude  at  M « 0.7 

The  estimate  on  heating  for  the  base  cover  Is  based  on  a heating 
pulse  of  2%  of  the  nose  cone  heating.  For  a 20®  entry  angle,  the 
total  heating  pulse  is  of  the  order  of  18.4  MJ/m2  (1620  Btu/ft2), 

and  a heating  pulse  time  is  approximately  8 sec.  This  heating 

pulse  requires  3.2  kg/m2  (0.65  lbm/ft2)  of  ESA  5500M3  ablator  to 
protect  the  base  cover. 

e.  Mass  Properties  ~ The  tabulation  of  the  component  weights  of 

the  nominal  Jupiter  probe  is  shown  in  Table  V-27.  It  should  be 

noted  that  component  weights  are  grouped  in  categories  in  the 
table  to  arrive  at  a total  weight.  A 15%  contingency  factor  is 
applied  to  the  total  weight  including  growth.  The  weight  thus 
achieved  is  then  reduced  sequentially  in  the  remainder  of  the 
table  to  provide  weight  data  for  different  phases  during  entry 
and  descent . 

It  should  be  noted  that  in  calculating  the  weight  of  the  entry 
heat  shield,  the  15%  growth  factor  of  total  weight  is  first  ramovad, 
and  the  heat  shield  mass  fraction  is  multiplied  by  the  reduced 
number.  This  is  appropriate,  because  after  the  heat  shield  weight 
is  calculated,  a 15%  growth  factor  is  applied  to  the  beat  shield 
weight  in  the  total  vehicle  sum.  Thus,  the  15%  factor  is  not 
applied  twice  to  the  heat  shield. 
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Table  V-27  Nominal  Jupiter  Probe  Weight  Breakdown 


Weight 

KS 

Lb 

Science 

Temperature  Gauge 

0.45 

1.00 

Pressure  Transducer 

0.77 

1.70 

Accelerometer  Sensor 

0.59 

1.30 

Converter 

0.96 

2.10 

Neutral  Mass  Spectrometer  Analyzer 

2.27 

5.00 

Electronics 

2.72 

6.00 

Pump 

0.45 

1,00 

Ballast  Tank 

0.45 

8.66 

1.00 

19.10 

Power  & Power  Conditioning 

Power  Conditioner 

0.91 

2 .00 

Power  Distribution  Box 

0.45 

] .00 

Power  Filters 

0.68 

1.50 

Entry  Batteries 

2.09 

4.60 

Post-Separation  Batteries 

1.76 

5.91 

3.88 

12.98 

Cabling 

Inner  Probe 

2.95 

6.50 

External  Structure 

2.49 

5.44 

5.50 

12.00 

Data  Handling 

Data  Handling  System  & Memory  Banks 

2.13 

2.13 

4.70 

4.70 

Attitude  Control  System  (less  propellant 

Sun  Sensor 

1.59 

3.50 

Planet  Sensor 

0.91 

2.00 

ACS  System  & Tanks 

6.67 

14.70 

Nutation  Damper 

1.09 

2.40 

Accutron  Timer 

0.14 

0.30 

ACS  Electronics 

1.36 

11.76 

3.00 

25.90 

Communications 

Pre-Entry  Antenna 

0.45 

1.00 

Post-Entry  Antenna 

0.23 

0.50 

RF  Transmitter 

2.70 

6.00 

RF  Switch 

0.23 

3.61 

0.50 

8.00 

Pyrotechnic  Subsystem 

Pyro  Electronics 

0.91 

2.00 

Pyro  Capacitors  (Probe) 

0.27 

0.60 

Pyro  Capacitors  (External) 

0.57 

1.25 

Pyro  Relays  (Probe) 

0.77 

1.70 

Pyro  Relays  (External) 

2.22 

4.90 

Mercury- Zinc  Battery 

0.41 

0.90 

Pyro  Squibs 

0.71 

1.56 

Pyro  Thruster 

0.45 

6.31 

1.00 

13.91 
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Table  V-27  (aont) 


Weight 

& 

Lb 

Structures  and  Heat  Shields 

Descent  Probe  Structure 

5.31 

11.70 

Equipment  Support  Deck 

3.95 

Base  Cover 

4.31 

9.50 

Service  Module  Structures 

5.35 

11.80 

Aeroshell  (2  lb  for  payload  ring) 

9.30 

20.50 

Forward  Heat  Shield 

29.71 

65.50 

Aft  Heat  Shield 

2.18 

4.80 

Deflection  Motor  Support 

1.81 

4.0 

61.92 

136.5 

Mechanisms 

Separation  Spring  Cartridges 

1.22 

2.70 

Separation  Nuts 

0.77 

1.70 

Pin  Puller 

1.30 

Latchs  & Bands 

0.91 

2.00 

Main  Parachute 

3.72 

8.20 

Secondary  Parachute 

0.27 

7.71 

17.00 

Thermal 

External  Insulation  Blanket  (forward  heat  shield) 

1.77 

3.90 

External  Insulation  Blanket  (base  cover) 

2.27 

5.00 

Probe  Hull  Insulation  (internal) 

1.59 

3.50 

Isotope  Heaters 

1.81 

4.00 

7.44 

16.4 

Propulsion 

Deflection  Motor  Cases 

3.85 

8.50 

Deflection  Motor  Propellant 

10.66 

23.50 

ACS  Propellant 

1.50 

3.30 

16.01 

35.30 

Total 

136.92 

301.98 

152  Contingency 

20.54 

45.30 

157.46 

347.28 

Items  Deployed  for  Despun  Weight 

Deflection  Motor  Supports 

1.81 

4.00 

Separation  Spring  Cartridges 

0.41 

0.90 

Separation  Huts 

0.32 

0.70 

Motor  Cases 

3.85 

8.50 

Propellant 

12.16 

26.80 

18.55 

40.90 

152  Contingency 

2.77 

6.10 

(347*28  - 47.00  • 300.28  lb) 

21.32 

TTtt 

157.46  - 21.32  - 136.14  kg 

Table  V~27  (oonal) 
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Entry  Weight 

External  Cabling 
Sun  Sensor 
Planet  Sensor 

ACS  System  (including  tanks) 

Nutation  Damper 
Accutron  Timer 
Pyro  Capacitors 
Pyro  Relays 

Service  Module  Structure 

Separation  Spring  Cartridge 

Separation  Pin  Pullers 

External  Base  Cover  Insulation  Blanket 

Separation  Battery 

ACS  Electronics 

15%  Contingency 

(300.28  - 65.70  - 234.60  lb) 

136.14  - 29.80  - 106.34  kg 


Post  Entry  Weight 


Forward  Heat  Shield  Ablated 
Aft  Heat  Shield  Ablated 
Insulation  Blanket  (forward  HS) 
Pre-Entry  Antenna 

15%  Contingency 

(234.60  - 68.90  - 165.70  lb) 

106.34  - 31.25  - 75.09  kg 


Weight  on  Parachute  (Initial! 


Base  Cover  Quadrants 

Base  Cover  Heat  Shield  (not  ablated) 

Separation  Pin  Pullers 

Separation  Nuts 

Isotope  Heaters 

Pyro  Thrusters 

15%  Contingency 

(165.70  - 16.90  » 148.80  lb) 

75.09  - 7.67  - 67.42  kg 


Weight  on  Parachute  (Final) 


Pyro  Capacitors 
Pyro  Relays 
Pyro  Squibs 
Aeroshell 

Forward  Heat  Shield  (not  ablated) 
Spring  Cartridges 
Separation  Nuts 
Latchs  and  Band 
Isotope  Heaters 


15%  Contingency 

(148.80  - 51.80  - 97.00  lb) 

67.42  - 23.49  - 43.93  kg 


Pinal  Descent  Weight  on  Seconda 


The  moment  of  inertia  about  the  three  orthogonal  axes  of  the  probe 
have  been  computed.  For  the  nominal  Jupiter  probe,  the  moment  of 
inertia  values  are: 

I = 12.2  kg/m2  (9.0  slug/ft2)  (spin  a:;is) 
zz 

1 - 9.5  kg/m2  (7.0  slug/ft2) 

The  moment  of  inertia  about  the  spin  axis  is  used  for  attitude 

control  system  sizing.  The  ratio  of  1 A is  an  indicator  of 

zz/  XX 

probe  stability  about  the  spin  axis  and  preferably  should  be  a 
value  of  1.20  or  higher. 

9.  Propulsion  Subsystem 

The  propulsion  subsystem  for  the  nominal  Jupiter  probe  consists 
of  a spherical  solid-propellant  rocket  motor  to  provide  a mission 
deflection  delta  velocity,  and  a cold  gas  system  to  provide  the 
spin-design-precess  maneuvers  for  attitude  control.  This  combina- 
tion was  shown  in  the  parametric  studies  to  be  the  lightest  of 
the  candidate  systems,  provided  that  a fixed  total  impulse  for 
the  deflection  maneuvers  is  acceptable. 

a.  Deflection  Motor  System  - The  selected  solid  propellant  motor 
is  capable  of  being  stored  for  long  periods  of  time  at  temperatures 
of  256°K  to  322°K  (0°F  to  +120°F) . The  temperature  aboard  the 
spacecraft  during  the  long  period  of  cruise  has  nominally  been 
selected  at  291°K  (65°F) . The  preferred  operating  temperature  of, 
the  solid  propellant  motor  is  over  the  range  of  283°K  to  311°K 
(50°F  to  100°F) , and  both  storage  and  operating  temperature  are 
met  by  the  nominal  storage  temperature  aboard  the  spacecraft. 

A dual  nozzle  configuration  has  been  chosen  for  the  solid  propel- 
lant motor.  This  was  done  to  obviate  the  problem  of  impinging 
the  spacecraft  with  solid  particles  from  the  exhaust  of  the  probe 
rocket  motor.  The  configuration  of  the  motor  is  shown  in  Figure 
V-91.  It  has  two  nozzles  each  located  22%°  off  the  centerline 
of  the  motor  axis.  Each  nozzle,  in  turn,  is  a 15s  half-angle 
cone.  With  this  configuration,  the  solid  particulate  of  the  alu- 
minized propellant  will  be  discharged  in  a direction  that  does 
not  intercept  the  spacecraft.  With  a separation  velocity  from 
the  spacecraft  of  0.91  m/sec  (3  fps)  and  a coast  time  of  15  min 
before  igniting  the  deflection  motor,  the  probe  is  0.82  km  (2700 
ft)  from  the  spacecraft  at  Ignition.  This  distance,  plus  pointing 
of  the  rocket  engine  exahust  nozzles,  will  assure  that  the  space- 
craft is  undamaged  by  the  rocket  engine  exhaust. 
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Figure  V-$l 


Propellant 
Hass  Fraction 
Loaded  Weight 
Total  Impulse 
Thrust 


10.6  kg/23.5  lbm 
0.79 

14.5  kg/32.0  lbm 
30,000  N-sec/6740  lbf-sec 
1056  N/ nozzle  x 2 ■ 2120,  1950  N net  Thrust 
237  lb/nozzle  x 2 = 475,  439  lbf  net  Thrust 
(Including  Vectorial  Loss) 


Deflection  Froguleion  Motor 


The  functional  requirement  for  the  motor  are  for  the  motor  to 
provide  a deflection  delta  velocity  of  221  m/sec  (725  fps)  to  a 
probe  weighing  141  kg  (312  lbm)  not  including  the  weight  of  the 

motor.  Using  a theoretical  specific  impulse,  I * 287  sec, 

sp , 

which  is  achievable  with  this  type  of  motor,  the  necessary  weight 
of  propellant  to  provide  the  delta  velocity  is  9.8  (21.7  lbm). 
This  value  is  divided  by  a propellant  mass  fraction  of  0.79,  and 
a thrust  vectorial  loss  coefficient  of  0.924  (cos  22. 58)  for  the 
dual  nozzles  to  give  the  total  loaded  motor  weight  of  14.5  kg 
(32.0  lbm).  This  weight  also  includes  a weight  penalty,  above 
and  beyond  the  mass  fraction,  of  0.68  kg  (1.5  lbm)  to  account  for 
the  extra  nozzle.  This  weight  brings  the  probe  total  weight  up 
to  157  kg  (347  lbm) . The  motor  configuration  and  characteristics 
are  shown  in  Figure  V-91.  It  should  be  noted  that  for  a high 
performance  solid  propellant  rocket  motor,  the  total  impulse  of 
the  motor  is  fairly  constant  (within  0.75%)  over  the  normal  range 
of  usage  temperatures,  since  thrust  level  and  burning  time  vary 
in  opposite  directions  with  changes  in  motor  temperature.  The 
analysis  of- the  deflection  motor  is  shown  in  Appendix  M. 
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b.  Attitude  Control  System  - The  attitude  control  system  pro- 
vides for  spinning  the  probe  to  approximately  10.5  rad/sec  (100 
rpm)  to  stabilize  the  probe  attitude  while  firing  the  deflection 
delta  velocity  motor.  This  spin  rate  also  permits  precessing  the 
probe  from  attitude  required  for  the  deflection  delta  velocity 
to  a different  heading  for  planetary  entry.  For  the  nominal 
Jupiter  probe,  this  precession  angle  is  0.87  rad  (51°).  The  at- 
titude control  system  must  then  despin  the  probe  to  a rate  of 
approximately  0.52  rad/sec  (5  rpm)  for  entry  into  the  planetary 
atmosphere.  Finally,  the  attitude  control  system  must  impart  a 
delta  velocity  to  the  service  module  of  0.46  m/sec  (1.5  fps)  for 
jettisoning  of  the  module. 


A cold  gas  (dry  nitrogen)  system,  shown  in  Figure  V-92,  is  used 
for  the  attitude  control  of  the  probe.  This  system  gas  is  stored 
at  a pressure  of  approximately  23.5  x 106  N/m2  (3400  psi)  in  three 
spherical  bottles.  The  entire  system  is  contained  within  the 
service  module  of  the  probe.  The  system  is  placed  in  operation 
by  opening  the  pyrotechnic  valves  to  the  gas  storage  bottles . 

This  releases  the  stored  gas  through  a pressure  regulator  and 
through  a series  pair  of  normally  open  pyrotechnic  valves.  The 
gas  then  exits  through  a pair  of  spin  nozzles  on  opposite  sides 
of  the  probe  to  impart  the  desired  spin.  A timer  operates  the 
shut  off  of  the  gas  to  the  spin  nozzle  by  closing  the  normally 
open  pyrotechnic  valves. 


Despin 


Spin 

Despin 

Deflection 

Service  Module 
Attitude  Propuleion 

GM2 

Loaded  System 


10.47  red/ sec  (100  rpm) 
9.94  red/sec  (95  rpm) 

0.46  m/sec  (1.5  ft/sec) 

248.0  N/sec  (56.0  lbf-sec) 
1,48  kg  (3.27  Ibm) 

6.65  kg  (14,7  lbm) 


Deflection 
4.45  Newton 
(1.0  lbf) 


Spin 
4.*  N 
(1.0  lbf) 


© 

Pressure  Transducer 

0 

Filter 

X 

Solenoid  Valve 

$ 

NC  Pyrovalve 

Pressure  Regulator 

<l> 

NO  Pyrovalve 

Figure  V-92  Jupiter  Probe  Attitude  Control  System 
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To  precess  the  probe  through  its  attitude  precession  maneuver, 
the  single  precession  nozzle  is  pulsed  every  revolution  of  the 
probe  by  passing  nitrogen  gas  through  the  two  parallel-connected 
precession  valves.  The  timing  and  operation  of  the  precession 
valves  is  controlled  by  the  ACS  electronics,  which,  in  turn,  uses 
intelligence  from  the  Sun  and  planet  sensors  for  operation.  The 
precession  valves  are  solenoid  valves  capable  of  repeated  opera- 
tion. 

The  despin  maneuver  is  controlled  by  a pair  of  nozzles  located 
on  opposite  sides  of  the  probe  and  pointed  in  opposite  directions 
to  those  of  the  spin  nozzles.  The  gas  is  supplied  to  the  despin 
nozzles  through  a pair  of  solenoid  valves  connected  in  parallel. 

A timer  controls  the  despin  maneuver  by  closing  the  valves  to  shut 
off  the  system. 

The  service  module  deflection  maneuver  to  jettison  the  module  is 
accomplished  by  opening  a pair  of  parallel-connected  pyrotechnic 
valves  to  vent  the  remaining  nitrogen  gas  through  the  single  de- 
flection nozzle. 

The  pressure  regulator  is  used  in  the  system  to  provide  better 

control  of  the  spin-despin  and  precession  maneuvers.  A plain 

blowdown  system  without  the  regulator  could  have  been  used,  but 

this  would  have  made  the  system  more  sensitive  to  loss  of  gas  by 

leakage  over  the  long  time  period  of  the  cruise  phase  of  flight. 

The  I of  the  system  is  72  sec. 
sp 

The  component  weights  breakdown  of  the  system  follows: 


kg. 

lbm 

Fill  Valves  (1) 

0.113 

0.25 

Transducers  (2) 

0.226 

0.50 

Squib  Valves  (6) 

1.50 

Filters  (1) 

0.158 

0.35 

Regulators  (1) 

0.182 

0.40 

Solenoid  Valves 

(8) 

0.725 

1.60 

Thrusters,  1 lbf 

(4) 

0.362 

0.8 

Thruster,  0.1  lbf  (2) 

0.090 

0.2 

Lines 

0.724 

1.6 

TOTAL 

3.26 

7.20 
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Approximately  1.48  kg  (3.27  lb)  of  gas  is  provided  for  the  system 
and  the  gas  is  stored  in  three  spherical  bottles  weighing  a total 
of  1.93  kg  (4.25  lb);  thus,  the  total  system  weight  is  6.67  kg 
(14.72  Ibm) . The  analysis  of  the  ACS  system  is  shown  in  Appendix  F. 

10.  Thermal  Control  Subsystems 

Thermal  control  is  required  to  maintain  the  probe  equipment  within 
acceptable  temperature  limits  throughout  all  phases  of  the  outer 
planet  mission.  For  the  nominal  Jupiter  probe,  the  thermal  de- 
sign concept  consists  of  multilayer  insulation,  thermal  coatings, 
and  radioisotope  heaters  during  the  spacecraft  cruise  and  probe 
coast  phases.  For  the  entry  and  descent  portions  of  the  mission, 
the  probe  relies  on  sufficient  thermal  inertia  and  low  density 
foam  insulation  protection  internal  to  the  probe  shell.  An  inte- 
gral discussion  of  the  thermal  control  subsystem  design  has  been 
previously  presented  in  Section  A. 10. a.  of  this  chapter. 

The  pivotal  temperature  from  standpoint  of  thermal  design  is  the 
probe  temperature  at  the  end  of  the  mission  coast  phase.  For  the 
nominal  Jupiter  probe  (cool/dense  atmosphere),  the  primary  thermal 
problem  is  one  of  losing  too  much  thermal  energy  to  the  atmospheric 
environment  during  descent.  The  entry  temperature,  therefore, 
must  be  adequate  to  allow  sufficient  leeway  for  probe  cooling. 
Likewise,  however,  the  probe  equilibrium  temperature  during  the 
long  duration  spacecraft  cruise  must  be  safely  below  the  upper 
allowable  battery  storage  limits. 


A probe  thermal  analysis  was  performed  for  the  nominal  Jupiter 
probe  mission  defined.  The  basic  probe  configuration  consists 
of  a 94  cm  diameter  probe  design  with  a propulsion  system,  Sun 
and  planet  sensors,  and  an  attitude  control  system.  To  analyze 
the  probe's  thermal  performance,  two  finite-element  thermal  math 
models  were  constructed  for  the  descent  probe,  and  the  coast  probe 
and  probe/spacecraft  combination.  The  probe  thermal  models  have 
been  previously  discussed  (Sections  A.IO.d  and  A.IO.e  of  this 
chapter)  and  consist  of  16  nodes  and  23  conductors  for  the  coast 
probe  and  probe/spacecraft  combination,  and  18  nodes  and  28  con- 
ductors for  the  descent  probe.  On  the  basis  of  the  thermal  analy- 
sis performed,  a complete  thermal  history  of  the  nominal  Jupiter 
mission  has  been  constructed  and  is  presented  in  Figure  V-93. 
Determination  of  the  spacecraft  cruise  and  coast  temperatures  is 
based  on  the  radioisotope  heater  power  present  and  the  degree  of 
solar  energy  absorption  during  the  coast  phase.  The  probe  temper- 
atures represent  the  aggregate  internal  equipment,  which  includes 
the  service  module  during  cruise  and  coast,  and  the  RF  transmitter 
when  active.  The  RF  transmitter  is  shown  separate  from  the  probe 
internal  equipment  due  to  its  high  electrical  dissipation  and  re- 
latively small  mass. 
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The  results  presented  show  that  the  thermal  design  selected  is 
adequate  to  maintain  the  probe  temperatures  within  limits  under 
nominal  conditions.  Sufficient  probe  thermal  mass  is  present  dur- 
ing the  cruise  and  coast  phases  such  that  brief  excursions  of  the 
thermal  boundary  conditions,  such  as  midcourse  corrections  or 
motor  firings,  should  cause  only  minor  variations  in  probe  temper- 
ature. Trajectory  uncertainties  for  entry  are  only  seven  minutes 
for  the  nominal  Jupiter  mission  and  would  contribute  to  only  slight 
initial  descent  probe  temperature  uncertainty.  For  descent,  the 
worst-ca^e  model  atmosphere  encounter  was  considered  and  conserva- 
tive foam  insulation  properties  were  assumed.  The  biggest  uncer- 
tainties in  the  thermal  analysis  are  the  multilayer  insulation 
performance  and  the  coast  transient  response  of  the  internal 
equipment  inside  the  descent  capsule.  Temperature  changes  re- 
quired during  coast,  however,  were  designed  to  be  small  for  this 
mission  and  the  multilayer  insulation  therefore  is  the  most  criti- 
cal thermal  design  item. 

Since  the  radioisotope  heater  output  is  constant  and  cannot  be 
changed  during  the  mission,  the  multilayer  performance  will  have 
to  be  accurately  determined  by  thermal  tests  before  final  hardware 
design.  Likewise,  the  repeatability  and  possible  degradation  of 
the  probe  thermal  coatings  will  have  to  be  carefully  evaluated. 
Since  insulation  damage  by  meteroids  or  micrometeroids  would  be 
catastrophic,  an  environmental  cover  is  provided  during  space- 
craft cruise.  The  maximum  temperature  excursion  of  the  RF  trans- 
mitter predicted  is  18°K  which  will  occur  at  entry.  The  aero- 
dynamic entry  heating  is  brief  and  the  aeroshell  jettisoned  soon 
after  entry  protecting  the  descent  capsule. 


a.  Cruise  and  Coast  Thermal  Control  - Thermal  control  during  the 
spacecraft  cruise  and  the  probe  coast  phases  of  the  mission  is 
provided  by  multilayer  insulation,  thermal  coatings,  and  radioiso- 
tope heaters.  The  multilayer  insulation  fully  encapsulates  the 
probe  except  for  the  deflection  motor  throughout  cruise  and  coast. 
The  deflection  motor  is  equipped  with  its  own  thermal  blanket  and 
a thermostatically  controlled  electrical  resistance  heater  powered 
by  the  spacecraft.  Since  the  deflection  motor  is  fired  immediately 
after  spacecraft  separation,  the  motor  insulation  blanket  is  also 
mounted  to  the  spacecraft.  The  spacecraft  power  requirement  for 
the  deflection  motor  will  be  less  than  5 watts  provided  that  the 
heater  is  activated  in  sufficient  advance  of  spacecraft  separation 
(100  days) . Any  motor  temperature  in  the  desired  range  of  the 
probe  temperature  is  acceptable.  Since  a "burn  to  completion" 
solid  has  been  selected  for  the  deflection  maneuver,  the  tempera- 
ture selected  must  be  maintained  for  precise  performance. 
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The  multilayer  insulation  thickness  chosen  for  the  nominal  Jupiter 
probe  was  1.5  cm  or  approximately  70  layers  of  insulation.  The 
insulation  thickness  was  selected  to  achieve  a reasonable  com- 
promise between  heater  power  and  insulation  bulk.  The  thermal 
coatings  selected  were  chosen  to  allow  the  least  degree  of  temper- 
ature change  due  to  probe  solar  impingement  following  spacecraft 
separation.  For  the  nominal  Jupiter  probe,  thermal  coating  values 
of  a/e  ■ 0.25/0.25  were  selected  for  the  aft  section  (tail)  and 
a value  of  e * 0.80  was  chosen  for  the  forward  section  (nose). 

The  probe/solar  aspect  angle  is  considered  180°  with  solar  im- 
pingement directly  on  the  aft  section  of  the  probe  cross  section. 
The  solar  constant  at  near-Jupiter  was  assumed  54.3  watt/m2. 

Figure  V-94  presents  the  radioisotope  heater  power  required  to 
maintain  respective  probe  internal  temperatures  during  cruise 
and  coast.  Since  the  probe  temperature  must  be  below  300*K  during 
cruise  (upper  storage  battery  limit),  32  watts  of  radioisotope 
heater  power  wer?  selected  for  nominal  mission  thermal  control 
providing  a 8°K  margin.  The  correlation  of  heater  power  shows 
that  approximately  a 5°K  temperature  increase  can  be  expected 
following  spacecraft  separation.  Approximately  245  W/hr  of  elec- 
trical thermal  energy  are  dissipated  during  separation  that  will 
overshoot  the  probe  temperature  slightly  and  cause  probe  cooling 
during  early  coast.  In  either  case,  the  transient  effects  in  the 
9.5-day  coast  are  not  significant  because  of  the  small  temperature 
changes  predicted. 


Temperature,  *K 

Figure  V-94  Radioisotope  Beater  Sizing  Booed  on  V-177 

Probe  Thermal  Coating  Selection 


The  environment  cover  provided  during  spacecraft  cruise  is  pri- 
marily for  meteoroid  protection,  but  also  provides  a coating  func- 
tion for  possible  solar  impingement.  The  environmental  cover 
coating  desired  would  be  o/e  - 0.20/0.80  for  adequate  solar  rejec- 
tion and  minimum  blockage  of  probe  heat  rejection. 

b.  Entry  and  Descent  Thermal  History  - The  complete  nominal  Jupi- 
ter probe  thermal  history  presented  in  Figure  V-93  emphasizes  the 
entry  and  descent  thermal  profile.  Following  launch,  the  probe 
is  basically  in  thermal  equilibrium  and  steady-state  conditions 
throughout  cruise  and  coast.  Initiated  with  pre-entry  probe  ac- 
tivation and  checkout,  the  transient  stages  of  the  mission  begin. 

The  time  between  activation  and  entry  is  important  since  the  probe 
is  slowly  heating  because  of  internal  electrical  heat  dissipation, 
and  the  RF  transmitter  is  storing  excessive  thermal  energy  because  of 
its  standby  status.  At  entry,  however,  the  probe  begins  the  at- 
mosphere descent  portion  of  the  mission  and  the  rapid  heat  losses 
to  the  environment  become  prodominant.  The  transmitter  reaches 
its  maximum  temperature  at  entry  as  does  the  internal  probe  equip- 
ment . 

The  power  profile  used  for  the  nominal  Jupiter  mission  thermal 
analysis  is  presented  in  Figure  V-95.  This  power  profile  does 
not  reflect  the  increase  in  transmitter  efficiency  which  was  in- 
corporated for  subsequent  analyses.  The  power  profile  presented 
includes  80  W of  electrical  dc  power  supplied  to  the  transmitter 
only  20  W of  which  is  radiated  as  RF  power  (23%  efficiency) . Total 
thermal  energy  dissipation  during  pre-entry  actication  and  check- 
out is  53.9  W/hr  and  during  descent  50.4  W-hr. 

The  ballistic  coefficients  chosen  for  the  science  return  descent 
were  0.12  slug/ft2  down  to  10  bars  pressure  with  staging  to  a 1.50 
slug/ft2  ballistic  coefficient  for  the  remaining  descent  to  30  bars 
pressure.  The  probe  thermal  history  shown  in  Figure  V-93  presents 
the  descent  probe  temperature  response  versus  depth  of  descent 
pressure.  The  total  descent  elapse  time  is  approximately  33  minutes. 
Figure  V-96  presents  the  descent  atmosphere  temperature  and  pres- 
sure profiles  based  on  the  above  coefficients.  At  10  bars  the 
mission  is  within  7 min  of  completion. 
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Figure  V-96  Nominal  Jupiter  Mission,  Descent 
Temperature  and  Pressure  Profiles 
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The  probe  temperature  margins  predicted  on  the  basis  of  probe 
thermal  analysis  for  the  nominal  Jupiter  mission  follow: 


Temperature  Margin 
Above  Equipment  Lover  Limit 
Below  Equipment  Upper  Limit 
Below  Transmitter  Upper  Limit 


Spacecraft  Probe 

Entry- 

Cruise 

Coast 

Descent 

Phase,  °K 

Phase,  ®K 

Phase, 

42 

22 

55 

8 

23 

17 

NA 

28 

22 

c.  Alternative  Thermal  Control  - The  probe  thermal  history  indi- 
cates that  two  possible  areas  of  concern  exist  from  a standpoint 
of  adequate  thermal  control.  The  probe  equilibrium  temperature 
during  coast  must  be  maintained  close  to  the  battery  upper  storage 
limit  (-8#K  margin)  to  eliminate  significant  probe  temperature 
changes  during  coast  and  establish  sufficient  leeway  for  the 
minimum  probe  temperature  experienced  during  descent  (+5VK  margin). 
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To  improve  coast  thermal  control,  selection  of  probe  thermal  coat- 
ings with  a higher  a/e  radio  would  be  recommended  to  increase  the 
probe  equilibrium  temperature  between  cruise  and  coast  and  thereby 
allow  lower  cruise  temperatures  and  increased  temperature  margin. 
Since  probe  coast  temperature  transients  are  undesirable  for  this 
mission,  spacecraft  heater  power  would  be  required  to  rai«*  the 
internal  probe  temperature  to  the  coast  equilibrium  before  separa- 
tion. 

For  improved  descent  thermal  design,  the  entry  temperature  can 
be  increased  as  discussed  above,  but  improvement  in  probe  isola- 
tion during  descent  appears  more  favorable.  The  batteries  them- 
selves could  be  isolated  with  standoffs  and  insulation,  although 
this  is  not  recommended  because  of  the  high  entry  decelerations 
and  possible  violent  battery  reactions.  Other  alternatives  would 
be  the  nitrogen  gas  environmental  control  approach  discussed  in 
Sectic  i A.IO.b  of  this  chapter,  or  the  use  of  improved  Iruulatlons 
or  filler  materials  to  decrease  the  internal  free  convection.  Of 
the  possible  thermal  control  alternatives,  the  N2  gas  system  appears 
to  have  the  most  advantages  and  the  best  reliability  for  minimum 
weight.  This  approach  essentially  seals  the  probe  for  the  first 
few  bars  of  descent  and  eliminates  the  high  heat  losses  experienced 
during  those  times. 

11.  Probe  to  Spacecraft  Integration 

The  integration  of  the  planetary  probe  with  a carrier  spacecraft 
was  performed  using  a Martin  Marietta  modified  outer  planet  space- 
craft (MOPS)  as  the  carrier.  The  configuration  of  the  spacecraft 
with  the  nominal  Jupiter  probe  attached  is  shown  in  Figure  V-97. 

The  probe  is  mounted  on  the  aft  end  (for  launch)  of  the  spacecraft, 
with  the  probe  heat  shield  pointed  away  from  the  spacecraft,  pro- 
viding the  proper  probe  orientation  with  respect  fo  the  spacecraft 
for  later  separation.  The  figure  also  shows  the  functional  inter- 
faces for  the  various  phases  of  the  mission.  Further  discussion 
of  the  interfaces  as  well  as  a description  of  the  spacecraft  follows. 

a.  Spacecraft  Description  - The  MOPS  (Modified  Outer  Planet  Space- 
craft) is  a hex-bodied,  3-axis-stabilized  vehicle  with  a JS-77 
mission  dry  weight  of  1241.4  lb.  For  the  Jupiter  dedicated  mis- 
sions, the  dry  weight  was  reduced  to  329  lb.  The  center  of  the 
hexagon  is  hollow  and  serves  as  a cradle  for  the  probe.  The  pro- 
pulsion system  is  powered  with  monopropellant  hydrazine  that  is 
used  by  both  the  ACS  and  the  TCS.  A fixed  12-ft  diameter  high 
gain  antenna  provides  the  coammication  link  with  Earth  end  a 
smaller,  gimbaled  antenna  tracks  the  probe.  Electrical  power  is 
provided  by  three  multi hundred-watt  RTGs.  The  baseline  payload 
consists  of  130  lb  of  scientific  experiments  mounted  on  extendable 
booms  and  a two-axis  scan  platform.  The  MOPS  is  launched  on  a Titan 
IIIE/Centaur/Burner  II  vehicle  encased  in  a standard  Viking  around. 
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Spacecraft  Mod  (MMC  MOPS):  54  lb 
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Figure  V-97  MOPS  Spacecraft/Jupiter  Probe  Integration 


b.  Structure  and  Mechanical  - The  probe  is  attached  to  the  space- 
craft through  a mechanical  release  joint  incorporating  a matched 
set  of  separation  springs.  The  probe  is  held  in  place  by  means 
of  attachments  incorporating  explosive  nuts  for  release.  Separa- 
tion is  accomplished  by  firing  the  pyrotechnic  nuts,  allowing  the 
probe  and  spacecraft  to  be  pushed  apart.  A delta  velocity  at 
separation  of  0.915  m/sec  (3.0  fps)  provided  by  the  springs  allows 
a satisfactory  separation  velocity  without  excessive  angular  tip- 
off  rates  (actual  experience  with  the  Vela  satellite  indicates 
that  tipoff  rates  less  than  0.0087  rad/sec  (0.5  deg/sec)  can  be 
achieved  uses  spring  separation  systems.)  It  can  be  shown  that 
the  energy  to  provide  a separation  velocity  of  0.915  m/sec  (3.0 
fps)  for  a 155  kg  (344  lbm)  probe  from  a 498  kg  (1100  lbm)  space- 
craft is  approximately  50.6  N/m  (37  ft/lb)  (Reference  Appendix  Q) . 
This  level  of  energy  is  achievable  by  three  springs  weighing  0.089 
kg  (0.197  lbm)  each. 


Probe  Pre-Separation  Checkout  — The  pre— separation  checkout 
period  should  be  initiated  sufficiently  before  separation  to  allow 
at  least  two  opportunities  for  ground  command.  This  will  require 
approximately  six  hours  at  Jupiter  range.  During  this  period, 
all  subsystems  will  be  activated  in  sequence  and  interrogated  as 
to  decode  and  implement  spacecraft  commands  and  return  the  diag- 
nostic data.  Since  each  subsystem  will  be  activated  for  short 
periods,  the  spacecraft  power  required  for  the  DHS.  Peak  power 
requirements  are  determined  by  DHS  power  and  the  maximum  power 
of  th?.  individual  probe  subsystem.  If  the  spacecraft  is  peak 
power  limited,  the  probe  subsystem  may  have  to  be  operated  in  a 
degraded  mode.  In  addition  to  the  above,  the  probe  may  require 
up  to  5 W to  heat  the  deflection  motor.  The  probe  post— separation 
battery  is  not  activated  until  about  one  minute  before  separation. 
Two  critical  timing  events  occur  during  this  period.  The  Accutron 
timer,  which  has  a fixed  response  period,  must  be  started  at  a 
time  consistent  with  the  predicted  entry  time.  The  timing  interval 
is  established  before  launch  and  cannot  be  reprogrammed  during 
flight.  The  post— separation  sequence  is  controlled  by  timing  cir- 
cuits in  the  DHS  or  ACS.  The  time  for  the  post— separation  events 
is  critically  related  to  the  separation  period  (i.e.,  spinup  must 
occur  at  S + 0.5  sec).  Post-separation  probe  battery  activation 
and  the  separation  pyrotechnic  events  are  spacecraft  functions. 

The  estimated  average  and  peak  power  required  from  the  spacecraft 
during  pre-separation  checkout  are  8.0  W and  30  W,  respectively. 


d.  Relay  Link  - The  mission  profile  specifies  three  communication 

periods  for  the  nominal  probe  mission:  (1)  a brief  period  at  the 

end  of  the  post-separation  activity  to  provide  data  on  the  status 
of  the  probe,  (2)  a low  data  rate  communication  period  before 
entry.  During  the  pre-entry  period  probe  data  is  tranmitted  on 
probe  and  scientific  instrument  status  that  may  be  useful  in  the 
ultimate  reduction  of  the  descent  data,  (3)  descent  data  tranmis- 
sion  of  scientific  data. 

The  post-separation  communication  has  not  been  evaluated  in  depth. 

It  has  been  included  in  the  mission  profile  as  a desirable  option 
which  enables  the  evaluation  of  the  probe/ spacecraft  link  under 
favorable  conditions. 

The  communications  range  will  be  small  (55  km)  and  space  loss  will 
be  decreased  approximately  45  dB  over  the  entry  communications 
range.  The  spacecraft  will  exercise  the  frequency  acquisition 
and  tracking  functions,  check  probe  frequency  (Doppler  shift  % 100 
Hz , Doppler  rate  0) , read  and  record  noise  levels  in  the  receiving 
system  for  later  comparison  with  measurements  in  the  vicinity  of 
Jupiter . 

e.  Pre-Entry  Relay  Link.  - The  spacecraft  essentially  repeats  the 
procedures  mentioned  above.  (1)  calibrate  spacecraft  receiving 
system  noise,  establish  threshold  levels;  (2)  initiate  search  mode, 
(3)  start  recording  when  search  logic  indicates  probe  has  been 
detected. 

The  post-separation  activity  and  the  pre-entry  communication  activ- 
ity will  both  be  performed  on  the  basis  of  a timed  sequence  and 
programs  stored  on  the  spacecraft.  Since  the  post-separation  and 
pre-entry  communications  is  linear  rather  than  cricularly  polarized, 
it  may  be  necessary  to  provide  logic  to  receive  only  one  polariza- 
tion during  the  pre-entry  period.  Receiving  both  polarizations 
under  these  conditions  would  entail  a 3 dB  loss.  Switching  to  the 
descent  (circularly  polarized  moae)  may  be  made  on  a time  basis, 
receiver  detection  logic,  or  evaluation  of  Doppler  and  Doppler 
rates.  A timed  command  for  descent  mode  reception  should  override 
any  logic  to  ensure  that  the  critical  descent  data  is  not  compro- 
mised. 

/.  Descent  Cormunicatians  - The  previously  described  procedure 
is  repeated  in  the  circularly  polarized  reception  mode.  The  de- 
tails of  the  receiver  acquisition  and  tracking  electronics  may  be 
found  in  Volume  III,  Appendix  C.  Antennp  configurations  are  dis- 
cussed in  Appendix  D. 
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g . Data  - The  data  interface  occurs  at  the  output  of  the  receiver 
demodulator  and  the  frequency  tracking  loop.  The  latter  provides 
tracking  loop  stress  data  to  assist  in  the  scientific  data  reduc- 
tion. If  the  data  is  to  be  stored,  as  appears  likely,  a tape  re- 
corder should  be  provided.  A probe  mission  dedicated  tape  recorder 
would  be  of  the  nair  filled"  type  25  lb,  25  W) . In  the  1975- 
1977  time  period,  a lighter  unit  should  be  available  (i.e.,  15  lb, 
15  W)  with  good  reliability. 

h.  Thermal  Control  - For  thermal  control,  the  spacecraft  provides 
an  environmental  cover  to  protect  the  probe  from  meteoroid  damage. 
In  addition,  it  provides  a low  a/e  thermal  coating  to  minimize 
probe  heating  during  spacecraft  maneuvers  when  direct  solar  im- 
pingement is  possible.  Since  the  deflection  delta  velocity  motor 
on  the  probe  is  external  to  the  probe  primary  multilayer  insula- 
tion blanket,  the  spacecraft  will  be  required  to  provide  an  elec- 
trical resistance  heater  and  a multilayer  insulation  blanket  to 
surround  the  motor.  The  blanket  should  be  mounted  to  a light- 
weight fiberglass  frame  and  would  remain  with  the  spacecraft  on 
probe  separation.  The  resistance  heater  for  the  deflection  motor 
would  require  approximately  5 W peak  power  from  the  spacecraft  and 
would  be  thermostatically  controlled. 

i . Mass  Properties  - The  weights  data  for  the  MOPS  spacecraft 
and  the  nominal  Jupiter  probe  is  shown  in  TAble  V-28. 
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Table  V-28  MOPS  Spacecraft/ Nominal  Jupiter  Probe  Weight 

breakdown 


Weight 

Description 

kg 

lbm 

Structural  Subsystems 

95.7 

211.3 

Telecommunications  Subsystems 

39.4 

87.4 

Power  Subsystems 

123.6 

273.5 

Attitude  & Articulation  Control 

35.4 

78.0 

Propulsion  & Pyrotechnics 

25.3 

55.9 

Control  Computer,  Command  & Timing 

31.2 

69.0 

Measurement  Processor 

9.1 

20.0 

Data  Storage 

9.1 

20.0 

Control  & Condioning  Logic 

6.3 

14.0 

Radiation  Shielding 

0 

0 

Science  Payload 

0 

0 

Spacecraft  Dry  Weight 

375.6 

829.1 

Spacecraft  Adapter 

17.1 

37.8 

Spacecraft  Contingency  (15%) 

58.9 

130.0 

Navigation  Propellant 

13.3 

29,4 

APS  Propellant 

3.6 

8.0 

Probe 

157.5 

347.3 

Probe  Support  Systems 

4.0 

8.9 

Probe  Radio  Relay 

10.8 

23.9 

Probe  Support  System  & Radio  Relay 
Contingency 

2.2 

4.9 

Launch  V >ight 


643.1 


1419.3 


PROBE-DEDICATED  ALTERNATE  JUPITER  PROBE  SYSTEM  DEFINITION 


The  constraints  for  this  alternative  Jupiter  probe  were  the  result 
of  the  Jupiter  parametrics  discussed  in  Section  A.  In  general, 
this  configuration  was  intended  to  optimize  the  probe  by  reducing 
its  complexity  and  the  radiation  field  that  it  would  encounter. 

The  general  constraints  follow. 


Mission 

Entry  Angle 

Entry  Latitude 

Depth  of  Descent  and 
Atmosphere 

Science 

Spacecraft 

Carrier  Mode 

Periapsis  Radius 

Communication  Mode 

Deflection  Mode 

Ejection  Radius 

Entry  Ballistic  Coeficient 

Descent  Ballistic  Coeficient 


Type  I in  1979 

-15°  (structures  designed  to  -20°) 
30° 

13  bars  in  cool/dense  atmosphere 
7.5  bars  in  nominal  atmosphere 

SAG  exploratory  payload  (PAET) 

Mariner  family 

Flyby 

2Rj 

Relay 

Spacecraft 

30  x 106  km 

102  kg/m2  (0.65  slug/ft2) 

14.1  kg/m2  (0i09  slug/ft2) 


Science  Instrumentation  and  Performance 


The  instruments  for  the  Jupiter  alternative  probe  missions  were 
to  be  selected  from  a consideration  of  the  PAET  vehicle,  Viking, 
and  discussions  in  the  previous  study.  From  these  sources.  Table 
V-29  presents  the  instruments  and  their  characteristics.  The 
temperature  gage  and  accelerometer  triad  system  are  basically  the 
same  for  Viking  and  PAET;  thus  no  change  is  shown  here  from  the 
nominal  design.  However,  the  PAET  pressure  transducers,  which 
were  selected  were  significantly  smaller  in  size  and  slightly 
lighter  in  weight.  The  mass  spectrometer  on  PAET  used  a quadru- 
pole  analyzer,  which  for  a limited  range  of  1-40  amu,  appears  to 
allow  packaging  in  a smaller  volume  and  has  a lighter  weight  than 
the  magnetic  sector  instrument.  The  porous  leak  inlet  system  is 
the  same  as  for  the  nominal;  however,  since  the  design  pressure 
level  is  only  13  bars,  a ballast  volume  of  only  0.5  liter  is  re- 
quired. Further  instrument  details  are  given  in  Chapter  111, 
Section  C. 
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Table  V-29  Alternative  Instrument  Characteristics 


Instrument  and  Component 

Weight,  lb 

Power,  watts 

Volume f in,3 

Temperature  Gage 

1.0 

1.4 

26 

(Including  Deployment  Mechanism) 

Pressure  Transducers  (2) 

1.5 

1.3 

15 

Accelerometer  System 

2.8 

Triad  Sensor 

1.3 

16 

Pulse  Rate  Convertor 

2.0 

40 

Neutral  Mass  Spectrometer 

14.0 

Analyzer  (3  in.  diameter  8 iu. 

long) 

4.0 

57 

Electronics  (5x6x7  in.) 

6.0 

210 

Fump  (3x3x3  in.) 

1.0 

27 

Plumbing  and  Ballast  Tank 

(0.5  liter) 

1.0 

30 

Totals 

17,8 

19.5 

421 

I 

(8.08  kg) 

(68,950  cm3) 

Table  V-30  Alternative  Jupiter  Probe- Dedicated  Instrument  Sampling  Times 
and  Data  Rates 


Phase 

Instrument 

Sampling 
Times  lsec) 

Collection  Transmission 

Bit-  Rflfe  {bns)  Bit*  Rate  Shns) 

Entry 

(44 

sec) 

Accelerometers 

Longitudinal 

0.1 

100 

0 

Lateral 

0.2 

50 

0 

Descent 

(2130 

Lateral 

0.2 

50 

0 

sec) 

Temperature 

3.5 

2.9 

3.0 

Pressure 

3.5 

2.9 

3.0 

Mass  Spectrometer 
Accelerometers 

40.0 

10.0 

10.5 

Turbulence 

10 

6.0 

6.3 

Stored  (Entry) 

0 

Englneei 

0 

Science  Total 
ring  & Formatting 
Total 

4.4 

27.2 

3.2  2 

30.4 
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The  alternative  Jupiter  probe  analysis  considered  both  the  cool/ 
dense  and  the  nominal  model  atmospheres.  The  probe  is,  therefore, 
designed  for  worst-case  atmosphere  conditions.  It  was  stated  in 
Section  A.l  of  this  chapter  that  selection  of  a ballistic  coeffi- 
cient and  instrument  sampling  times  for  the  nominal  atmosphere 
would  guarantee  satisfaction  of  the  criteria  in  the  cool/dense 
despite  having  to  descend  to  higher  pressures.  Thus,  the  worst- 
case  design  is  the  nominal  parameters  descending  into  tne  cool/ 
dense  atmosphere.  The  values  for  the  parameters  arei 

Design  pressure  limit  = 13  bars  (C/D) 

Main  parachute  ballistic  coefficient  * 0.09  slug/ft2  (14.13  kg/m2) 

Parachute  deployment  pressure  * 92  millibars  (C/D) 

or  * 86  millibars  (nominal) 

Pressure  at  first  measurement  • 111  millibars  (C/D) 

or  ■ 96  millibars  (nominal) 

No  secondary  parachute  necessary 

Total  mission  time  from  entry  * 36  min,  14  sec, 

The  entry  and  descent  times,  instrument  sampling  times,  and  re- 
sulting bit  rates  are  shown  in  Table  V-30.  The  collection  bit 
rate  is  the  rate  at  which  the  instrument  actually  collects  the 
data.  The  transmisjion  bit  rate  is  slightly  higher  to  allow  for 
interleaving  of  datasstored  during  acquisition  with  the  real  time 
data  for  telemetry,  The  pressure  descent  profile  is  given  in 
Figure  V-6  using  the  appropriate  ballistic  coefficient.  In  addi- 
tion, the  radius  and  velocity  descent,  histories  are  given  in  Fig., 
ure  V-98  for  descent  into  the  cool/dense  atmosphere  and  in  Figure 
V-99  for  descent  into  the  nominal  atmosphere. 

In  Table  V-31  the  mission  measurement  performance  is  given  for 
descent  profiles  using  the  selected  parameters  into  both  atmo- 
spheres. The  descent  parameters  have  been  chosen  so  as  to  equal- 
ize the  performance  with  the  criteria  for  the  nominal  atmosphere 
for  each  instrument,  as  shown  by  the  bold  faced  type,  except  for 
the  pressure  transducers.  They  have  an  overriding  requirement  to 
sample  simultaneously  with  the  temperature  gage.  In  the  cool/ 
dense  atmosphere,  the  performance  in  all  cases  exceeds  the  criteria. 
Note  that  the  mass  spectrometer  makes  6.0  measurements  in  the  H20 
cloud  as  specified  by  the  model;  however,  only  the  last  2 measure- 
ments are  taken  in  an  area  where  the  cloud  density  is  at  least 
1 mg/£.  Ranges  are  given  for  those  performance  numbers  that  vary 
during  descent,  the  higher  values  taken  at  end  of  mission  where 
the  probe  has  its  lowest  velocity. 
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Figure  V-99  Time  and  Velocity  Versus  Descent  Radius  (Nominal  Atmosphere) 


Mission  Definition 


The  probe-dedicated  alternative  mission  is  shown  in  Figure  V-10Q 
and  detailed  in  Table  V-32.  Important  mission  design  results  are 
summarized  in  this  section. 

a.  Intel-planetary  Trajectory  Selection  - The  interplanetary  tra- 
jectory is  pictured  in  Figure  V-100(a)  with  100-day  intervals 
noted.  The  launch  data  of  November  7,  1979  and  arrival  date  of 
September  17,  1981  (trip  time  of  680  da>s)  result  in  a maximization 
of  the  payload  weight  as  discussed  in  Chapter  IV,  Section  A.  As 
indicated  in  the  figure,  the  spacecraft  arrives  at  Jupiter  shortly 
before  the  view  to  Jupiter  is  obstructed  by  the  Sun. 

b.  Launch  Analysis  - The  launch  analysis  is  provided  in  Figure 
V-100(b),  Available  payload  is  plotted  against  launch  { urlod  for 
three  sets  of  launch  behicle  performance  data)  standard  data  for 
the  Titan  5 Segment  vehicle,  with  and  without  Burner  II,  plus  up- 
dated data  for  the  Burner  II.  For  reference,  the  payload  weight 
(probe,  spacecraft,  spacecraft  modifications,  and  spacecraft- 
launch  vehicle  adaptor)  ‘~i  about  1000  lb  for  a Pioneer  mission 
and  1500  lb  for  a Mariner  mission.  Thus,  the  Burner  II  option 

is  necessary  for  a Mariner  type  mission. to  obtain  a 20  day  launch 
period.  The  nominal  launch  window  and  parking  orbit  coast  time 
are  satisfactory, 

c.  Approach  Trajectories  - The  probe  trajectory  for  this  mission 
was  constrained  to  enter  at  an  entry  angle  of  -15°  and  an  entry 
latitude  of  30s.  To  satisfy  this  requirement,  the  probe  trajec- 
tory must  be  inclined  b0°  to  Jupiter’s  orbital  plane.  To  estab- 
lish an  effective  communication  link,  the  spacecraft  was  deflected 
for  a 55°  inclination.  The  probe  was  released  on  the  lower  in- 
clination trajectory  so  that  during  descent  it  would  rotate  through 
the  trace  of  the  spacecraft  trajectory.  The  resulting  trajectories 
are  pictured  in  Figure  V-100(d)  and  summarized  in  Tables  V-32 (a) 
and  V-32(b) . 

d.  Deflection  Maneuver  - A spacecraft  deflection  maneuver  was 
performed  at  30  million  km  and  34.5  days  frc-o  the  planet.  The 
AV  required  was  71  m/sec.  The  implementation  sequence  is  illus- 
trated in  Figure  V-100(c).  The  spacecraft  rotates  49*  off  Earth- 
lock  to  release  the  probe.  It  then  rotates  45*  further  and  fires 
a AV  of  71  m/sec  to  achieve  its  denired  flyby  radius  and  communi- 
cation geometry. 
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Table  V~32  Alternative  Jupiter  Probe  - Dedicated  Mission  Summary 
a.  Conic  Trajectory  Data 


Interplanetary  Trajectory 


Launch  Date:  11/7/79 
Arrival  Date:  9/17/81 
Flight  Time;  680  days 
Central  Angle:  155° 


Launch  Trajectory 


Nominal  C3 : 93.6  km2/sec2 

Nominal  DLA:  30.5° 

Launch  Window:  1.17  hr 

Parking  Orbit  Coast:  36  min 

C3  (10  day):  97.5  km2/sec2 

C3  (20  day):  105  km2/sec2 

Azimuth  Range:  101.7°  - 115° 


Arrival  Trajectory 


8.474  km/sec 
161 . 3* 

6.81° 

145.2° 

141.4° 

2 R, 


>.  Deflection  Maneuver  and  Probe  Conic 


Deflection  Maneuver 

Deflection  Mode:  Spacecraft 

Deflection  Radius:  ' 30  x 106  km 
Coast  Time:  34.5  days 

AV:  71  m/sec 

Application  Angle:  108.6° 

Out-of-Plane  Angle:  5.0° 

Rotation  for  Probe  Release:  +47.6° 

Probe  Reorientation  Angle:  NA 

Spacecraft  AV  from  Earth:  +93.5° 


Probe  Conic  Definition 


Entry  Angle:  -15° 

Entry  Latitude:  30.6° 

Entry  Longitude:  109.9° 

Lead  Time:  35.2  min 

Lead  Angle:  -12.0° 

Probe-Spacecraft  Range  (Entry):  88,287  km 

Probe  Aspect  Angle  (Entry):  50.6° 

Probe  Aspect  Angle  (Descent):  22.7° 

Probe  Aspect  Angle  (E0M) : 28.1° 


c.  Dispersion  Analysis  Summary 


Naviation  Uncertainties 

Execution  Errors  (3o) 

Type:  R,R/67  day  arc 

SMAA:  1576  km 

SMI A:  224  km 

8;  86° 

T0F:  122  sec 

AV  Proportionality:  IX 

AV  Pointing:  2° 

Probe  Orientation  Pointing:  2° 

Dispersions  (3a) 


Entry  Angle:  1.4° 

Angle  cf  Attack:  2.5° 

Down  Range:  3.0° 

Cross  Range:  0.1° 

Lead  Angle:  8.2° 

Lead  Time:  100  min 

Entry  Time:  5.72  min 


d.  Entry  and  Descent  Trajectory  Summary 


Critical  Events  | 

Altitudes 

Entry  Parameters 

Descent  Parameters 

Time  from  Entry 

above  1 atm 

Entry  Velocity,  km/sec:  60 

Descent  Atmosphere: 

g • 0.1,  sec:  8.5s 

km: 

189 

Entry  Altitude,  km:  304.6 

Cool/Dense/Nominal 

Max  g,  sec:  18.0 

km: 

66.8 

Entry  B,  slug/ft2:  0.65 

EOM  Pressure,  bar:  13 

M - 0.7,  sec:  44.0 

km: 

33.4 

kg/m2:  102.1 

Descent  B, 

slug/ft2:  0.09 

Descent  Time,  min: 

Entry  Atmosphere: 

35.6 

Cool/ Dense 

Max  Deceleration,  g:  1650 

Max  Dynamic  Pressure, 

kg/m2:  14.13 

EOM,  min:  36.1 

km: 

-57.5 

lb/ft2:  2.3  x 10** 

kg/m2:  1.1  x 106 
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e.  Dispersion  Analysis  - The  navigation  uncertainties  are  slightly 
larger  in  this  mission  than  the  previous  mission  because  the  de- 
flection radius  is  slightly  increased.  Navigation  uncertainties 
still  have  only  a minor  contribution  to  the  final  dispersions  com- 
pared to  the  execution  errors.  The  entry  parameter  dispersions 
are  provided  in  Table  V-32(C).  These  dispersions  are  based  on 

the  spacecraft  deflection  mode.  For  comparison,  a probe  deflection 
mode  dispersion  analysis  was  made  for  the  identical  conditions  and 
resulted  in  dispersions  (3o)  of  entry  angle  1.9°,  angle  of  attack 
2.8°,  downrange  4.0°,  crossrange  0.7°,  lead  angle  7.0°,  lead  time 
10.0  min,  and  entry  time  11.9  min.  The  communication  parameter 
dispersions  are  given  in  Subsection  VC. 4. 

f.  Entry  and  Descent  - The  entry  latitude  for  the  probe-dedicated 
mission  is  30°  whereas  the  nominal  mission  has  an  equatorial  entry. 
The  effect  of  entering  at  a 30°  latitude  is  to  increase  the  g- 
loading  as  well  as  the  dynamic  pressure  by  approximately  10%,  All 
other  critical  parameters  remain  unchanged  from  the  nominal  mis- 
sion. The  nominal  entry  angle  (chosen  from  science  considerations) 
is  -15°;  however,  to  accommodate  dispersions  (3o  s?  5°)  a value  of 
-20°  is  used  to  determine  structural  loads.  The  descent  parame- 
ters are  chose  from  a combination  of  the  cool/dense  and  nominal 
environments.  The  worst-case  design  results  when  the  ballistic 
coefficient  is  based  upon  the  nominal  atmosphere  and  the  resulting 
times  and  pressures  determined  from  the  cool/dense  model,  A 
summary  of  the  entry  and  descent  parameters  is  given  in  Table 
V-32(d). 

3.  System  Integration 

a.  Functional  Sequence  - Table  V-33  shows  the  sequence  of  events 
for  this  probe  system.  Compared  to  the  other  probe  definitions 
throughout  this  volume,  this  probe  is  less  complex  because  it  is 
not  required  to  provide  a AV  and  the  attitude  control  subsystem 
is  very  simple.  The  probe  separation  activities  occupy  such  a 
short  time,  i.e.  four  minutes,  that  engineering  data  are  not  col- 
lected and  transmitted  during  this  period.  Other  probe  phases 
are  similar  to  that  described  in  Section  B,3. 

b.  Functional  Block  Diagram  - The  functional  interfaces  of  this 
probe  are  similar  to  those  shown  in  Figure  V-76  except  that  the 
propulsion  interface  does  not  exist. 

c.  System  Data  Profile  - Figure  V-101  shows  the  data  profile  tor 
this  probe  mission.  As  denoted  in  the  sequence  of  events  above, 
engineering  and  science  data  are  collected  during  pre-entry,  entry, 
and  descent. 
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Table  V- 

■33  Sequence  of  Events 

for  Probe ~Ded  '-aa ted  Jupiter  Mission  ; 

Item 

Time 

Event 

1. 

L-0 

Launch,  November  7,  1979  . 

2. 

L+2h 

Separate  Spacecraft  from  Launch  Vehicle 

3. 

L+2h  to  L+670d 

Cruise  - 

4. 

S-6h,  Om,  Os 

Spacecraft  Power  to  Probe;  Eject  Environmental  Cover 

5. 

S-5h,  47m,  Os 

Start  Probe  Checkout 

6. 

S-Oh,  17m,  Os 

Prcbe  Checkout  Complete;  Start  Spacecraft  Orientation 
for  Release  (47.6°) 

7. 

S-Oh,  2m,  Os 

Spacecraft  Orientation  to  47,6°  Complete;  Activate 
Separation  Subsystems 

8. 

(L+645.5d)  S=0 

Separate 

9. 

S+Qm,  0.5s 

Start  Probe  Spinup  to  5 RPM 

10. 

S+Om,  30s 

Start  Spacecraft  Orientation  for  AV  (45.9°) 

11. 

S+4m,  Os 

Probe  Spinup  to  4 rpm  Complete;  Deactivate  Probe  Systems 

12. 

S+15m,  30s 

Complete  Spacecraft  Orientation  for  AV  (45,9°) 

13. 

S+17m,  36s 

Apply  Spacecraft  AV  (71m/sec) 

14. 

S+18m,  Os 

Start  Reorient  Spacecraft  to  Earth  Lock  (-93.5°) 

15. 

S+33m,  Os 

Spacecraft  Reorientation  Complete  (-93,5°) 

16. 

L+645. 48d  to  L+679.94d 

Coast 

17. 

E-Oh,  45m,  2s 

Enable  Entry  Battery  Ordnance  ) 

18. 

E-Oh,  25m,  2s 

Activate  Probe  Descent  Batteries  (in  descent  probe)  > 

Turn  on  Data  Handling  System,  Engineering  Instrumentation  $ 

19. 

E-lQm,  22s 

Turn  on  Transmitter  | 

20. 

E-9m,  56s 

Turn  on  Science  Instruments 

21. 

E-8m,  42a 

Start  Probe  Acquisition 

22. 

E-6m,  42s 

Complete  Probe  Acquisition;  Start  Data  Transmission; 

23. 

E*0 

Entry  (305  km  above  1 atm 5 3 x 10"7  bars) 

24. 

E+Om,  8.5s 

Probe  Transmitter  "Off"  (0.1  g sensing);  Start  Recording,  • 

Accelerometer  Data 

25. 

E+Om,  14.7s 

Initiate  Probe  Descent  Program  (100  g sensing) 

26. 

E+Om,  38.2s 

Eject  Base  Cover  Quadrants  (Mach  0.8) 

27. 

E+Om,  44s 

Deploy  Main  Parachute  (Mach  0.7,  'v  0.092  bars) 

28. 

E+Om,  54s 

Release  Descent  Probe  from  Entry  Probe  (switch 
probe  antenna) 

29. 

E+Om,  56s 

Deploy  Temperature  Gauge;  Release  Mass  Spectrometer 
Covers 

30. 

E+2m,  34s 

Probe  Acquisition  Complete;  Start  Data  Transmission 

31. 

E+36m,  14s 

End  of  Design  Mission  13  bars) 

32. 

(L+680d)  E+34m,  36s 

Spacecraft  Periapsis  (2  R ; September  17,  1981 

Includes  5.7  min  trajectory  uncertainly  and  based  on  a descent  ballistic 
coefficient  of  0.09  slug/ ft2 


Separation  Coast  Pre-Entry  Desce 

Phase  Phase  Phase  Entry  Phase 
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Minutes  from  Separation  Minutes  from  Entry 

Figure  V-101  Data  Profile  for  the  Probe-Dediaated  Jupiter  Mission 


d.  System  Power  Profile  - Figure  V-1Q2  ehows  the  power  require- 
ments for  this  probe  mission.  It  is  seen  that  the  entry  power 
requirements  are  very  small. 

e.  System  Weight  Summary  - Table  V-34  shows  the  weight  breakdown. 
The  ejected  weight  and  entry  weight  is  approximately  the  same; 
the  difference  is  the  amount  of  ACS  gas  used  after  separation. 

Table  V-34  Weight  Summary  for  Probe-Dedieated  Jupiter  Mission 


Probe  Breakdown 

Weight 

k& 

lb 

Science 

8.07 

17.8 

Power  and  Power  Conditioning 

3.15 

6.94 

Cabling 

4.67 

10.3 

Data  Handling 

2.59 

5.7 

Attitude  Control  (dry) 

. 2.63 

5.8 

Communications 

5.53 

12.2 

Pyrotechnics 

3.54 

7.8 

Structures  and  Heat  Shield 

65.71 

144.85 

Mechanisms 

6.12 

13.5 

Thermal 

8.39 

18,5 

Propellant  (ACS) 

.02 

0.05 

Engineering  Instrumentation 

0.00 

0.0 

13%  Margin 

16.56 

36.52 

Ejected  Weight 

126.99 

279.96 

Entry  Weight 

126.96 

279.90 

Descent  Weight  (final) 

42.36 

93.41 

4.  Telecommunications  Subsystem 

The  Jupiter  probe-dedicated  mission  at  2 Rj  is  very  similar  to  the 

nominal  mission  as  far  as  the  trajectory  and  communications  geo- 
metry are  concerned.  The  probe  aspect  angle  is  60°  at  acquisition 
and  is  optimized  to  be  a minimum  during  descent.  The  angle  is 
22°  at  the  end  of  entry  and  18°  at  the  end  of  the  mission  at  a 
depth  of  13  bars,  as  seen  in  Figure  V-103. 
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Probe  dispersions  are  shown  in  Figures  V-104,  The  uncertainty 
ellipses  are  tilted  more  than  usual  but  variations  in  cone  angle 
are  about  the  same  as  for  other  missions.  A 55°  beamwidth  space- 
craft antenna  provides  maximum  gain  at  the  points  of  maximum  dis- 
persion. All  the  nominal  probe  positions  fall  within  the  3-dB 
beamwidth. 

Parameters  of  the  KF  link  are  depicted  in  Table  V-35  for  the  probe' 
dedicated  Jupiter  mission  at  0.86  GHz.  Maximum  transmitter  power 
is  required  at  mission  completion. 


Table  V-35a  depicts  design  details  of  the  KF  components  that  com- 
prise the  telecommunications  subsystem.  Complete  details  of  the 
components  are  given  in  Section  A. 4.  30  W of  RF  power  is  required 

at  0.86  GHz  with  a bit  rate  of  30  bps  using  binary  FSK  with  a 
tracking  tone.  A mechanical  switch  is  required  at  this  power 
level.  The  entry  antenna  is  an  annular  slot  which  is  mounted 
on  the  base  cover.  The  descent  antenna  is  a turnstile  over  a 
cone  design  which  is  mounted  on  the  aft  bulkhead  of  the  descent 
probe.  The  spacecraft  antenna  is  a helix  with  right-hand-circu- 
lar polarization  and  a 55°  beamwidth. 


An  analysis  similar  to  the  one  performed  for  the  other  alternative 
Jupiter  probe  mission  (Section  0,  4)  was  performed  for  this  mis- 
sion to  determine  the  effects  of  increased  system  noise  temper- 
ature. Trajectory  geometry  for  the  mission  is  shown  in  Figure 
V-105.  The  spacecraft  and  probe  are  within  the  magetosphere 
during  the  active  portion  of  the  mission,  Calculations  were  per- 
formed using  Equation  {C-1J , which  determines  the  antenna  temper- 
ature from  the  maximum  synchrotron  temperature  plus  the  planet 
disk  temperature, 


ta  - tbs  + tbd  ■ °'45  “ + tbd 


tc-1] 


where 

I.  » antenna  temperature,  °K 

d * path  length,  Rj 

A ■ wavelength,  cm 

T_n  - planet  disk  temperature,  °K. 


Path  length,  d,  is  shown  in  Figure  V-105,  A frequency  of  1 GHs 
was  chosen  and  the  wavelength,  A,  is  30  cm.  The  disk  brightness 
at  1 GHz  is  430  °K  using  the  upper  limit  curve  of  Figure  B-l  In 
Vol  III,  Appendix  B.  Equation  [C-l]  reduces  to 

Ta  - 405  d + 430.  IC-2] 

A 
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Table  7-35  Probe  Telemetry  Link  Design,  Probe  Dedicated  Jupiter  Mission 


Parameter 

Unit 

Nominal 

Value 

Adverse 

Tolerance 

Remarks 

Total  Transmitter  Power 

dBW 

14.8 

mmm 

30  W 

Transmitting  Circuit  Loss 

dB 

-0.3 

Transmitting  Antenna  Gain 

dB 

4.4 

120°  Beamwidth 

Communications  Range  Loss 

dB 

-188.8 

111 

7.6x10“  km 

Planet  Atmos  & Defocus  Loss 

dB 

-0.8 

0.2 

Cool/Dense,  13  bars 

Polarization  Loss 

dB 

0.0 

0.2 

Antenna  Pattern  Ripple  Loss 

dB 

0.0 

0.2 

Receiving  Antenna  Gain 

dB 

9.8 

3.9 

55°  Beamwidth 

Receiving  Circuit  Loss 

dB 

-0.2 

0.2 

Net  Circuit  Loss,  l (2-+9) 

dB 

-175.9 

8.0 

Total  Received  Power  (1  + 10) 

dBW 

-161.1 

8.0 

Receiver  Noise  Spectral  Density 

dBW 

-196.9 

0.5 

T#  - 1469*K 

NF  - 7.82  dB 

• 

Tracking  Tone 

Tone  Power/Total  Power 

dB 

-5.4 

0 

Received  Tone  Power  (11+13) 

dBW 

-166.5 

8.0 

Tracking  Threshold  Bandwidth 

dB 

11.8 

0 

Bandwidth  - 15  Hz 

Threshold  SNR 

dB 

10.0 

0 

Thre*old  Tracking  Power  (12+15+16) 

dBW 

-175.1 

0.5 

Tracking  Performance  Ma~gln  (14-17) 

dB 

8.6 

8.5 

Data  Channel 

Data  Powex/Total  Power 

dB 

0 

Radio  System  Processing  Loss 

dB 

Efli 

0 

Fading  Loss 

dB 

mSM 

0 

Received  Data  Power  (11+19+20+21) 

dBW 

8.0 

Data  Bit  Rate 

dB 

wmm 

0 

Threshold  ^/S 

dB 

HI: 

0 

Threshold  Data  Power  (12+23+24) 

dBW 

-173.2 

0.5 

Performance  Margin  (22-25) 

dB 

8.6 

8.5 

Nominal  Leas  Adverse  Value  (26-27  adv) 

dB 

0.1 

CONDITIONS:  1.  Worst  Case  (EOM)  - nd it ions  at  0.86  GHz 

2.  Convolutional  Encoder,  H-2,  V-2,  Q*8 

3.  BER  • 5x10" 5 for  binary  FSK  with  K-8  cod* 

A.  EON  probe  aapact  angle,  p » 28* 

5.  Cod ad  Noncoherent  System  with  Vltarbi  Decoding 


Title  V-35a  Telecommunications  RF  Subsystem  for  the  Probe-Dedicated 

Mission 


Conditions:  Planet:  Jupiter;  Spacecraft:  Mariner;  Frequency: 0.36  GHz; 

Bit  Rate:  30  bps 


Ouxnpoaent 

Characteristic 

Unit 

Value 

Transmitter 

RF  Power  Out 

A 

30 

Overall  Efficiency 

% 

45 

DC  Power-In  at  28  V dc 

W 

66.7 

Total  Weight 

kg 

2,7 

lb 

6.0 

RF  Switch 

Type 

Mechanic -1 

Insertion  Loss 

dB 

0.3 

Weight 

kg 

2.3  * 

1 

Entry  Antenna 

Type 

lb 

0.5 

Annular  Slot 

Main  Beam  Angle 

dog 

50 

Beamwidth 

deg 

40 

Max  Gain 

dB  1 

5.2 

Diamete: 

cm 

43 

in , 

17 

Weight 

k£ 

2.1 

lb 

4.7 

Descent  Antenna 

Type 

Turnstile/Cone 

Main  Beam  Angle 

deg 

0 

Beamwidth 

deg 

120 

Max  Gain 

dB 

5 

Size  (diameter  x h) 

cm 

20.3  x 7.6 

in. 

8x3 

Weight 

kg 

0.45 

lb 

i.O 

Spacecraft 

Type 

H^lix 

Antenna 

Beamwid  th 

dig 

55 

Max  Gain 

dB 

9.6 

Size  (diameter  x ?.) 

cm 

29.6  x 11.1 

in. 

11.7  * 4.4 

Weight 

kg 

1.36 

lb 

3.0 

Despin 

no 

Position  Search 

none 

Frequency  Acquisition 

sec 

65 

Clock  Angle,  6 

deg 

-56 

Cone  Angle,  $ 

deg 

67 

Spacecraft 

Noise  Temperature 

#K 

300 

Receiver 

Noise  Figure 

dB 

3.1 

DC  Power-In  at  28V  dc 

W 

3.0 

Weight 

kg 

0.9 

lb 

2.0 

« ' * rn  i 
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The  receiving  system  noise  temperature  is  the  sum  of  the  antenna 
temperature  and  the  receiver  noise  temperature.  The  receiver 
temperature,  from  Figure  V-ll  is  302  °K  at  1 GHz  which  corresponds 
to  a noise  figure  of  3,1  dB.  The  receiving  system  temperature  is 
determined  by 

Tc  = TA  + Td  = 403d  + 430  + 302 
o A K 

- 405d  + 732  . [C-3] 

Equation  [C-3]  was  used  to  compute  T at  acquisition,  entry,  and 

b 

mission  completion.  The  values  are  shown  in  Table  V-36,  The  RF 
link  design  was  based  on  a constant  T^  of  1280  °K  throughout  the 

mission.  The  difference  is  negligible  for  this  mission  configur- 
ation as  can  be  seen  in  the  table.  Comparison  of  the  results  of 
the  two  alternative  missions  in  this  area,  indicates  that  system 
noise  temperature  is  a function  of  the  path  length,  d,  for  a mis- 
sion. Mission  geometries  that  have  a large  path  length  at  acqui- 
sition in  the  planet’s  magnetosphere  and  do  not  intersect  the 
planet  disk  have  a large  dispersion  in  antenna  temperature  before 
entry.  The  effect  is  negligible  for  the  2 R mission  but  is  very 

significant  for  the  6 Rj  mission  as  discussed  in  Section  V.D, 

Table  V-36  System  Noise  Temperature  for  the  Jupiter  Probe- 
Dedicated  Mission  at  1 GHz 


Time 

Event 

tbs’  °k 

tbd*  °k 

V °K 

V °K 

E - k 

Acqui- 

607 

430 

302 

1339 

sition 

E - 0 

Entry 

486 

430 

302 

1218 

E + 

EOM 

405 

430 

302 

1137 

Data  Handling  Subsystem  (DHS) 

The  data  handling  subsystem  has  a slightly  reduced  function  for 
this  spacecraft  deflection  mode  mission.  Since  the  post-separation 
accivity  is  limited  to  a few  minutes  during  which  the  probe  is 
spun  up  to  5 rpm,  the  DHS  is  not  activated.  The  electronic  func- 
tions during  this  period  will  be  implemented  by  a dedicated  tinier 
that  will  be  started  at  separation.  The  logic  and  associated 
circuitry.  The  final  state  nf  the  counter  will  establish  the 
coast  shutdown  sequence. 
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The  requirements  for  the  DHS  during  the  entry  and  descent  phase 
are  essentially  unchanged  from  the  nominal  Jupiter  probe  defini- 
tion. A description  of  the  analysis  and  definition  of  this  sub- 
system may  be  found  in  Chapter  V Section  Ak5  of  this  volume,  and 
Vol  III,  Appendix  H. 

Power  and  Pyrotechnic  Subsystem 

A description  of  the  analysis  and  preferred  configuration  of  the 
probe  power  and  pyrotechnic  subsystem  may  be  found  in  Chapter  V, 
Sections  A,  6 and  A,  7 of  this  volume,  and  in  Vol  III,  Appendix 
G, 


The  deviation  of  this  subsystem  from  the  nominal  Jupiter  probe 
subsystem  is  in  the  deletion  of  the  post-separation  power  condition- 
ing and  modification  of  the  battery  weights.  Power  conditioning 
is  not  included  because  the  simple  post-separation  electronics 
power  requirements  do  not  justify  the  cost  and  weight  of  this  com- 
ponent. A summary  of  the  physical  characteristics  of  the  power 
and  pyrotechnic  subsystem  follows. 


COMPONENT 

Power 

Separation  Battery 

Entry  Battery 
Power  Distribution 
Power  Filter 
Pyrotechnics 
Electronics 
Capacitor  Banks 
Relay  Banks 


SIZE/VQLUME 

3.96  D x 7.52  L cm 
(1.56  in  D x 3 in. 

832  cm3  (51  in.3) 

163  cm3  (10  in. 3) 

326  cm3  (20  in.3) 

1222  cm3  (75  in.3) 
625  cm3  (40  in.3) 
440  cm3  (27  in.3) 


WEIGHT 
k&  lb 


0.24 

(0.52) 

1.68 

(3.7) 

C.45 

(1.0) 

0.68 

(1.5) 

0.91 

(2.0) 

0.36 

(0.8) 

1.14 

(2.5) 

Attitude  Control  Subsystem  - 

The  mission  profile  requires  the  probe  to  be  separated  trom  a 
three-axis  stabilized  spacecraft,  spinup  to  0.5  rad/sec,  and  main- 
tain pointing  accuracy  to  within  3°  of  the  desired  entry  orienta- 
tion. Since  spacecraft  pointing  will  have  errors  less  than  1.0° 
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(3o),  a requirement  for  pointing  on  the  probe  of  less  than  2°  is 
sufficient  to  meet  the  design  goals,  The  error  accumulation  caused 
by  tip-off  rates  during  the  period  from  separation  to  spinup  and 
the  iteration  of  tipoff  rates  and  spinup  are  discussed  in  Vol  III, 
Appendix  F.  The  following  constraints  and  attitude  errors  are 
appropriate  to  this  mission. 


t 

P 


= l/2°/sec  (tipoff  rate) 

= 0.50  sec  (drift  time,  separation  to  spinup) 


m =4.07  Newton-meters  (spin  torque) 

Wg  =0.5  rad/sec  (final  spin  rate) 

01  = 0.25°  Error  due  to  tipoff  drift 

62  = 1.06°  Spinup  error  due  to  tipoff  rate 

0(p)  = 1.19°  Total  momentum  error 


The  residual  nutation  angle  will  be  approximately  1° , This  mu- 
tation will  be  effectively  damped  out  during  the  coast  period  by 
the  viscous  damper  which  has  a time  constant  of  20  hr  at  this 
spin  rate.  It  should  be  noted  that  the  only  disturbances  to  the 
probe  attitude  are  magnetic  and  gravity  gradient  effects.  Mag- 
netic cleanliness  practices  should  be  followed  at  this  spin  rate 
although  the  period  in  the  significant  planetary  magnetic  field 
is  small.  Gravity  gradient  effects  are  negligible,  The  attitude 
control  subsystem  for  this  mission  consists  of  the  cold  gas  sys- 
tem, discussed  in  Section  C ,9  of  this  chapter,  a minimum  of  el- 
ectronics, and  a nutation  damper. 


Structural and  Mechanical 


The  probe-dedicated  alternative  Jupiter  probe  is  a substantially 
simpler  probe  than  the  nominal  Jupiter  probe  presented  previously 
in  Section  B of  this  chapter,  For  this  mission,  the  spacecraft 
provides  the  deflection  delta  velocity  maneuver.  It  leaves  the 
probe  in  the  proper  attitude  and  with  the  proper  trajectory  for 
planetary  entry  at  the  time  of  separation.  Thus,  the  probe  d es 
not  need  a deflection  delta  velocity  motor,  nor  does  it  need  to 
be  spun  up  to  a spin  rate  of  10.5  rad/sec  (100  rpm)  to  stabilize 
the  probe  for  firing  of  the  deflection  motor  and  for  precession. 
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Instead,  the  probe  requires  only  a spin  rate  of  0,52  rad/sec 
(5  rpm)  to  stabilize  its  attitude  at  separation  and  eliminate 
drift  before  planetary  entry.  Thus,  the  probe  does  not  have  a 
deflection  motor  or  a service  module,  The  ACS  system  for  the 
lower  spin  rate  is  included  within  the  basic  entry  probe. 

a.  Configuration  and  General  Arrangement  - The  configuration  of 
the  probe  is  shown  in  Figure  V-106,  The  ejected  probe  is  1,005  m 
(39.6  in.)  in  diameter,  0.604  m (23.8  in.)  in  length,  and  weighs 
126.99  kg  (279,96  lbm) , Since  there  is  no  service  module,  the 
ejected  probe  and  entry  probe  are  essentially  identical.  The  de- 
scent probe  is  0,439  m (17,3  in,)  in  diameter,  .492  m (19.4  in.) 
in  length,  and  weighs  42.36  kg  (93.41  lbm).  The  scientific  comple- 
ment for  the  probe  is  the  same  as  for  nominal  Jupiter  probe,  ex- 
cept for  the  type  of  neutral  mass  spectrometer,  This  unit  is 
approximately  .45  kg  (1.0  lbm)  lighter  for  the  dedicated  probe  sys- 
tem, and  the  power  and  power  conditioning  equipment  is  lighter  by 
2.73  kg  (6.04  lbm).  Thus,  the  basic  components  on  the  equipment 
deck  are  somewhat  lighter.  A single  descent  parachute  replaces  the 
dual  parachute  that  was  used  on  the  nominal  Jupiter  probe. 

The  remaining  basic  difference  between  this  descent  probe  and  that 
of  the  nominal  Juoiter  probe  lies  in  the  provisions  for  a nitrogen 
atmospheric  gas  system  added  to  this  configuration.  This  system 
provides  a small  nitrogen  gas  supply  which  is  vented  to  the  inside 
of  the  descent  probe  before  descent.  The  system  is  added  to  con- 
trol descent  thermal  cooldown  of  the  probe.  The  functionion  of 
the  system  for  thermal  control  is  discussed  in  Section  c,10  of 
this  chapter. 

The  entry  probe  is  the  same  configuration  as  the  ejected  probe, 
and  consists  of  the  aeroshell/heat  shield  assembly,  the  descent 
probe,  the  aft  heat  shield,  and  the  post-separation  antenna.  The 
entire  probe  with  the  exception  of  the  post-separation  antenna  is 
enclosed  by  a forward  and  an  aft  multilayer  insulation  blanket. 

The  antenna  and  the  insulation  blankets  are  allowed  to  remain  on 
the  entry  probe  through  entry  rather  than  ejecting  them.  The  in- 
sulation blanket  will  burn  off  during  entry,  as  will  a portion 
of  the  antenna.  The  remaining  antenna  portion  is  jettisoned  dur- 
ing the  opening  of  the  aft  closure. 

Since  this  probe  requires  only  a very  minimal  attitude  control 
system,  the  entire  system  is  located  within  the  entry  p^obe. 
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b.  Structural  Design  - The  probe  is  designed  by  the  structural 
loadings  encountered  during  entry  of  the  Jovian  atmosphere,  at  an 
entry  angle  of  20°  at  a latitude  of  30°,  with  an  entry  ballistic 
coefficient  of  102  kg/m2  (0,65  slug/ft2).  These  loadings  are 
1650  g peak  and  a maximum  dynamic  pressure  of  1,1  x 106  N/m2 
(23,000  lbm/ft2).  For  this  probe,  the  entire  vehicle  is  designed 
by  these  loadings  plus  the  acoustic  and  vibration  loadings  at 
launch.  There  is  no  service  module  nor  delta  velocity  motor 
(which  are  designed  only  by  launch  loads  on  the  nominal  Jupiter 
probe).  The  aeroshell  structure  is  designed  of  titanium  to  pro- 
vide adequate  strength  at  the  heat  shield  backface  temperature. 

The  configuration  is  ring-frame  stiffened  skin  with  a triangular 
shaped  closure  frame.  A saddle  frame  accepts  the  descent  probe 
loads  and  introduces  the  loads  into  the  aeroshell. 

The  descent  probe  basic  structure  is  identical  with  the  nominal 
Jupiter  probe.  It  consists  of  a cylindrical  section  stiffened 
by  10  equally  spaced  longerons  to  distribute  the  equipment  deck 
loads  into  the  skin  of  the  probe.  The  only  difference  in  this 
cylindrical  section  is  the  magnitude  of  loading  (1650  g vs  1500 
g for  the  nominal  Jupiter  probe)  and  the  resultant  weight  changes. 
The  shape  of  the  aft  closure  is  changed,  however.  It  is  a spher- 
ical segment  to  better  withstand  entry  loads. 

a.  Parachute  Assembly  - A single  stage  of  parachute  descent  is 
satisfactory  fo*.  this  probe,  which  need  descend  only  to  13  bars 
to  satisfy  mission  requirements.  The  selected  descent  ballistic 
coefficient  of  14,1  kg/m2  (0,09  slug/ft2)  for  a descent  probe 
weighing  42.36  kg  (93,41  lbra)  results  in  a parachute  size  of  2.59 
m (8.5  ft)  diameter.  This  parachute  is  of  the  disc-gap-band  con- 
figuration, 

\ 

d.  Heat  Shield  - An  entry  ballistic  coefficient  of  100  kg/m2 
(0.65  slug/ft2)  has  been  selected  for  entry  of  the  probe  into  the 
Jovian  atmosphere.  This  probe  enters  the  planet  at  a latitude 

of  30°  as  compared  with  essentially  equatorial  entry  for  the  nom- 
inal probe.  This  change  in  entry  latitude,  plus  the  relocation 
of  probe  components  from  the  service  module  (which  is  deleted) 
to  the  entry  probe  results  in  a fairly  large  heat  shield  and  aero- 
shell, The  heat  shield  mass  fraction  for  this  configuration  is 
0.350  (Fig.  V-35).  The  heat  shield  weight  is  38.7  kg  ,85.4  lta.) , 
of  which  30.3  kg  (6C.8  lbra)  is  ablated  at  entry. 

e.  Mass  Properties  - The  weight  tabulation  for  the  components  of 
the  probe  dedicated  mission  vehicle  are  shown  in  Table  V-37.  It 
should  be  noted  again  for  this  weight  table  that  component  weights 
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/i'.'jni  ju'a  fjr  tnv  l rvLi.-~edijj.Ltui  nllcPKatiJc  Jupiter  Irobe 


Sc  len.  _u 

Temperature  Gauge 
Pressure  rransducer 
Accelerometer:  Sensor 

Converter 

Nuu  L*  ui  Mass  Spectrometer  Analyzer: 
Elec  tronics 
Pump 

Ballad  Tank 


Power  6>  Power  Condi  t icning 
Power  Conditioner 
Power  Distribution  Box 
Power  ^liters 
Entry  batteries 
Post  -Sep  ir.it  * on  Butt  '"ies 


CubJJUig 

Inner  probe 
External  Structu.e 


uata  Jiand l 

Data  Handling  System 
Memory  B,  nks 

A_t_tJdLude JJojU_r ol_  System  (L ess  Propellant) 
Sun  Sensor 
Planet  Sensor 
ACS  System  and  la nks 
Nutation  Damper 
Accutron  Timer 
ACS  Electronics 


Coimimni  ca  t ler  s 

Pre-Entry  Antenna 
Post-Entry  An-enna 
RF  Transmitter 
RF  Switch 

Pyrotechnic  Subsystem 
Pyro  Electronics 
Pyro  Capacitors  (Probe) 

Pyro  Capacitors  (External) 

Pyro  Relays  (Probe) 

Pyro  Relays  (External) 
Mercury-Zinc  Battery 
Pyro-Squibs  (7B  at  > *) 

Pyro  Thruster  at  (0.25  lb  each) 


Structures  and  Heat  Sh 1 cldc: 

Descent  Probe  Structure 
Equipment  Support  Deck 
Base  Cover 

Service  Module  Structure 
Aeroshell  (21b  for  payload  ring) 

Forward  Heat  Shield  (66.6  ablated  during  entry) 

Aft  Heat  Shield 

Defied  ion  Motor  Support 


Mechanisms: 

Separation  Spring  Cartridge*  (at  0.37  lb) 
Separation  Nuts  (at  .23  lb/. 7 + .5) 

Pin  Puller  (at  0.3  lb/)  .9  ♦ .9 
Latchs  and  Bands 

Main  Parachute  (3. £5  in  chute  6 Riser) 
Secondary  Parachute 


Weight 


Kfi 

Lb 

0.45 

1.00 

0.68 

t.  >0 

0.59 

1.30 

0.91 

2.00 

1.81 

4.00 

2.72 

6,00 

0.45 

1.00 

0.45 

1,00 

8,06 

17,80 

0.45 

1.-  w 

0.68 

1.  , 

1.78 

3 92 

0.24 

0.52 

3.15 

0.94 

2.81 

6.20 

1,86 

4.10 

4.67 

10.30 

2.14 

4.70 

0,45 

1.00 

2.59 

5.70 

- 

“ 

1.41 

3.10 

l.O^ 

2.40 

0,14 

0.30 

_ 

- 

2.66  5.80 


2.13 

4.70 

0.45 

1.00 

2.72 

6.00 

0,23 

0.5 

5.53 

12.2 

0.91 

2,00 

0,11 

0.24 

0.26 

0.56 

0,34 

0.75 

0,79 

1.75 

0.41 

0.90 

0,27 

0.60 

0.45 

1.00 

3.54 

7.80 

5,08 

U. 20 

4.99 

11.00 

4.38 

9.65 

- 

- 

10.43 

23.00 

38.74 

85.40 

2.09 

4.60 

65.71 

144785 

0.41 

0.90 

0.32 

0.70 

0.4i 

0.90 

0.91 

2.00 

4.08 

9.0 

- 

- 

6.13 

13.50 
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Lb 

Thermal: 

External  Insulation  Blanket  (Forward  Heatshie^d) 

2.00 

4.40 

External  Insulation  Blar* et  (Base  Cover) 

2.49 

5.50 

Probe  lull  Insulation  (Internal) 

1.59 

, 0 

Isotope  Heaters 

1.81 

4.00 

Environmental  Tank 

0.50 

1.10 

8.3? 

18.50 

Propu Is  ion: 

Deflection  Motor  Cases 

Deflection  Motor  Propeilant 

ACS  Propellant 

0.02 

0.r>5 

0.02 

0.05 

Total 

1 10. 4^ 

243.44 

15%  Contingency 

16.56 

36.52 

126.99 

279 . 90 

i.  Pre-Entry  height 

ACS  Propellant 

0.02 

0.05 

15%  Contingency 

0.01 

0.01 

(279.96  - 0.06  - 279.90  lb) 

126- 99  - .0J  - 126.96  kg 

0.03 

O.Oo 

2.  Post -Entry  Weight 

Forward  Heat  Shield  (Ablated) 

30.30 

66.80 

Aft  Heat  Shield  (Ablated) 

::.Q4 

4.50 

Forward  Insulation  Blanket 

2.00 

4.40 

Aft  Insulation  Blanket 

2.50 

5.50 

Pre-Entry  Antenna 

2.13 

4.70 

38.97 

85.90 

15%  Contingency 

5.85 

12.9 

(279.90  - 58.8  - 18i. 10  lb) 

44.82 

98.80 

126.96  - 44.82  «*  82. kg 

3.  Weight  on  Parachute  (Initially): 

Base  Cover  Quadrants 

4.30 

9.65 

Base  Cover  Kent  Shield  (Not  Ablated) 

0.45 

1.00 

Separation  Pin  Pullers 

0.41 

0,90 

Separation  Nuf 

0.90 

0.20 

ACS  System 

1.4) 

3. 10 

Tsotopc  leatcr* 

C.  91 

2,00 

Pyro  Thrusters 

0.41 

1 00 

8.07 

* 7 , 85 

15%  Contingency 

1.23 

2.6b 

(181.10  - 20.53  - 160.57  lbs) 

9.30 

20.53 

£2.14  - 9.30  - 12.84  kg. 

4.  Weight  on  Parachute  (Final): 

Pyro  Capacitors 

0.25 

0.55 

Pyro  Relays 

0.79 

1.75 

Pyro  Squibs 

0.18 

0.40 

Aero  Shell 

10.43 

23.00 

Forward  Heat  Shield  (Not  Ablated) 

8.44 

x8.60 

Spring  C i x tridgss 

0.41 

0,90 

Separation  Nutsq 

r.23 

0.50 

Latches  A Bands 

0.91 

2,00 

Isotope  Heaters 

0 91 

2,00 

External  Cabling 

7.49 

5.50 

Nutation  Damper 

1.09 

2.40 

Accutron  Timer 

0.14 

( .30 

Separation  Battery 

0.24 

C.  52 

26.51 

58  n 

15%  Contingent' 

3.97 

8.76 

(160.57  - 67.lv  - 93.41  lb) 

30.43 

67.19 

72.84  - 30.48  - 42.36  kg 
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are  grouped  in  categories  in  the  table,  and  a 15%  contingency 
factor  is  added  for  arriving  at  the  total  weight  to  account  for 
growth.  The  weight  thus  achieved  is  reduced  sequentially  in  the 
remainder  of  the  table  to  provide  weight  data  for  the  different 
phases  of  the  mission,  from  spacecraft  separation  to  entry  and 
descent. 

9.  Propulsion  Subsystem 

This  probe  has  no  deflection  delta  velocity  motor,  but  does  have 
a minimal  attitude  stabilization  system.  The  proper  entry  tra- 
jectory and  pointing  attitude  is  provided  by  the  spacecraft  before 
probe  separation  for  this  configuration.  Thus,  the  ACS  system 
need  only  provide  a probe  spinup  to  0.52  rad/sec  (5  rpm)  to  sta- 
bilize the  pointing  orientation  during  the  pre-entry  coast  phase 
of  flight.  The  schematic  for  this  system  is  shown  in  Figure  V-107, 


Spin 

4.45  Newton 
(1.0  lbf) 


Spin  Rate  0.52  rad/sec  (5  rpm) 

GN£  0.02  kg  (0.05  lbm) 

Loaded  System  1.50  kg  (3.30  lbm) 


® 

Pressure  Transducer 

i 

Filter 

* 

N/C  Pyrovalve 

Pressure  Regulator 

N/0  Pyrovalve 

Figure  V-107  Attitude  Control  Subsystem 


V-216 


The  weight  breakdown  of  the  ACS  follows. 


Component  Weights: 


Weight 
kg lbm 


Fill  Valves  (1) 

.11 

.25 

Transducers  (2) 

.23 

.50 

Squib  Valves  (4) 

.54 

1.00 

Filters  (1) 

.09 

.20 

Regulators  (1) 

.18 

.40 

Thrusters,  1 blf  (2) 

.18 

.40 

Lines 

.18 

.40 

Total  1.43  kg  3.15  lbm 

The  amount  of  propellant  to  achieve  the  spin  rate  is  minute, 
amounting  to  only  0.02  kg  (0.05  lbm)  and  the  pressure  tank  weight 
is  0.04  kg  (0.10  lbm).  Thus,  the  total  system  weight  is  approx- 
imately 1.50  kg  (3.30  lbm). 

10.  Thermal  Control  Subsystem 

a.  General  Discussions  - For  the  probe-dedicated  alternative 
Jupiter  probe,  the  thermal  design  concept  is  basically  the  same  as 
the  nominal  Jupiter  probe  mission.  Multilayer  insulation,  thermal 
coatings,  and  radioisotope  heaters  are  used  for  thermal  control 
during  spacecraft  cruise  and  probe  coast,  and  the  probe  thermal 
inertia  coupled  with  low  density  foam  insulation  is  used  for  entry 
and  descent.  For  the  probe-dedicated  mission  the  minimum  temper- 
ature predicted  during  descent  is  marginal  (3°K  margin  above  lower 
limit),  and  two  additional  improved  probe  thermal  designs  were 
therefore,  investigated.  On  the  basis  of  those  investigations, 
the  addition  of  nitrogen  gas  environmental  control  was  included 
for  descent  thermal  control.  For  this  design,  the  probe  would 
be  purged  and  sealed  with  one-bar  dry  nitrogen  gas  at  launch  and 
equipped  with  a nitrogen  gas  supply  bottle  capable  of  purging  the 
probe  volume  to  a depth  of  2.5  bars  during  descent.  The  delta 
weight  and  volume  added  by  the  N2  gas  supply  would  be  approximately 
0.41  kg  (1.1  lb)  and  0.35  liters  based  on  a storage  design  pres- 
sure 250  bar. 
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As  before,  the  pivotal  temperature  for  thermal  design  is  the  probe 
temperature  at  the  end  of  the  mission  coast  phase,  which  determines 
the  probe  entry  temperature  for  descent.  Although  the  probe-dedi- 
cated mission  considered  either  a cool/dense  or  nominal  atmosphere 
encounter  and  descent,  the  primary  thermal  problem  remains  one 
of  losing  too  much  thermal  energy  to  the  atmosphere  environment 
during  the  cool/dense  descent.  The  probe  coast  and  entry  temper- 
atures, therefore,  were  increased  for  this  mission  by  using  a high- 
er a/e  thermal  coating  on  the  probe  and  absorbing  a higher  per- 
centage of  solar  energy  during  coast.  Because  the  coast  time  is 
longer  for  this  mission  C34.5  days) , the  transient  temperature 
effects  following  spacecraft  separation  were  of  no  consequence. 

A thermal  analysis  was  performed  for  the  probe-dedicated  alter- 
nate Jupiter  mission  probe  configuration.  The  basic  probe  con- 
sists of  a 39,6  diameter  entry  probe  design  with  a minimal  ACS 
spinup  system.  No  probe  propulsion  capability  or  Sun  and  planet 
guidance  sensors  are  required  because  by  definition,  the  probe- 
dedicated  mission  is  a spacecraft  deflect  mission  and  a flyby  is 
not  required.  To  analyze  the  probe’s  thermal  performance,  the  two 
finite-element  thermal  math  models  previously  constructed  were 
utilized.  For  the  spacecraft  cruise  and  coast  analysis,  the  probe 
service  module  was  eliminated  and  only  the  aeroshell  and  base 
cover  were  present. 

On  the  basis  of  the  thermal  analysis,  a complete  thermal  history 
for  the  probe-dedi<  ated  Jupiter  mission  was  constructed  and  is 
presented  in  Figure  V-108.  The  spacecraft  cruise  and  coast  tem- 
peratures were  determined  based  on  the  radioisotope  heater 
power  supplied  and  the  probe  thermal  coating.  The  probe  temper- 
ature is  represented  by  the  internal  equipment  and  the  RF  trans- 
mitter which  is  shown  separately  when  activated.  These  results 
represent  the  baseline  mission  thermal  history.  Figures  V-109 
and  V— 110  present  the  probe  thermal  history  for  improved  thermal 
design.  Figure  V-109  considered  a sealed  probe  for  the  first 
2.5  bars  of  descent  while  Figure  V-110  considered  N2  gas  envi- 
ronment control  for  the  first  2.5  bars  of  descent. 

During  cruise  and  coast,  sufficient  probe  mass  is  present  such 
that  brief  excursions  of  the  boundary  conditions  cause  only  minor 
temperature  variations.  Trajectory  uncertainties  for  the  probe- 
dedicated  alternate  Jupiter  mission  are  less  than  six  minutes  and 
therefore  not  thermally  significant.  As  before,  the  most  critical 
design  item  is  the  multilayer  insulation  performance  which  should 
be  accurately  determined  by  actual  hardware  thermal  tests.  An 
integral  discussion  of  the  thermal  control  subsystem  design  has 
been  previously  presented  in  Section  A.  10.  a and  b of  this  chapter. 
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Figure  V-109  Launch  to  Descent  Thermal  History  of  Probe-Dedicated  Jupiter  Mission 
with  Partially  Sealed  Probe  Improved  Thermal  Control 


b.  Cruise  and  Coast  Thermal  Control  - The  sizing  of  the  radio- 
isotope heaters  for  the  probe-dedicated  mission  is  presented  in 
Figure  V-lll.  Multilayer- insulation  thicknesses  of  1.5  cm  were 
assumed  to  achieve  a reasonable  compromise  between  insulation 
bulk  and  heater  power.  The  probe  thermal  coatings  for  this  mis- 
sion were  chosen  such  that  a larger  temperature  increase  between 
spacecraft  separation  and  probe  coast  equilibrium  would  occur.  A 
thermal  coating  value  of  a/e  = 0.62/0.13  was  found  to  be  optimum 
from  a standpoint  of  temperature  delta  and  isotope  heater  require- 
ment. Although  higher  a/e  ratios  are  available  that  would  pro- 
duce more  desirable  temperature  differences,  the  isotope  heat  re- 
quirement becomes  very  sensitive  to  coating  emissivity.  The  actual 
coating  selected  is  a surface  treatment  of  aluminum  with  Iridite 
14-2.  The  emissivity  value  for  the  probe  nose  was  0.20. 

The  results  in  Figure  V-lll  show  that  18  watts  of  radioisotope 
heater  power  will  establish  a probe  entry  temperature  (302°K) 
and  maintain  a safe  probe  temperature  margin  during  the  long  space- 
craft cruise  phase  of  the  mission  (13°K  margin  below  storage  lim- 
it) . The  increase  in  probe  temperature  following  separation  is 
of  no  consequence  since  a 34.5-day  probe  coast  period  occurs  be- 
fore entry,  which  will  be  adequate  time  to  approach  thermal  equi- 
librium conditions. 

a.  Entry  and  Descent  Thermal  History  - The  probe-dedicated  al- 
ternate Jupiter  probe  thermal  design  concepts  have  been  presented 
in  Figure  V-108  thru  V-110.  The  most  desirable  of  these  designs 
from  a standpoint  of  reliability,  minimum  weight,  and  over-all 
thermal  control  is  the  N2  gas  environment  concept.  It  was  this 
design  that  was  chosen  for  the  actual  mission  probe  configuration. 
Descent  results  for  both  the  nominal  atmosphere  and  cool/dense  at- 
mosphere encounters  are  presented  in  Figure  V-110. 

The  power  profile  used  for  the  descent  thermal  analysis  represented 
the  improved  transmitter  with  an  efficiency  of  45%.  It  was  mainly 
this  reduction  in  transmitter  power  coupled  with  a decrease  in 
probe  mass  that  makes  this  mission  more  critical  than  the  nominal 
probe  mission.  In  addition,  the  descent  ballistic  coefficeint 
defined  to  accommodate  the  nominal  atmosphere  encounter  for  the 
probe-dedicated  mission  is  less  requiring  Increased  probe  exposure 
to  the  cooler  atmosphere  layers  during  the  cool  atmosphere  en- 
counter. 
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Figure  V-lll  Radioisotope  Heater  Sizing  Based  on 
Probe  Thermal  Coating  Selection 


The  descent  temperature  and  pressure  profiles  for  the  probe  dedi- 
cated mission  are  presented  in  Figure  V-112.  This  mission  re- 
quires 36  minutes  for  descent  to  13  bars  pressure  in  a cool/dense 
atmosphere  or  to  7.5  bars  in  a nominal  atmosphere.  The  probe  is 
not  staged  for  the  probe-dedicated  mission. 

Analytical  results  show  that  improved  thermal  design  is  obtained 
by  using  the  N2  gaa  environmental  thermal  control  concept.  The 
probe  temperature  margins  predicted  for  identical  mission  condi- 
tions follow. 


Temperature 

Margin 

Spacecraft 
Cruise  Phase, 
°K 

Probe 

Coast  Phase, 
°K 

Entry-Descent  Phase 
Nominal  Improved  N2 

Design,  °K  Design,  °K 

Above 
Equipment 
Lower  Limit 

37 

23 

3 

19 

Below 
Equipment 
Upper  Limit 

13 

19 

15 

12 

Below 

Transmitter 
Upper  Limit 

NA 

NA 

29 

28 

Probe  to  Spacecraft  Integration 

The  probe-dedicated  alternative  Jupiter  probe  integration  with  the 
spacecraft  is  essentially  the  same  as  that  described  in  Section 
b.ll  of  this  chapter.  The  differences  lie  primarily  in  the  weight 
of  the  probe  itself,  and  in  the  power  consumption  by  the  probe  as 
supplied  from  the  spacecraft.  Since  the  probe  does  not  have  a 
solid  propellant  deflection  motor,  the  5 watts  of  heater  power  is 
not  required. 


Descent  Temperature, 


( 


D.  SPACECRAFT-RADIATION-COMPATIBLE  ALTERNATIVE  JUPITER  PROBE  SYSTEM 

DEFINITION 


1. 


As  for  Che  alternative  Jupiter  probe  discussed  in  Section  C of  this 
chapter,  the  constraints  for  this  probe  were  also  the  results  of  . 
the  Jupiter  parametric  studies  discussed  in  Section  A.  This  al- 
ternative probe  mission  is  intended  to  optimize  the  spacecraft 
usage,  i.e.,  the  probe  provides  the  deflection,  the  encounter  is 
essentially  equatorial,  and  the  periapsis  radius  minimizes  the 
radiation  environment  for  the  apccecraf t.  The  constraints  follow. 


Mission 
Entrv  Angle 
Entry  Latitude 
Periapsis  Radius 
Deflection  Mode 


Type  I in  1979 

-15°  (structure.*-  design  to  -20°) 

s'* 

6RJ 

Probe 


All  other  constraints  are  the  same  as  for  the  probe  mission  de- 
scribed in  Section  C. 


Science  Instrumentation  and  Performance 


The  major  differences  between  the  two  alternative  probes  involve 
spacecraft  probe  function  trades,  and  the  entry  and  descent  pro- 
file and  measurement  performance  are  identical.  Thus,  the  discus- 
sion given  in  Section  C describes  these  functions  for  both  alter- 
native Jupiter  probe  designs.  The  only  difference  is  in  thr-  data 
rate  necessary  for  engineering  and  formatting,  the  science  data 
rate  being  the  same.  This  is  summarized  in  Table  V-38.  Consult 
Section  C.l  for  further  details. 
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Table  V-S8  Radiation  Compatible  Alternative  Jupiter 
Probe  Instrument  Sampling  Times  and  Data 

Rates 


Sampling 

Collection 

Transmission 

Phase 

Instrument 

Times,  sec 

Bit  Rate,  bps 

Bit  Rate,  bps 

Entry, 

Accelerometers 

44  sec 

Longitudinal 

0.1 

100 

0 

Lateral 

0.2 

50 

0 

Descent, 

Temperature 

3.5 

2.9 

3.0 

2130  sec 

Pressure 

3.5 

2.9 

3.0 

Mass  Spectrometer 
Accelerometers 

40.0 

10.0 

10.5 

Turbulence 

10. 0 

6.0 

6.3 

Stored 

0.0 

0 

4.4 

Science 

Total 

27.2 

Engineering  and  Formatting 

4.5 

Total 

31.7 

2.  Mission  Definition 


The  radiation-compatible  probe  mission  is  shown  in  Figure  V-113 
and  detailed  in  Table  V-39.  Important  mission  design  results  are 
summarized  in  *his  section. 

a.  Interplanetary  Trajectory  Selection  - The  interplanetary  tra- 
jectory is  pictured  in  Figure  V-113 (a)  with  100  day  intervals 
noted.  The  launch  date  of  November  7,  1979,  and  arrival  date  of 
September  17,  1981  (trip  time  of  680  days),  result  in  a maximiza- 
tion of  the  payload  weight  as  discussed  in  Chapter  VI,  Section  A. 
As  indicated  in  the  figure,  the  spacecraft  arrives  at  Jupiter 
shortly  before  the  view  to  Jupiter  is  obstructed  by  the  Sun. 

b.  Launch  Analysis  - The  launch  analysis  is  provided  in  Figure 
V-113(b).  Available  payload  is  plotted  against  launch  period  for 
three  sets  of  launch  vehicle  performance  data:  standard  data  for 
the  Titan  5 Segment  vehicle  with  and  without  Burner  II,  plus  up- 
dated data  for  the  Burner  II  combination.  For  reference,  the  pay- 
load  weight  (probe,  spacecraft,  spacecraft  modifications,  and 
spacecraft  launch  vehicle  adapter)  is  about  1000  lb  for  a Pioneer 
mission  and  1500  lb  for  a Mariner  mission.  Thus,  the  Burner  II 
option  is  necessary  for  a Mariner-type  mission  to  obtain  a 20-day 
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launch  period.  The  nominal  launch  trajectory  summarized  in  Table 
V-39(a)  indicates  that  the  daily  launch  window  and  parking  orbit 
coast  time  are  satisfactory. 

c.  Approach  Trajectories  - The  approach  trajectory  is  pictured 
in  Figure  V-113(d)  and  summarized  in  Table  V-39(b).  The  space- 
craft flyby  radius  was  selected  to  be  6 to  limit  radiation 

damage  to  the  spacecraft.  Since  a low  inclination  probe  trajec- 
tory was  selected  (entry  latitude  of  5°),  an  in-plane  deflection 
maneuver  was  used.  The  spacecraft  initiaJly  leads  the  probe  but 
because  of  Jupiter* s rapid  rotation  rate  the  probe  quickly  over- 
takes the  spacecraft.  The  probe  aspect  angle  at  the  start  of 
descent  is  7.3°,  passes  nearly  through  zero,  and  ends  at  10°  at 
the  end  of  mission. 

d.  Deflection  Maneuver  - A probe  deflection  maneuver  is  used  in 
this  mission  at  a deflection  radius  of  30  million  km  or  35.1  days 
from  Jupiter.  The  deflection  sequence  is  illustrated  in  Figure 
V-113(c).  For  comparison,  a deflection  maneuver  was  targeted  at 
50  million  km.  This  resulted  in  a coast  time  of  61.4  days  and  a 
AV  of  152  m/sec  to  establish  the  same  conditions  at  entry. 

а.  Navigation  and  Dispersions  - The  navigation  and  dispersion 
results  are  pictured  in  Table  V-39(c).  Standard  Doppler  and  range 
tracking  is  all  that  is  assumed  since  navigation  dispersions  are 
not  significant  at  Jupiter.  The  entry  dispersions  are  large  com- 
pared to  the  other  missions  with  3o  dispersions  in  entry  angle  of 

б. 0°,  angle  of  attack  of.  5.6°,  and  entry  time  of  38.4  min.  For 
comparison,  the  deflection  at  50  million  km  resulted  in  disper- 
sions of  5.8°,  5.5°,  and  40.8  min,  respectively.  The  communica- 
tion parameter  dispersions  are  discussed  in  Subsection  D.4. 

/.  Entry  and  descent  Trajectories  - Table  V-39(d)  summarizes 
the  entry  and  descent  phases  of  the  mission.  The  entry  phase 
starts  at  304.6  km  above  the  1 atm  pressure  level  and  ends  at  the 
staging  of  the  aeroshell,  34  sec  later.  During  this  phase,  the 
peak  deceleration  of  1500  g is  attained.  The  descent  phase  starts 
after  staging  and  lasts  until  the  end  of  mission  at  13  bars.  The 
total  mission  time  (entry  and  descent)  is  36.1  min. 
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Table  V-39  Radiation- Compatible  Alternative  Mission  Summary 


a.  Conic  Trajectory  Data 


Interplanetary  Trajectory 

Launch  Trajectory 

Arrival  Trajectory 

Launch  Date:  11/7/79 
Arrival  Date:  9/17/81 
Flight  Time:  680  days 
Central  Angle:  155° 

Nominal  C3:  93.6  km2/sec2 

Nominal  DLA:  30.5° 

Launch  Window:  1.17  hr 

Parking  Orbit  Coast:  36  min 

C3  (10  day): 

C3  (20  day): 

Azimuth  Range:  101.7°  - 115° 

VHP:  8.474  km/sec 

RA:  161.3° 

DEC:  6.8° 

ZAE:  145.2° 

ZAP:  141.4° 

RP:  6Rj 

INC:  5° 

b.  Deflection  Maneuver  and  Probe  Conic 


Deflection  Maneuver 

Probe  Conic  Definition 

Deflection  Mode:  Probe 

Deflection  Radius:  '30  x 106  km 
Coast  Time:  35.1  days 

AV:  257  m/sec 

Application  Angle:  119° 

Out-of-Plane  Angle:  0° 

Rotation  for  Probe  Release:  85° 

Probe  Reorientation  Angle:  -53° 

Spacecraft  AV  from  Earth:  NA 

Entry  Angle:  -15° 

Entry  Latitude:  5.10 

Entry  Longitude:  98.8 

Lead  Time:  3.55  min 

Lead  Angle:  6.11° 

Probe-Spacecraft  Range  (Entry):  357,422  km 

Probe  Aspect  Angle  (Entry):  78.4° 

Probe  Aspect  Angle  (Descent):  7.3° 

Probe  Aspect  Angle  (EOM) : 10.4° 

c.  Dispersion  Analysis  Summary 


Naviation  Uncertainties 

Execution  Errors  (3o) 

Dispersions  (3a) 

Type:  Range-Doppler  167-day  arc 

SMAA:  1576  km 

SMI A:  224  km 

6:  86° 

TOF:  122  sec 

AV  Proportionality:  XX 

AV  Pointing : 2° 

Probe  Orientation  Pointing:  2° 

Entry  Angle:  6.02° 

Angle  of  Attack:  5.60° 

Down  Range:  11.46° 

Cross  Range:  2.00° 

Lead  Angle:  6.91° 

Lead  Time:  37.4  min 

Entry  Time:  38.4  min 

d.  Entry  and  Descent  Trajectory  Summary 


Entry  Parameters 

Descent  Parameters 

Critical  Events 

Time  from  Entry 

Altitudes 
above  1 atm 

Entry  Velocity,  km/sec:  60 

Entry  Altitude,  km:  304*6 

Entry  B,  slug/ft2:  0.65 

kg/m2:  102.1 

Entry  Atmosphere: 

Cool/Dense 

Max  Deceleration,  g:  1500 

Max  Dynamic  Pressure, 
lb/ft2:  2.1  x 104 

kg/m2:  1.0  x 106 

Descent  Atmosphere: 
Cool/Dense 

EOM  Pressure,  bar:  13 

Descent  B.  slug/ft2: 
slug/ft2:  0.09 

kg/m2:  14.13 

g ■ 0.1,  sec:  8.5 

Max  g,  sec:  18 

M • 0.7,  sec:  44 

Descent  Time,  min: 
35.6 

EOM,  min:  36.1 

km:  189 

km:  66.8 

km:  33.4 

km:  -57.5 
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3. 


System  Integration 


a.  Functional  Sequence  - Table  V-40  shows  the  sequence  of  events 
for  this  mission.  This  sequence  in  the  separation  and  pre-entry 
phases  is  similar  to  that:  for  the  nominal  Jupiter  probe  described 
in  Section  B.3  of  this  chapter  because  both  use  the  probe  deflec- 
tion mode.  For  the  entry  and  descent  phases,  this  sequence  is 
identical  to  that  for  the  other  alternative  Jupiter  probe  described 
in  Section  C.3  because  both  have  the  same  post-entry  and  descent 
requirements.  The  entry  arrived  uncertainty  of  38.35  min  has  a 
significant  effect  upon  this  probe  definition  because  the  pre- 
entry time  is  extended  by  this  amount  and  the  communication  geom- 
etry conditions  at  the  time  of  acquisition  (entry  - 52  min)  re- 
quires a two-position  search  in  order  to  keep  the  RF  power  within 
state-of-the-art  capabilities. 

b . Functional  Block  Diagram  - The  functional  interfaces  are  iden- 
tical to  those  for  the  nominal  Jupiter  probe,  shown  in  Figure 
V-76. 


q . System  Data  Profile  - Figure  V-114  shows  the  data  profile  for 
this  mission.  Since  the  pre-entry  antenna  is  ejected  at  43  min 
before  entry,  pre-entry  engineering  data  is  stored  for  later  trans- 
mission. Therefore,  the  descent  storage  capability  is  increased 
by  approximately  2600  bits.  It  is  noted  that  the  nominal  Jupiter 
probe  data  profile  of  Figure  V-76  did  not  eject  the  pre-entry 
antenna;  therefore,  pre-entry  storage  of  engineering  data  was  not 
required.  The  telecommunications  frequency  was  higher  than  for 
this  configuration  and  a different  type  of  antenna  was  used. 

<i.  System  Power  Profile  - Figure  V-115  shows  the  power  profile 
for  this  probe  mission.  Note  the  impact  of  the  entry  arrival 
uncertainty  on  the  pre-entry  power  requirements. 

a.  System  Weight  Summary  - Table  V-41  shows  the  probe  weight  sum- 
mary for  this  configuration*  The  ejection  weight  is  166  kg  (365 
lb)  and  the  entry  weight  is  110  kg  (243  lb).  It  is  to  be  noted 
that  this  probe  is  more  complex  than  the  alternative  Jupiter  probe 
described  in  Section  C;  however,  the  entry  weight  of  this  probe 
is  lighter.  Two  basic  reasons  account  for  this  difference: 

(1)  the  simpler  probe  is  designed  for  higher  deceleration  forces, 
and  (2)  the  simpler  probe  carries  some  service  module  components 
through  entry  instead  of  ejecting  them. 


r‘.  i <■  .//  /■  v-.i.;  fcVy/*  . ; . X'.l  :U'.or  -i 'ot'patiLix:  Jupiter 

- ^.5c 


Item 

Time 

Event 

1 

L=0 

Launch,  November  7,  1979 

2 

L+2h 

Separate  Spacecraft  from  Launch  Vehicle 

3 

L+2h  to  L+670d 

Cruise 

4 

S-6h,  0m . 0s 

Spacecraft  Power  to  Probe;  Eject  Environmental  Cover 

5 

S-5h,  47m,  0s 

Start  Probe  Checkout 

6 

S-Oh,  17m,  0s 

Probe  Checkout  Complete;  Start  Spacecraft  Orienta- 
tation  for  Release  (85°) 

7 

S-Oh , 2m,  0s 

Spacecraft  Orientation  to  85°  Complete;  Activate 
Probe  Data  Handling  System  and  Separation  Sub- 
systems 

8 

(L+644.8U)  S=0 

Separate 

9 

S+Om , 0 . 5s 

Start  Probe  Spinup  to  100  rpm 

10 

S+4m,  Os 

Probe  Spinup  to  100  rpm  Complete 

11 

S+15m,  Os 

Apply  Probe  AV  (257  m/sec)  (900  m Separation) 

12 

S+J5m,  2is 

Eject  Probe  Deflection  Motors;  Activate  Attitude 
Propulsion  Subsystem 

13 

S+15m,  31s 

Start  Probe  Precession;  Reorient  Spacecraft  to 
Earth  Lock  (-85°) 

14 

S+6h,  13m,  31s 

Turn  on  Transmitter 

15 

S+6h,  15m,  31s 

Probe  Precession  Complete  (-53°);  Start  Probe 
Acquisition 

16 

S+6h,  16m,  31s 

Acquisition  Complete;  Start  Engineering  Data  Trans- 
mission 

17 

S+6h , 26m,  31s 

Complete  Data  Transmission;  Deactivate  Probe  Systems 

18 

L+642.12d  to  L+679 . 93d 

Coast 

19 

E-lh,  23m,  51s 

Enable  Entry  Battery  Ordnance 

20 

E-lh,  3m,  51s 

Activate  Probe  Descent  Batteries  (in  aeroshell  and 
descent  probe);  Enable  Probe  Despin;  Turn  on  Data 
Handling  System,  Engineering  Instrumentation 

21 

E-54m,  21s 

Turn  "On”  Transmitter 

22 

E-52m,  21s 

Start  Probe  Acquisition  (2  position  search) 

23 

E-49m,  Is 

Complete  Probe  Acquisition;  Start  Data  Transmission 

24 

E-48m,  51s 

Start  Probe  Despin  to  5 rpm 

25 

E-43m,  51s 

Probe  Despin  Complete 

26 

E-43m,  21s 

Eject  Service  Module;  Activate  Service  Module  Deflec- 
tion Propulsion;  Stop  Transmission 

27 

E-42m,  35s 

Turn  on  Science  Instruments 

28 

E=0 

Entry  (305  km  above  1 atm;  3 x 10”7  bar) 

29 

E+Om,  8.5s 

Start  Recording  Accelerometer  Data  (O.lg  sensing) 

30 

E+Om,  14.7s 

Initiate  Probe  Descent  Program  (100  g sensing) 

31 

E+Om , 38 . 2s 

Eject  Base  Cover  Quadrants  (Mach  0.8) 

32 

E+Om,  44s 

Deploy  Main  Parachute  (Mach  0.7,  ^0.092  bar) 

33 

E+Om,  54s 

Release  Descent  Probe  from  Entry  Probe  (switch  probe 
antenna);  Probe  Transmitter  "On";  Start  Probe  Ac- 
quisition 

34 

E+Om , 56s 

Deploy  Temperature  Gage;  Release  Mass  Spectrometer 
Covers 

35 

E+2m,  34s 

Probe  Acquisition  Complete;  Start  Data  Transmission 

36 

E+36m,  14s 

End  of  Design  Mission  (V13  bar) 

37 

(L+680d)  E+15m , 41s 

Spacecraft  Periapsis  |6  R^J  ; September  17,  1981 

Includes  38.35-min  trajectory  uncertainty  and  is  based  on  a descent  ballistic  coef- 
ficient of  0.09  slugs/ft2. 
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Power,  watt  ^ Data,  bits  x 1000 


Pre-Entry 

Phase 


76,728 


End  of  Design  Mission  13  Bar 


4 


Table  V-41  Weight  Swmai'y  for  Spacecraft-Radiation-Compatible 
Jupiter  Mission 


PROBE  BREAKDOWN 

WEIGHT 

kg.  lb 

Science 

8.06 

17.80 

Power  and  Power  Conditioning 

6.67 

14.70 

Cabling 

5.67 

12.50 

i; 

't 

Data  Handling 

2.59 

5.70 

‘I 

Attitude  Control  (dry) 

10.26 

22.60 

'i 

t 

Communications 

5.96 

12.70 

Pyrotechnics 

6.31 

13.91 

Structure  and  Heat  Shield 

64.22 

141.59 

Mechanisms 

7.98 

17.60 

Thermal 

7.44 

16.40 

Propulsion  (dry) 

4.22 

9,30 

Propellant 

14.79 

32.60 

15%  Margin 

21.60 

47.61 

. ; 

Ejected  Weight 

165.57 

365.02 

Entry  Weight 

110.27 

243.12 

i 

Descent  Weight  (final) 

46.67 

102.91 

i 

4.  Telecommunications  Subsystem 


The  point  design  for  a 6 Rj  mission  performed  during  the  paramet- 
ric studies  and  described  in  Section  A of  this  chapter  was  used 
as  a basis  for  the  spacecraft-radiation-compatible  mission.  The 
trajectory  is  identical  in  Rp,  R£j,  y^,  and  latitude  to  point  de- 
sign 8,  described  in  Table  V-3.  The  descent  depth  has  been  raised 
to  13  bars  in  lieu  of  30  bars  in  the  previous  case,  and  the  bit 
rate  is  increased  to  30  bps. 

Probe  dispersions  are  similar  to  the  dispersions  for  point  design 
8 as  shown  in  Figure  V-14.  A 20s  spacecraft  antenna  and  a descent 
antenna  with  a 120°  beamwidth  were  selected;  resulting  in  55  W of 
power  required  at  0.86  GHz.  The  operating  frequency  was  lowered 
slightly  from  1 GHz  because  of  hardware  availability  in  1975  at 
0.86  GHz  for  the  ATS  program,  as  discussed  in  detail  in  Chapter 
IX,  Section  A. 


rarameters  of  the  RF  link  are  depicted  in  Table  V-42  for  the  radi- 
ation compatible  Jupiter  mission  at  0.86  GHz.  Maximum  transmitter 
power  is  required  at  mission  completion*  Table  V-42A  depicts  de- 
sign details  of  the  RF  components  that  comprise  the  telecommuni- 
cation subsystem.  Design  requirements  of  the  components  are  dis- 
cussed in  detail  in  Section  A. 4 of  this  chapter.  RF  power  of  55 
W is  required  at  0.86  GHz  with  a bit  rate  of  30  bps  using  binary 
FSK  with  a tracking  tone.  A mechanical  switch  is  used  at  this 
power  level.  The  entry  antenna  is  an  annular  slot  which  is  mounted 
on  the  service  module  under  the  deflection  motor.  The  decent  an- 
tenna is  a turnstile  over  a cone  design  which  is  mounted  on  the 
aft  bulkhead  of  the  descent  probe.  The  spacecraft  antenna  is  a 
parabolic  dish  with  right-hand  circular  polarization  and  a 20° 
beamwidth.  A two-position  sector  search  technique  is  required, 
as  discussed  for  point  design  8 in  Section  A. 4 of  this  chapter. 

A fixed  antenna  on  the  spacecraft  without  any  position  and  fre- 
quency search,  requires  a beamwidth  of  35°  and  would  raise  the 
RF  power  to  over  300  W. 

Toward  the  end  of  the  program,  discussion  with  JPL  (Dr.  J.  Smith) 
on  the  Jupiter  magnetosphere  model  resulted  in  additional  analysis 
to  determine  noise  temperature  variations  for  the  missions.  As 
discussed  in  Volume  III,  Appendix  B,  the  JPL  magnetosphere  model 
for  synchrotron  noise  is  dependent  upon  the  distance,  d,  within 
the  model  for  a fixed  frequency.  The  worst-case  noise  temperature 
appears  to  occur  when  both  the  magnetosphere  and  planet  disk  are 
within  portions  of  the  antenna  beam.  Since  the  synchrotron  noise 
is  the  higher  source,  it  is  possible  that  the  system  noise  tempera- 
ture could  be  higher  during  probe  acquisition  instead  of  at  entry 
when  the  disk  is  also  within  the  spacecraft  antenna  3-dB  beam. 

The  possibility  of  occurrence  is  dependent  upon  the  trajectory 
geometry.  Therefore,  an  analysis  was  performed  of  the  two  alter- 
native Jupiter  probe  missions  to  determine  system  noise  tempera- 
ture variations  during  the  mission. 

The  computer  program  that  calculates  RF  link  parameters  uses  a 
constant  value  for  the  system  noise  temperature  for  each  frequency. 
A variable  temperature  with  time  cannot  be  input  into  the  program* 
The  purpose  of  the  analysis  was  to  determine  the  effect  of  varia- 
ble temperatures  on  RF  signal  margin. 
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Table  V-42  Probe  Telemetry  Link  Design 3 Spacecraft-Radiation-Compatible  Jupiter  Mission 


Parameter 

Unit 

Nominal 

Value 

Adverse 

Tolerance 

Remarks 

Total  Transmitter  Power 

dBW 

17.4 

0.0 

55  W 

Transmitting  Circuit  Loss 

dB 

-0.3 

0.2 

Transmitting  Antenna  Gain 

dB 

4.9 

1.8 

120*  Beamvidth 

Communications  Range  Loss 

dB 

-202.3 

1.0 

3.6xl05  km 

Planet  Atmos  & Defocus  Loss 

dB 

-0.7 

0.2 

Cool/Dense,  13  bars 

Polarization  Loss 

dB 

0.0 

0.2 

Antenna  Pattern  Ripple  Loss 

dB 

0.0 

0.2 

Receiving  Antenna  Gain 

dB 

18.7 

3.0 

20*  Eeamwidth 

Receiving  Circuit  Loss 

dB 

-0.2 

0.2 

Net  Circuit  Loss,  l (2  9) 

dB 

-179.9 

6.8 

Total  Received  Power  (1  + 10) 

dBW 

-162.5 

6.8 

Receiver  Noise  Spectral  Density 

dBW 

-196.9 

0.5 

T - 1469*K 
8 

NF  - 7.82  dB 

8 

Tracking  Tone 

Tone  Power/Total  Power 

dB 

-5.2 

0 

Received  Tone  Power  (11+13) 

dBW 

-167.7 

6.8 

Tracking  Threshold  Bandwidth 

dB 

11.8 

0 

Bandwidth  ■ 15  Hz 

Threshold  SNR 

dB 

10.0 

0 

Threshold  Tracking  Power  (12+15+16) 

dBW 

-175.1 

0.5 

Tracking  Performance  Margin  (14-17) 

dB 

7.4 

7.3 

Data  Channel 

Data  Power/Total  Power 

dB 

-1.5 

0 

Radio  System  Processing  Loss 

dB 

-1.0 

0 

Fading  Loss 

dB 

-1.0 

0 

Received  Data  Power  (11+1 9+2 Of 21) 

dBW 

-166.0 

6.8 

Data  Bit  Rate 

dB 

14.8 

0 

Threshold  E^/^ 

dB 

8.9 

0 

Threshold  Data  Power  (12+23+24) 

dBW  j 

-173.2 

0.5 

Performance  Margin  (22-25) 

dB 

7.2 

7.3 

Nominal  Leas  Adverse  Value  (26-26  adv) 

dB 

0.0 

CONDITIONS;  X.  Worst-Case  (BOH)  Cond-tions  at  0.86  GHz 

2.  Codad  Noncoherent  System  with  Viterbi  Decoding 

3.  Convolutional  Encoder,  M«2,  V-2,  Q"8 

4.  BER  ■ 5x10“ 5 for  Binary  FSK  with  K«8  coda 

5.  Spacecraft  Antenna  in  2-position  aaarch 

6.  EOH  Probe  aspect  Angle  la  10.5* 
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the  Spaoeor  a f t- Radiation-Compatible 


# 


Frequency:  0.86 

GHz  Bit  Rate:  30  bps 

UNIT 

VALUE 

W 

55 

% 

45 

w 

122 

kg 

2.72 

lb 

6.0 

Mechanical 

dB 

0.3 

kg 

0.45 

lb 

1.0 

Annular  Slot 

deg 

85 

deg 

40 

dB 

5.2 

cm 

43 

in. 

17 

kg 

2.1 

lb 

4.7 

Turns tile/ Cone 

deg 

0 

deg 

120 

dB 

5.0 

cm 

20.3  x 7.5 

In. 

8x3 

kg 

0.45 

lb 

1.0 

Parabolic  Dish 

deg 

20 

dB 

18.3 

cm 

128 

in. 

50.5 

kg 

4.54 

lb 

10.0 

No 

2 

sec 

50  (at  each  position 

deg 

103 

deg 

59  and  79 

•K 

300 

dB 

3.1 

V 

3.0 

kg 

0.9 

lb 

2.0 
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Trajectory  geometry  for  the  6 Rj  mission  is  shown  in  Figure  V-11C. 

Magnetosphere  distance  is  shown  for  selected  times.  At  icquisi- 
tion  (E-lh) , only  synchrotron  noise  is  present.  At  E-0.5h,  d is 
the  largest  without  the  planet  limb  being  visible  within  the  20- 
deg  spacecraft  antenna  pattern.  At  E-l/3h,  the  planet  limb  enters 
the  spacecraft  antenna  pattern  and  maximum  synchrontron  model 
depth,  d,  occurs.  At  E-l/4h,  the  planet  disk  fills  a major  por- 
tion of  the  antenna  pattern  and  d has  decreased.  From  entry  to 
the  end  of  mission,  the  disk  is  totally  within  the  antenna  oattern 
and  d is  constant,  as  seen  in  the  tabulation  in  Figure  V-lij.  The 
angular  apparent  diameter,  is  also  given  in  the  figure  to  re- 
late the  amount  of  planet  disk  included  in  the  3-d.*i  beamwidth  of 
the  spacecraft  antenna.  It  is  only  coincidental  that  the  space- 
craft antenna  beamwidth  is  equal  to  the  angle  subtended  by  the 
planet.  Spacecraft  antenna  beamwidth  is  determined  by  relative 
probe  position  dispersions  from  acquisition  to  mission  completion. 


The  spacecraft  parabolic  dish  antenna  has  an  axial  pattern  v.lth  a 
sin  u/n  distribution  about  the  pattern  axis.  For  acquisition 
when  o..ly  the  magnetosphere  is  viewed  by  the  antenna,  Equation 
[D-l]  is  used  with  di  shown  in  Figure  V-117.  Equation  [D-l]  re- 
lates the  maximum  synchrotron  temperature.  For  partial  planet 
intercept  with  the  limb  intersecting  the  3-dB  antenna  pattern, 
the  disk  and  magnetosphere  temperatures  are  proportiOi.il  to  the 
solid  angle  ratio  as  seen  in  Figure  V-117.  With  the  planet  com- 
pletely in  the  background  of  the  antenna,  the  total  noise  temper- 
ature is  the  sum  of  a constant  disk  temperature  and  a magnetosphere 
noise  that  is  a function  of  dt,  as  seen  in  Figure  V-117.  Thus,  we 
have  the  following  relationships  to  describe  antenna  noise  tem- 
peratures from  two  independent  noise  sources,  one  being  range  de- 
pendent with  distance  , d,  measured  in  Rjt 


a.  No  Disk  Intersection  (synchrotron  noise  only) 


x m x 

A BS 


0.45  Dj 

R, 


Cd, 


[D-l] 


b.  Partial  Planet  Intersection  (disk  and  synchrotron  noise ) 


Ta  - C(d2  + d3) 


ID-2] 
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c.  Total  Intersection  (planet  in  background) 


ta  a Cd«  + tbd 


where 


[D-3] 


C = brightness  temperature  constant  for  fixed  frequency  (X  - con- 
stant) , = 0.45  a2 

d ■ path  length,  in  R, , defined  in  Figure  V-117 

j 

= antenna  pattern  solid  angle,  rad2  = (3-dB  beamwidth,  rad)2 

ft.  = portion  of  solid  angle  from  planet  limb,  see  Figure  V-117, 
rad2 

Results  of  using  Equations  [D— 1 ] through  [D-3]  for  the  mission, 
as  depicted  in  Figure  V-116,  are  shown  in  Figure  V-118  for  1 GHz. 
The  antenna  temperature  peaks  at  E-l/2h  when  di  is  maximum  without 
any  of  the  antenna  pattern  being  intersected  by  the  planet  limb. 
Synchrotron  noise  decreases  and  disk  noise  increases  as  entry  is 
approached.  At  entry,  the  full  planet  disk  is  in  view  by  the 
spacecraft  antenna.  Distance  d^  increases  only  slightly  from  en- 
try to  mission  completion.  At  1 GHz,  the  receiver  noise  tempera- 
ture (Figure  V-ll)  is  302°K.  System  noise  temperature,  as  re- 
quired by  the  RF  link  program  is  the  sum  of  the  variable  antenna 
temperature  and  receiver  front-end  temperature.  As  mentioned 
previously,  the  computer  program  only  accepts  a constant  systems 
noise  temperature  for  computation  of  receiver  noise  spectral  den- 
sity. The  value  used  at  1 GHz  for  the  mission  was  1280°K.  The 
scale  on  the  right  of  Figure  V-118  relates  the  relative  systems 
noise  temperature  difference  with  1280°K  as  a reference. 

In  conclusion,  a detailed  analysis  to  determine  the  actual  antenna 
noise  temperature  variation  with  mission  time  should  be  performed 
for  planets  with  a magnetosphere  that  has  a high  noise  temperature 
in  the  UHF  region.  As  seen  in  Figure  V-118,  significant  errors 
exist  if  a constant  value  is  used  for  missions  with  variable  peri- 
apsis.  The  values  used  for  d in  Equations  [Drl]  and  [D-3]  are 
dependent  on  whether  the  spacecraft  intersects  the  magnetosphere 
model  or  not.  A constant  temperature  at  a fixed  frequency  should 
not  be  used  for  a mission  if  the  RF  power  required  is  close  to  the 
upper  power  limit.  As  seen  for  the  mission  used  in  Figure  V-118, 
the  systems  noise  temperature  is  2.7  dB  higher  before  entry  than 
the  value  used  to  calculate  the  RF  I'lk.  The  RF  power  required  at 
acquisition  is  61  W caused  by  aspect  angle  and  the  low  gain  pre- 
entry antenna. 
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Noise  Temperature 


Relative  Systems  Noise  Temperature,  dB 


The  mission  is  designed  with  a constant  system  noise  temperature 
of  1280°K  and  a total  RF  power  of  55  W,  based  upon  end-of-mission 
conditions.  The  effects  of  increased  noise  temperature,  as  seen 
in  Figure  V-118,  increases  the  RF  link  power  at  E-30m  to  1.86 
(2.7  dB)  times  61  W or  114  W.  Since  only  55  W is  available,  the 
signal  margin  is  -3.2  dB  at  E-30m,  due  primarily  to  increased  an- 
tenna noise  temperature  and  probe  aspect  angle. 

The  RF  power  level  of  55  W at  0.86  GHz  is  approaching  the  pro- 
jected 1975  state-of-the-art  upper  limit  for  deep  space  transmit- 
ters. Therefore,  it  is  impractical  to  design  the  mission  for  the 
severe  pre-entry  conditions.  The  systems  advantages  of  having 
pre-entry  communications  must  be  weighed  against  the  large  entry 
antenna  size  and  weight  and  the  fact  that  data  will  be  lost  during 
random  time  intervals  of  pre-entry  when  the  link  margin  is  driven 
below  zero  by  the  increased  system  noise  temperature. 

5.  Data  Handling  Subsystem 

The  configuration  and  functions  of  the  data  handling  subsystem 
are  unchanged  from  the  design  of  the  nominal  Jupiter  probe,  with 
the  exception  of  minor  modifications  of  sequence  and  format. 

(See  Sections  A. 5 and  B.5  of  this  chapter  and  Vol  III,  Appendix  H.) 

6.  Power  and  Pyrotechnic  Subsystems 

The  configuration  of  the  power  and  pyrotechnic  subsystems  is  un- 
changed from  the  nominal  Jupiter  probe  with  the  exception  of  bat- 
tery size  and  weight.  (See  Sections  A. 6 and  B.6  of  this  chapter 
and  Vol  III,  Appendix  G.)  These  physical  characteristics  are: 


Ag-Zn 

Post-separation  Battery 

6.9  lb 

94  in.3 

Ag-Zn 

Entry  Battery 

6.4  lb 

87  in.3 

Hg-Zn 

Pyrotechnic  Battery 

0.9  lb 

1.0x0. 5x3  in. 

The  remotely  activated  Ag-Zn  batteries  are  based  on  power  consump- 
tion for  this  mission.  The  change  in  the  dimensions  of  the  Hg-Zn 
battery  is  based  on  later  catalog  information  than  was  available 
di  ~ing  nominal  Jupiter  probe  definition. 


Attitude  Control  Subsystem  - Electronics 


The  electronics  configuration  and  functions  for  this  subsystexr 
are  unchanged  from  the  nominal  Jupiter  probe  design.  (See  Sec- 
tions A. 7 and  B.7  of  this  chapter  and  Vol  III,  Appendix  F.) 

Structures  and  Mechanical  Subsystem 

The  spacecraft-radiation-compatible  Jupiter  probe  is  very  similar 
in  appearance  and  arrangement  to  that  of  the  nominal  Jupiter  probe. 
This  probe,  like  the  nominal  Jupiter  probe,  provides  its  own  de- 
flection maneuver  to  place  the  probe  on  the  proper  entry  trajec- 
tory. Thus,  it  has  a full  complement  of  propulsion  system  compo- 
nents. Like  the  probe-dedicated  mission  probe,  only  a single 
parachute  is  used  for  descent  into  the  Jovian  atmosphere. 

a.  Configuration  and  General  Arrangement  - The  configuration  of 
the  probe  for  the  spacecraft-radiation-compatible  Jupiter  mission 
is  shown  in  Figure  V-119.  The  ejected  configuration  has  a conical 
nose  cone  of  60°  half  angle  with  maximum  diameter  of  0.954  meters 
(37.6  in.),  and  weight  165.57  kg  (365.02  lbm) , The  descent  probe 
is  0.47  meters  (18.5  in.)  in  diameter  and  0.463  meters  (18.2  in.) 
long.  It  weighs  46.67  kg  (102.91  lbm).  The  descent  probe  contains 
all  of  the  scientific  instruments  and  supporting  electronics  and 
electrical  gear,  all  mounted  on  a circular  equipment  deck.  The 
scientific  instrument  complement  is  identical  to  that  of  the  probe- 
dedicated  mission;  however,  mission  requirements  result  in  differ- 
ent support  electrical  weight. 

The  entry  ballistic  coefficient,  which  sizes  the  aeroshell/heat 
shield  assembly,  is  102  kg/m2  (0.65  slug/ft2).  The  ballistic  co- 
efficient, which  sizes  the  descent  probe  parachute  size,  is  14.1 
kg/m2  (0.09  slug/ft2).  The  probe  has  a service  module  to  provide 
the  spin-despin-precess  maneuver  and  provides  a cold  gas  propellant 
supply  adequate  to  spin  to  10.45  rad/sec  (100  rpm) , precess  through 
a 0.94  rad  (53.5°)  angle,  and  despin  to  0.52  rad/sec  (5  rpm),  as 
well  as  deflect  the  service  module  at  jettisoning.  The  service 
module  is  jettisoned  just  shortly  before  planetary  entry. 

Shortly  after  jettisoning  the  service  module,  the  probe  enters  the 
Jovian  atmosphere.  The  planetary  entry  capsule  basically  consists 
of  the  descent  probe  surrounded  by  the  fore  and  aft  heat  shield. 

The  forward  heat  shield  assembly,  in  turn,  consists  of  a Titanium 
structural  aeroshell  capped  with  a graphite  heat  shield,  and  con- 
taining additional  hardware  needed  for  entry.  The  aft  heat  shield 
consists  merely  of  an  aft  structural  shell  coated  externally  with 
ESA  55QQM3  ablator,  and  a pyrotechnic  system  for  its  ejection. 


a 
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After  high  entry  heating  and  deceleration  loadings  have  passed, 
the  aft  heat  shield  is  opened  and  the  four  quadrants,  their  at- 
tachment hardware  and  thrusters  are  ejected  to  permit  parachute 
deployment.  The  parachute  is  deployed  at  approximately  Mach  0.7 
by  means  of  a pyrotechnic  mortar,  providing  both  the  deceleration 
to  separate  the  descent  probe  from  the  heat  shield,  and  the  desired 
descent  rate  into  the  Jovian  atmosphere.  The  interior  of  the  de- 
scent probe  is  lined  with  a layer  of  lightweight  thermal  insula- 
tion 0.019  meter  (0.75  in.)  thick.  This  provides  protection 
against  heat  loss  during  descent  into  the  Jovian  atmosphere. 

Basically,  the  probe  configuration  and  events  are  identical  to 
those  of  the  nominal  Jupiter  probe. 

b.  Structural  Design  - The  structure  of  the  probe  is  governed  by 
entry  angle  of  20°  at  a latitude  of  5°,  resulting  in  an  entry 
deceleration  of  1500  g.  The  peak  entry  dynamic  pressure  is 
approximately  1.13  x 106  N/m2  (23,500  psf),  and  this  value  converts 
to  a local  pressure  normal  to  the  nose  cone  of  approximately  1,56 
x 106  N/m2  (225  psi) . The  descent  probe  and  aeroshell  base  cover 
structural  weight  is  governed  by  the  1500  g deceleration,  while 
the  aeroshell  Itself  is  designed  by  normal  pressure  on  the  nose 
cone.  The  descent  probe  and  aeroshell  base  cover  are  designed 
to  high  strength  7075-T6  aluminum,  while  the  aeroshell  is  de- 
signed of  6A1-4V  titanium  alloy.  An  aluminum  aeroshell  would  be 
slightly  lighter;  however,  the  thermal  transient  time  phasing  of 
aeroshell  temperature  as  compared  with  peak  load  has  not  been 
completely  resolved;  until  this  is  resolved  by  refined  analysis, 
the  backface  temperature  of  the  heat  shield  is  assumed  to  be  too 
high  for  aluminum  design.  The  aeroshell  for  this  probe  and  that 
for  the  probe-dedicated  mission  are  designed  to  this  criteria. 

The  type  of  structural  design  is  common  for  all  Jupiter  probes; 
i.e.,  the  aeroshell  is  ring-frame  stiffened  monocoque.  The  de«- 
scent  probe  uses  a multilongeron  stiffened  cylinder  for  basic  load 
transfer.  The  equipment  deck  is  a machined,  thick  disk  with  a 
residual  network  of  intersecting  beams  for  equipment  support.  The 
base  cover  is  a simple  stiffened  shell  since  it  supports  only  its 
own  inertial  loads  plus  those  of  the  base  cover  ablator.  The 
service  module  is  a ring  frame  stiffened  fiberglass  shell,  which 
encounters  only  launch  loads  plus  some  lesser  deflection  maneuver 
loads. 


V-245 


c.  Parachute  Assembly  - A single  parachute  provides  the  force  for 
separating  the  descent  probe  from  the  aeroshell,  and  the  proper 
descent  ballistic  coefficient  for  planetary  descent.  A ballistic 
coefficient  of  14.1  kg/m2  (0,09  slug/ft2)  selected  for  this  probe 
combined  with  a probe  descent  weight  of  46.7  kg  (102,91  lbm)  re*> 
suits  in  a parachute  size  roughly  the  same  as  that  for  the  probes 
dedicated  mission,  approximately  2.74  m (9,0  ft),  This  parachute 
is  a disc-gap-band  configuration.  It  is  programmed  to  open  at 
Mach  0.7  at  approximately  0.092  bar  pressure.  It  is  deployed  by 

a pyrotechnic  mortar. 

d.  Heat  Shield  - An  entry  ballistic  coefficient  of  100  kg/m2 
(0.65  slug/ft2)  has  been  selected  for  entry  of  the  nominal  Jupiter 
probe  into  the  Jovian  atmosphere.  This  coefficient,  combined 
with  a 20°  entry  angle  at  5°  latitude,  results  in  a planetary 
deceleration  producing  the  desired  conditions  for  staging  of  the 
descent  probe  from  the  heat  shield/aeroshell.  These  resulting 
conditions  at  staging  are  Mach  0.7  at  approximately  92  mb  pressure. 
Using  data  from  Figure  V-35,  the  mass  fraction  of  the  heat*  shield 
including  a 2-cm  (0.79-in.)  carbonaceous  backface  insulator  is 
shown  to  be  0.317.  This  value  takes  into  account  a correction 
factor  of  0.88,  for  the  probe  diameter  of  0.94  meters  (37  in.), 
and  a latitude  correction  factor  of  1,01,  Thus,  for  a probe 
weight  of  110.3  kg  (2.13.12  lbm)  at  entry,  the  resulting  heat 
shield  weight  is  30.5  kg  67.20  lbm).  Of  the  weight,  23,1  kg 
(51.0  lbm)  is  lost  during  entry. 

The  heating  for  the  base  cover  is  estimated  based  on  a heating 
pulse  of  2%  of  the  nose  cone  heating.  For  a 20°  entry  angle,  the 
total  heating  pulse  is  of  the  order  of  18.4  MJ/m2  (1620  Btu/ft2), 
and  a heating  pulse  time  of  approximately  8 sec.  This  heating 
pulse  requires  3.2  kg/m2  (0.65  lbm/ft2)  of  ESA  5500M3  ablator  to 
protect  the  base  cover. 

e.  Mass  Properties  - The  weight  tabulation  for  the  components  of 
the  spacecraft-radiation-compatible  probe  is  shown  in  Table  V-43. 

In  reviewing  these  weights  and  comparing  them  with  the  weights  data 
for  the  probe-dedicated  mission,  it  is  interesting  to  note  that 
for  this  mission,  the  probe  at  separation,  and  again  at  planetary 
descent,  is  heavier  than  for  the  probe-dedicated  mission;  however, 
for  planetary  entry  configuration,  the  situation  is  reversed.  The 
probe-dedicated  probe  is  heavier  at  entry  due  to  two  factors:  (1) 

for  the  radiation-compatible  mission  the  heat  shield  mass  fraction 
is  0.317  compared  to  0.350  for  the  probe-dedicated  mission  at  0.52 
rad  (304)  latitude  entry;  (2)  the  probe-dedicated  mission  has  no  ser- 
vice module,  and  that  probe  carries  through  entry  the  following  com- 
ponents which  are  jettisoned  in  the  case  of  the  spacecraft-radiation- 
compatible  mission  probe — ACS  system  and  electronics,  Accutron  timer, 
external  base  cover  Insulation  blanket,  separation  battery,  pre-entry 
antenna,  and  nutation  damper.  These  factors  combined  increase  both 
the  size  and  weight  of  the  spacecraft-radiation-compatible  probe  for 
entry. 
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Table  V-43  Weight  Breakdown  for  Spacearaft-Ratiation-Compatible  Jupiter  Probe 


Weight 

Kg 


Science 

Temperature  Gauge 
Pressure  Transducer 
Accelerometer  Sensor 

Converter 

NeuLral  Mass  Spectrometer  Analyzer 
Electronics 
Pump 

Ballast  Tank 


Power  and  Power  Conditioning 
Power  Conditioner 
Power  Distribution  Box 
Power  Filters 
Entry  Batteries 
Post  Separation  Batteries 

Cabling 

Inner  Probe 
External  Structure 


Data  Handling 
Memory  Bank 


Attitude  Control  System  (less  propellant) 
Sun  Sensor 
Planet  Sensur 

ACS  System  & Tanks  (3  tanks  8 in.  diam) 
Nutation  Damper 
Accutron  Timer 
ACS  Electronics 


Communications 

Pre-Entry  Antenna 
Post-Entry  Antenna 
RF  Transmitter 
RJ  Switch 


0.45 

1.00 

0.68 

1.50 

0.59 

1.30 

0.91 

2.00 

1.81 

4.00 

2.72 

6.00 

0.45 

1.00 

0.45 

1.00 

8.06 

17.80 

0.91 

2.00 

0.45 

0.45 

1.00 

3.08 

6.80 

1.77 

3.91 

6.67 

14.70 

3.18 

2.49 

mmE/S. 1 

5.67 

12.50 

2.14 

4.7 

0.45 

2.59 

5.7 

1.59 

3.5 

0.91 

2.0 

5.17 

11.4 

1.09 

2.4 

0.14 

0.3 

1.36 

NiiaEKl 

10.26 

22.6 

2.13 

4.7 

0,45 

2.73 

6.0 

0.45 

1.0 

5.96 

12.7 

Pyrotechnic  Subsystem 
Pyro  Electronics 
Pyro  Capacitors  (Probe) 

Pyro  Capacitors  (External) 

Pyro  Relays  (Probe) 

Pyro  Relays  (External) 

Pyro  Squibs 

Pyro  Thrusters  at  (.25  lb  each) 
Mercury  Zinc  Battery 


0.91 

0.27 

0.56 

0.78 

2.22 

0.71 

0.45 

0.41 


2.00 
0.6 
1.25 
1.7 
4.9 
1.56 
1. 
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Table  V-4Z  (com) 


Structures  and  Heat  Shields 
Descent  Probe  Structure 
Equipment  Support  Deck 
base  Cover 

Service  Module  Structures 
Aeroshell  (2  lb  for  payload  ring) 

Forward  Heat  Shield  (51  lb  ablated  during  entry) 
Aft  Heat  Shield  (4  lb  ablated  during  entry) 
Deflection  Motor  Support 

Mechanisms 

Separation  Spring  Cartridges  (at  0.37  lb) 
Separation  Nuts  (at  0.23  lb) 

Pin  Puller  (at  0.3  lb) 

Latches  & Bands 
Main  Parachute 


Thermal 

External  Insulation  Blanket  (forward  heat  shield) 
External  Insulation  Blanket  (base  cover) 

Probe  Hull  Insulation  (internal) 

Isotope  Heaters 

Propulsion 

Deflection  Motor  Cases 
Deflection  Motor  Propellant 
ACS  Propellant 


Total 

15%  Contingency 


Items  Deployed  for  Despin  Weight 
Deflection  Motor  Supports 
Separation  Spring  Cartridges 
Separation  Nuts 
A V Motor  Cases 
Propellant 

15%  Contingency 

(365.02  - 54.6  - 310.42  lb) 

165.57  - 24.77  - 140.80  kg 


5.09 

11.2 

5.07 

11.15 

4.47 

9.85 

5.35 

11.8 

9.86 

21.75 

30.48 

67.2 

2.09 

4.64 

1.81 

4.0 

64.22 

141.59 

1.22 

2.70 

0.77 

1.7 

0.82 

1.8 

0.91 

2.0 

4.26 

9.4 

7.98 

17.60 

1.77 

3.9 

2.27 

5.0 

1.59 

3.5 

1.81 

4.0 

7.44 

16.4 

4,22 

9.3 

13.29 

29.3 

1.50 

3.3 

19.01 

41.9 

143.97 

317.41 

21.60 

47.61 

165.57 

365.02 

1.81 

4.0 

0.41 

0.9 

0.32 

0.7 

4.22 

9.3 

14.79 

32.6 

21.55 

47.5 

3.22 

7.1 

24.77 

54.6 

reproducibility  of 


Table  V-42  (eonel) 


Kg 

Weight 

Lb 

Entry  Weight 

External  Cabling 

2.49 

5.5 

Sun  Sensor 

1.59 

3.5 

Planet  Sensor 

0.91 

2.0 

ACS  System  (including  tanks) 

5.17 

11.4 

Nutation  Damper 

1.09 

2.4 

Accutron  Timer 

0.14 

0.3 

Pyro  Capacitors 

0.32 

0.7 

Pyro  Relays 

1.13 

2.5 

Service  Module  Structure 

5.35 

11.8 

Separation  Spring  Cartridge 

0.41 

0.9 

Separation  Pin  Pullers 

o./i 

0.9 

External  Base  Cover  Insulation  Blanket 

2.27 

5.0 

Separation  Battery 

1.77 

3.9 

ACS  Electronics 

1.36 

3.0 

Pre  Entry  Antenna 

2.13 

4.7 

26.54 

58.5 

15%  Contingency 

3.99 

8.8 

(310.42  - 67.3  - 243.12  lb) 

30.53 

67.3 

140.80  - 30.53  « 110.27  kg 
Post  Entry  Weight 

Forward  Heat  Shield  Ablated 

23.59 

52.0 

Aft  Heat  Shield  Ablated 

1.81 

4.0 

Insulation  Blanket  (forward  heat  shield) 

1.77 

3.9 

27.17 

59.9 

15%  Contingency 

4.08 

8.99 

(243.12  - 68.89  - 174.23  lb) 

31.25 

68.89 

110.27  - 31.25  - 79.02  kg 
Weight  on  Parachute  (initially) 

Base  Cover  Quadrants 

4.47 

9.85 

Base  Cover  Heat  Shield  (not  ablated) 

0.36 

0.8 

Separation  Pin  Pullers 

0.41 

0.9 

Separation  Nuts 

0.23 

0.5 

Isotope  Heaters 

0.91 

2.0 

Pyro  Thrusters 

0.45 

1.0 

6.83 

15.05 

15%  Contingency 

1.03 

2.28 

(174.23  - 17.33  - 156.90  lb) 

7.86 

17.33 

79.02  - 7.86  - 71.16  kg 
Weight  on  Parachute  (final) 

Pyro  Capacitors 

0.27 

0.6 

Pyro  Relays 

1.09 

2.4 

Pyro  Squibs 

0.73 

1.6 

Aero  Shell 

9.86 

21.75 

Forward  Heat  Shield  (not  ablated) 

6.89 

15.2 

Spring  Cartridges 

0.41 

0.9 

Separation  Nuts 

0.23 

0.5 

Latches  & Band 

0.91 

2.00 

'sotope  Heaters 

0.91 

2.00 

21.30 

46.95 

15%  Contingency 

3.19 

7.04 

(156.90  - 53.99  - 102.91  lb) 

24.49 

53.99 

71.16  - 24.49  - 46.67  kg 
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It  is  noted  in  Table  V-43  that  component  weights  are  grouped  in 
categories,  and  a 15%  contingency  factor  is  added  for  arriving  at 
the  total  weight  to  account  for  growth.  The  weight  thus  achieved 
is  reduced  sequentially  in  the  remainder  of  the  table  to  provide 
weight  data  for  the  different  phases  of  the  mission,  from  space- 
craft separation  to  entry  and  descent. 

9 . Propulsion  Subsystem 

The  propulsion  subsystem  for  the  probe  is  almost  identical  to  that 
for  the  nominal  Jupiter  probe  except  for  the  required  deflection 
maneuver  delta  velocity  requirement,  which  requires  a somewhat 
different  size  motor.  This  mission  requires  a deflection  maneuver 
of  256.5  m/sec  (842  fps)  as  compared  with  a requirement  of  221 
m/sec  (725  fps)  for  the  nominal  Jupiter  probe. 

a.  Deflection  Motor  System  - A spherical  solid  propellant  rocket 
motor  is  provided  for  the  probe.  This  motor  uses  an  aluminized 
solid  propellant  (described  as  the  baseline  propellant  in  Appendix 
M)  and  has  a dual  nozzle  configuration  to  avoid  the  problem  of  ex- 
haust impingement  on  the  carrier  spacecraft  at  separation.  The 
motor  is  ignited  after  the  probe  has  coasted  away  from  the  space- 
craft for  900  sec,  with  a relative  separation  velocity  of  approxi- 
mately 1 m/sec  (3  fps),  for  a separation  distance  somewhat  less 
than  1 km. 

The  functional  requirement  for  the  motor  is  provision  of  deflec- 
tion delta  velocity  of  256.5  m/sec  (842  fps)  to  a probe  weighing 
148  kg  (326.4  lbm),  not  including  the  weight  of  the  motor.  Using 
a theoretical  specific  impulse,  I , of  287  sec,  the  necessary 

weight  of  propellant  to  provide  the  delta  velocity  is  12.4  kg 
(27.4  lbm) . This  value  is  divided  by  a propellant  mass  fraction 
of  0.80,  and  a thrust  vectorial  loss  coefficient  of  0.924  (cos 
22^°)  for  the  .dual  nozzles  to  give  the  total  loaded  motor  weight 
of  17.5  kg  (38.6  lbm).  This  weight  also  includes  a weight  penalty, 
above  and  beyond  the  mass  fraction,  of  0.68  kg  (1.5  lbm)  to  account 
for  the  extra  nozzle.  The  configuration  of  the  deflection  motor 
is  similar  to  that  shown  in  Section  B.9  of  this  chapter. 

b.  Attitude  Control  Subsystem  - The  attitude  control  subsystem 
provides  for  spinning  the  probe  to  approximately  10.5  rad/sec 
(100  rpm)  to  stabilize  the  probe  attitude  while  firing  the  deflec- 
tion delta  velocity  motor.  This  spin  rate  also  permits  precessing 
the  probe  for  attitude  required  for  the  deflection  delta  velocity 
to  a different  heading  for  planetary  entry.  This  precession  angle 
is  0.93  rad  (53.5°).  The  attitude  control  system  must  then  despin 
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the  probe  to  a rate  of  approximately  0.52  rad/sec  (5  rpm)  for 
entry  into  the  planetary  atmosphere.  Finally,  the  attitude  con- 
trol system  must  impart  a delta  velocity  to  the  service  module 
of  0.46  m/sec  (1.5  fps)  for  jettisoning  the  module. 

A cold  gas  (dry  nitrogen)  system,  contained  within  the  service 
module,  is  used  for  the  attitude  control  of  the  probe.  The  opera- 
tion of  the  system  and  its  components  are  identical  to  those  of 
the  nominal  Jupiter  probe  described  in  Section  B.9  of  this  chapter. 

10.  Thermal  Control  Subsystem 

a.  General  Discussions  - The  thermal  control  required  for  the 
spacecraft-radiation-compatible  probe  is  the  same  as  for  the  nomi- 
nal Jupiter  mission,  and  thermal  analysis  shows  that  this  design 
is  adequate  for  the  desired  probe  performance  (Figure  V-120) . 

The  probe  design  requirements  are  not  as  critical  as  the  probe- 
dedicated  alternative  probe  since  the  weight  and  transmitter  power 
are  increased  due  to  the  6 communication  distance  and  the 

relatively  long  pre-entry  standby  power  requirement. 

As  for  all  missions,  the  pivotal  design  temperature  is  the  probe 
temperature  established  at  the  beginning  of  entry.  Analysis  shows 
that  with  an  entry  temperature  of  300°K,  a 15°K  margin  can  be 
created  for  both  the  minimum  equipment  temperature  experienced 
during  a cool/dense  atmosphere  descent  encounter  and  the  maximum 
equipment  temperature  experienced  during  a nominal  atmosphere  en- 
counter. 

To  analyze  the  probe’s  thermal  perf ormance,  the  two  finite-element 
math  models  previously  discussed  were  used.  The  basic  probe  con- 
sists of  a (95.4  cm)  diameter  entry  design,  the  configuration 
being  similar  to  the  nominal  Jupiter  probe  since  probe  propulsion 
is  present  for  deflection.  As  before,  a separate  thermal  blanket 
must  be  provided  for  the  deflection  motor  as  well  as  an  electrical 
resistance  heater  powered  by  the  spacecraft. 

Trajectory  uncertainties  for  the  spacecraft-radiation-compatible 
probe  are  relatively  high  (±38  min)  and  would  have  caused  consid- 
erable thermal  control  problems  if  the  transmitter  had  not  been 
turned  off  following  service  module  ejection.  Since  the  transmit- 
ter is  deactivated,  probe  entry  temperature  uncertainties  are  only 
±3°K.  An  integral  discussion  of  the  thermal  control  subsystem 
design  has  been  previously  presented  in  Section  A. 10. a of  this 
chapter. 
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b.  b.  Cruise  and  Coast  Thermal  Control  - The  thermal  coatings  used 
for  the  spacecraft-radiation-compatible  probe  are  the  same  as  the 
probe-dedicated  mission.  Since  the  probe  temperatures  during 
coast  will  have  sufficient  time  to  reach  equilibrium,  better  ther- 
mal design  is  afforded  using  a spacecraft  cruise  equilibrium 
temperature  of  286°K. 

The  correlation  of  radioisotope  heater  to  probe  temperature  is 
presented  in  Figure  V-121.  Since  the  spacecraft-radiation-com- 
patible probe  requires  probe  deflection  and  a service  module, 
slightly  more  radioisotope  heater  power  is  required  for  this  mis- 
sion than  for  the  probe-dedicated  mission  (20  W) . The  probe  aft 
thermal  coating  is  aluminum  Iridite  14-2  surface  treatment  with 
values  of  a/e  = 0.62/0.13. 

c?.  Entry  and  Descent  Thermal  History  - The  spacecraft-radiation- 
compatible  probe  mission  thermal  history  is  presented  in  Figure 
V-120.  These  results  show  that  adequate  thermal  control  is  pro- 
vided for  this  mission  and  no  thermal  problems  are  envisioned. 

The  power  profile  used  for  the  descent  analysis  again  represented 
improved  transmitter  efficiency  (45%).  The  ballistic  coefficient 
for  this  mission  is  the  same  as  the  probe-dedicated  Jupiter  mis- 
sion, and  the  temperature-pressure  probe  descent  profiles  are 
presented  in  Figure  V-122. 

Results  for  the  spacecraft-radiation-compatible  Jupiter  mission 
indicate  that  the  following  probe  temperature  margins  are  expected. 
Note  that  the  entry-descent  upper  and  lower  equipment  temperature 
margins  are  in  balance  (15°K). 


SPACECRAFT 

TEMPERATURE  MARGIN 

CRUISE  PHASE, 

Above  Equipment 
Lower  Limit 

36 

Below  Equipment 
Upper  Limit 

14 

Below  Transmitter 
Upper  Limit 

NA 

PROBE  COAST 

ENTRY-DESCENT 

°K  PHASE,  °K 

PHASE,  °K 

26 

15 

25 

15 

36 

24 

11.  Probe  to  Spacecraft  Integration 

The  spacecraft-radiation-compatible  mission  probe  integration  with 
the  spacecraft  is  essentially  the  same  as  that  described  in  Section 
B. 11  of  this  chapter. 
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SATURN  STUDIES 


At  the  beginning  of  the  contract,  the  multiple  planet  studies  in- 
volved Saturn,  Uranus,  and  Neptune.  Five  different  missions  for 
each  planet  were  evaluated  to  identify  the  encounter  parameters, 
and  two  representative  missions  were  selected  for  further  appli- 
cations. The  initial  five  Saturn  missions  were:  JSP  78,  SUN  81-82, 

SUN  82-83,  SUN  84,  and  JS  77.  The  two  selected  for  in-depth 
analyses  are  the  SUN  82-83  and  the  JS  77.  The  initial  objectives 
were  to  identify  the  changes  to  the  Jupiter  probe  functional  re- 
quirements for  Saturn  atmospheric  entry.  Similar  effort  was  in- 
cluded for  the  planets  Uranus  and  Neptune.  Jupiter  probe  changes 
for  these  three  planet  applications  were  then  to  be  used  to  define 
a joint  usage  Uranus/Neptune  probe.  At  the  mid-term  oral  presen- 
tation, the  emphasis  was  revised  to  define  a Saturn  probe  and  to 
assess  its  applicability  for  Uranus  atmospheric  entry.  Some  of 
the  parametric  effort  was  begun  for  the  original  five  missions 
and  is  reported  in  tl-is  chapter. 

The  revised  combined  objectives  of  the  Saturn  studies,  also  dis- 
cussed in  this  chapter,  and  those  for  Uranus  (Section  VII),  then, 
are  to  define  a Saturn  probe  and  identify  changes  required  for 
Uranus  application.  The  Saturn  parametric  and  general  analysis 
also  considered  the  major  impact  for  use  at  Uranus. 


PARAMETRIC  ANALYSIS 


The  analyses  are  centered  primarily  in  the  mission  and  science 
areas  and  consider  the  five  missions  previously  mentioned  as  well 
as  the  high  Inclination  JS  77  mission  for  a Titan  encounter. 

Science  Performance  Analysis 

The  parametrlcs  for  Saturn  and  Uranus  are  both  given  in  this  sec- 
tion because  of  the  commonality  of  much  of  the  data.  The  analyses 
performed  for  these  two  planets  benefited  greatly  from  those  per- 
formed for  Jupiter,  given  in  Chapter  V,  Section  A.l,  and  thus  are 
more  limited  in  scope. 
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a.  Desoent  Profile  Parametrios  - The  major  parametrlcs  perf'-’*-'.*’ 
for  both  Saturn  and  Uranus  were  to  establish  descent  profiles  in 
both  atmospheres,  using  as  many  common  parameters  as  posr  sir 
that  would  satisfy  the  objectives  of  the  mission  by  maklitv 
necessary  measurements  within  the  criteria.  The  paramet  J 

volved  are  the  parachute  ballistic  coefficient,  the  3ampi  

for  each  of  the  instruments,  and  the  total  descent  time, 
design  limit  pressure,  initially  a variable,  was  selected  . 

7 bars  (discussion  in  Chapter  III,  Section  D.2).  The  descent  time 
becomes  a constraining  factor  for  Uranus  because  of  tb  nets 
rotation  vector  lying  near  its  orbital  pi  and  ,:h«  ec>  c ' i. 

The  spacecraft's  trajectory  lies  near  the  •xlipt  . the 

probe,  upon  entering,  rotates  upward  with  the  plar-  c,  . f'ca 
:he  spacecraft,  and  the  time  available  for  good  c.>mmuni_a:ioi48 
is  shortened.  Good  geometry  is  available  for  no  more  than  aoo^t 
50  minutes  of  descent  time. 

The  statement  of  work  specified  consideration  of  the  r.-  "••••.  model 
atmospheres  of  both  planets.  Figure  VI-1  shows  the  v in 

pressure  descent  profile  with  changes  in  parachute  b*  o- 

efficient.  The  parachute  is  deployed  78.5  sec  afte-  »n-»  r ”>bout 

110  km  altitude  and  48  millibars  of  pressure.  The  f*i  »i 

computer  run  made  was  at  0.10  slug/ft2  (15.7  kg/m2y  whic  . wc;  ar 
the  optimal  value  for  Jupiter  descent.  However,  the  descent  Lime 
to  10  bars  in  Saturn's  atmosphere  was  134  min,  which  presents 
Intolerable  communications  and  thermal  control  problems.  Also, 
the  amount  of  data  collected  was  several  times  that  which  was 
nec.  ssary  for  satisfactory  mission  performance.  The  range  of 
ballistic  coefficients  that  resulted  in  satisfactory  descent  times 
was  that  from  0.50  slug/ft2  (78.5  kg/m2)  to  1.00  slug/ft2  (157 
kg/m2) . 

Figure  VI-2  shows  a similar  set  of  parametric  pressure  descent 
profiles  for  Uranus.  Here  the  parachute  is  deployed  54.5  sec 
a'cer  entry,  which  corresponds  to  an  altitude  of  about  30  km  and 
a pressure  of  33  millibars.  Again,  one  descent  computer  run  was 
made  near  the  Jupiter  optimum  ballistic  coefficient  with  the  sank: 
extensive  time  results  as  for  Saturn.  The  range  of  values  for 
reasonable  descent  times  was  about  the  same  as  that  for  Saturn. 

A summary  of  descent  times  versus  ballistic  coefficient  is  given 
in  Figure  VI-3. 
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Figure  VIS  Descent  Time  for  Saturn  and 

Uranus  vs  Ballistic  Coefficient 

With  the  descent  times  narrowing  the  range,  consideration  of  the 
instruments  sampling  times  and  measurement  performance  can  enable 
the  selection  of  a particular  design  ballistic  coefficient.  Figure 
VI-4  shows  the  sampling  time  parametrics  as  a function  of  ballistic 
coefficient  and  the  same  four  measurements  and  criteria  that  were 
important  for  Jupiter  considerations.  Again,  the  temperature  gage 
performance  is  checked  against  criteria  at  the  point  where  the 
temperature  begins  increasing,  and  the  pressure  gage  and  accel- 
erometers at  the  top  of  the  first  cloud.  The  mass  spectrometer 
performance  ia  measured  inside  the  first  cloud,  which  is  the  ammonia 
cloud  for  Saturn  beginning  at  0.727  bars,  and  the  methane  cloud  for 
Uranus  beginning  at  0.49  bars. 

In  the  case  of  Jupiter,  it  was  the  temperature  gage  and  mass  spec- 
trometer that  governed  the  selection  of  the  design  ballistic  co- 
efficient, whereas  with  Saturn,  it  is  the  pressure  gage  and  tur- 
bulence accelerometers.  Note  from  (a)  and  (c)  of  Figure  VI-4  that 
with  a 4-sec  sampling  time,  the  pressure  gage  just  meets  the  cri- 
teria at  a ballistic  coefficient  of  0.7  slug/ft^,  while  the  tempera- 
ture gage  is  obtaining  1.24  meas/°K,  almost  25%  more  than  required. 
Also,  at  the  same  ballistic  coefficient  and  a sampling  time  of  8 
sec,  the  turbulence  accelerometers  [(d)  of  Fig.  VI-4]  also  just 
meet  the  criteria.  The  mass  spectrometer  makes  2.8  measurements 
in  the  ammonia  cloud,  which  is  satisfactory. 
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Figure  VI-4  Instrument  Sampling  Time  Effects  on  Measurement 
Performance  for  Saturn  and  Uranus 


For  Uranus,  the  measurement  data  is  greatly  increased,  as  shown 
by  the  dashed  lines  for  the  sampling  times  that  were  analyzed 
that  were  within  the  range  of  Figure  VI-4.  However,  they  were 
allowed  to  remain  the  same  as  Saturn  for  commonality,  and  the 
performance  requirements  are  satisfied. 

h.  Entry  Accelerometer  Performance  - The  primary  function  of  the 
accelerometer  triad  is  to  collect  the  entry  g-load  Information 
with  sufficient  accuracy  to  be  able  to  reproduce  the  g-curve,  in 
particular  the  sharp  maximum  point  on  the  curve  with  the  data. 

This  can  be  used  to  reconstruct  the  atmosphere,  as  described  in 
Chapter  III,  Section  C.  However,  the  g-load  may  go  from  10%  of 
its  peak  value  through  peak  and  back  to  10%  in  only  a few  seconds; 
thus,  an  analysis  was  made  to  ensure  that  the  axial  accelerometer 
sampling  rate  of  5 samples/sec  would  give  an  adequate  number  of 
points  along  the  curve  to  reproduce  the  steep  slope. 

Figure  VI-5  is  a plot  of  the  expected  g-load  curves  based  on  each 
of  the  Saturn  and  Uranus  nominal  atmospheres  and  calculated  by 
an  entry  dynamics  computer  program.  Superimposed  upon  this  are 
marks  that  represent  individual  axial  accelerometer  measurements 
of  0.2  sec  each.  This  is  only  half  as  fast  as  the  design  required 
at  Jupiter,  because  the  peak  g-load  is  only  350  to  360  g compared 
to  1500  g.  Note  that  while  the  peaks  are  about  the  same,  the 
Uranus  peak  occurs  earlier.  This  is  because  of  the  steeper  entry 
angle. 

2.  Mission  Analysis 

The  detailed  mission  analysis  parametric  data  is  provided  in 
Chapter  IV.  This  section  summarizes  the  important  design  con- 
siderations for  probe  missions  to  Saturn. 

a.  Interplanetary  Trajectory  Selection  - The  interplanetary  tra- 
jectories considered  for  Saturn  missions  were  either  Jupiter 
flybys  (JS  77,  JSP  78)  or  solar  electric  propulsion  trajectories 
(SUN  81,  82,  83).  The  interplanetary  trajectories  for  these 
candidate  missions  are  given  in  Chapter  IV,  Section  G.  The  trip 
time  from  Earth  to  Saturn  is  typically  3%  years  for  either  type 
mission.  Direct  flights  to  Saturn  are  marginally  possible  at 
best  for  payload  weights  discussed  in  this  study  for  the  1978-82 
time  period. 
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Figure  VI-5  Saturn  and  Uranus  Entry  Acaelerometer  Performance 
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b.  Approach  Trajectory  Selection  - As  at  Jupiter,  the  optimal 
probe-spacecraft  geometry  would  have  the  probe  entering  on  the 
equator  with  the  spacecraft  flyby  in  the  same  plane.  The  optimal 
flyby  radius  at  Saturn  is  about  2.5  Rg  (Fig.  IV-11) . With  this 

flyby,  it  is  possible  to  keep  the  spacecraft  approximately  over 
the  probe  during  the  probe  descent.  For  the  JS  77  mission,  in- 
volving a Titan  encounter,  the  flyby  radius  is  2.33  R with  a 
highly  inclined  orbit. 

a.  Navigation  and  Guidance  Results  - The  approach  orbit  deter- 
mination at  Saturn  is  less  effective  than  at  Jupiter,  because  the 
Saturn  ephemeris  uncertainties  are  approximately  twice  those  of 
Jupiter.  The  navigation  is  further  degraded  at  Saturn  on  the 
JS  77  mission  because  the  geocentric  declination  of  Saturn  during 
the  encounter  period  is  very  near  zero.  Thus,  with  Doppler  and 
range  measurements,  the  uncertainty  ellipse  (la)  is  characterized 
by  a semi-major  axis  (SMAA)  of  2200  km.  Adding  QVLBI  measurements 
reduces  the  SMAA  to  1100  km;  adding  optical  tracking  reduces  the 
value  to  500  km. 

d.  Deflection  Maneuver  Parametrics  - The  deflection  maneuver 

trends  indicated  for  Jupiter  also  apply  at  Saturn.  Reasonable 

deflection  radii  at  Saturn  are  from  10  to  30  million  km.  Thus, 

for  a spacecraft  periapsis  radius  of  2 R the  AV  requirements 

b 

decrease  from  140  to  70  to  47  m/sec  as  the  deflection  radius  is 
increased  from  10  to  20  to  30  million  km,  respectively.  For  a 
spacecraft  flyby  radius  of  6 R_  the  corresponding  AV  become  620 
to  300  to  200,  respectively. 

e.  Dispersion  Parametrics  - For  Saturn  missions,  the  navigation 
uncertainties  become  significant  relative  to  the  deflection  maneuver 
execution  errors  in  terms  of  dispersions.  This  is  in  contrast  to 
the  situation  at  Jupiter  where  execution  errors  dominated  the  dis- 
persions. Thus,  at  Saturn  the  3a  uncertainties  in  entry  time, 
entry  angle,  angle  of  attack,  and  lead  angle  are  4.50/6.58  min, 
2.7973.41°,  1.6673.75°,  and  2.5073.25°,  respectively,  where 

the  numerator  is  the  uncertainty  contributed  by  navigation  un- 
certainties (80  days  tracking  of  Dopp.1  ‘/range)  alone  and  the 
denominator  is  the  total  uncertainty  resulting  from  both  naviga- 
tion uncertainties  and  deflection  execution  errors. 
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f.  Entry  Trajectory  Parametrias  - The  selection  of  an  entry 
ballistic  coefficient  that  results  in  satisfactory  staging  con- 
ditions (deceleration  to  M * 0.7  above  100  mb)  for  entry  angles 
of  from  -10°  to  -30°  was  investigated.  Any  ballistic  coefficient 
less  than  156.0  kg/m2  (1.0  slug/ft2)  was  identified  as  adequate. 

The  peak  g experienced  at  entry  angles  of  -10° , -20° , and  -30°  are 
105,  240,  and  355,  respectively,  in  the  nominal  atmosphere. 
Entering  at  higher  latitudes  increases  the  peak  g loading  as  the 
relative  velocity  is  increased.  A polar  entry  increases  the  g 
loading  by  approximately  30%.  Parametric  analysis  has  shown  that 
the  g loading  is  essentially  independent  of  ballistic  coefficient. 

The  maximum  aerodynamic  loading  (q)  is  a function  of  ballistic 
coefficient.  Entering  with  a ballistic  coefficient  of  1.0  slug/ 
ft2  at  entry  angles  of  -10°,  -20°,  and  -30a  results  in  max  q of 
2000,  7000,  and  11,000  psf,  respectively,  in  the  nominal  atmos- 
phere. The  dynamic  pressure  increases  linearly  with  ballistic 
coefficient. 

System  Integration 

The  constraints  that  control  the  Saturn  parametric  effort  for  the 
revised  multiple  planet  objectives  are: 

1)  Mission:  Define  a Saturn  mission  using  JPL's  high  inclination 

trajectory  for  a Titan  encounter  such  that  the  spacecraft  and 
probe  do  not  penetrate  Saturn's  rings. 

2)  Spacecraft:  Mariner  family  in  a flyby  mode 

3)  Deflection  Mode:  Probe 

4)  Atmosphere:  Nominal  Saturn 

5)  Science  Payload:  SAG  Exploratory  Payload  (PAET) 

Telecommunications  Subsystem 

General  results  of  the  parametric  study  performed  for  Jupiter  were 
used  to  define  the  telecommunications  subsystem  for  Saturn.  The 
operating  frequency,  established  for  Jupiter  at  0.86  GHz,  applies 
to  the  Saturn  mission.  Binary  FSK  modulation  is  used  with  the 
same  characteristics  as  for  the  Jupiter  missions. 
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Microwave  attenuation  of  the  nominal  Saturn  atmosphere  is  shown 
in  Figure  VI-6.  Attenuation  at  7 bats  and  1 GHz  is  0.5  dB  and  is 
very  close  to  the  loss  at  the  same  conditions  in  the  Jovian  cool/ 
dense  atmosphere.  Saturn  atmospheric  loss  is  slightly  lower  than 
the  loss  for  Jupiter  as  the  pressure  is  increased.  Therefore, 
atmospheric  loss  for  Saturn  to  depths  up  to  10  bars  is  very  close 
to  the  atmospheric  loss  encountered  in  the  Jovian  cool/dense 
atmosphere . 

The  system  noise  temperature  was  determined  for  Saturn  based  on 
information  provided  with  the  study  by  JPL  (Ref  1).  The  thermal 
disk  brightness  temperature  (Ref  1,  Table  IV)  is  shown  in  Figure 
VI-7  as  a function  of  decimetric  frequency.  The  disk  temperature 
curve  shown  is  the  upper  limit  values  from  ten  separate  measured 
observations.  The  increase  in  brightness  temperature  with  in- 
creasing wavelength  is  entirely  due  to  thermal  radiation  from  the 
atmosphere  of  Saturn.  Observations  are  within  the  thermal  model 
limits  proposed  by  Gulkis  and  McDonough  with  ammonia  mixture  ratios 
of  lO^4  and  5 x 10~4  (Ref  2). 

Radioastronomy  measurements  have  not  verified  the  existence  of  a 
magnetosphere  around  Saturn.  An  atmospheric  thermal  source  can 
be  responsible  for  all  of  the  characteristics  of  the  UHF  radiation, 
with  the  exception  of  linear  polarization  reported  by  Rose  et  at. 
in  1963,  which  has  not  been  confirmed  by  subsequent  observations. 
Comparative  discussions  with  respect  to  Jupiter  indicate  the 
possibility  that  Saturn  could  possess  a trapped  radiation  belt 
that  should  be  considered  by  probe  mission  designs.  The  belt 
woutd  be  similar  to  Jupiter's,  but  weaker  in  strength.  The  rings 
of  Saturn  interfere  with  the  formation  of  a belt  interior  to  2.3 
Rg  (the  radius  of  the  outer  ring).  Haffner  (Ref  3)  discusses  the 

magnetosphere  of  Saturn  and  assumes  a Van  Allen  belt  with  typical 
dipole  characteristics.  The  size  of  the  belt  is  not  known,  but 
should  be  between  3 and  4 Rg  when  compared  with  Earth  and  Jupiter. 

The  high  inclination  trajectory  at  2.3  Rg  will  miss  the  rings,  but 

would  be  within  the  magnetosphere. 

The  synchrotron  brightness  temperature  of  Saturn  is  given  in  the 
monograph  (Ref  1)  as 

TBS  - (0.2  ± 0.2)  X2  [VI-1] 

with 

Tgg  * synchrotron  brightness  temperature,  °K 

X ■ wavelength,  cm  ■ 30/f 
f - frequency,  GHz 
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The  synchrotron  temperature  is  independent  of  path  length  since 
a model  is  not  defined  as  is  the  case  for  Jupiter;  it  is  only  a 
function  of  frequency.  Equation  [VI-1]  is  plotted  in  Figure 
VI-7  as  a function  of  frequency.  The  spacecraft  antenna  noise 
temperature  is  the  sum  of  disk  and  synchrotron  temperatures.  The 
noise  temperature  of  the  receiving  system,  shown  in  the  figure, 
is  the  sum  of  the  antenna  temperature  and  the  receiver  front-end 
noise  temperature  based  upon  the  average  curve  show.  in  Figure 

V- ll.  As  seen  in  Figure  VI-7,  the  system  noise  temperature  rises 
sharply  below  1 GHz  due  to  synchrotron  and  thermal  disk  loise. 

It  is  fairly  constant  at  approximately  750°K  between  1.6  and 

3 GHz,  rising  slightly  near  3 GHz  from  increased  noise  figure 
of  the  receiver.  Variations  in  the  system  noise  temperature  are 
Similar  to  the  Jupiter  probe  dedicated  mission  and  will  be  0.2  do 
or  less  from  acquisition  to  mission  completion.  The  planet  disk 
is  in  the  background  of  the  spacecraft  antenna  at  acquisition 
and  distance  in  the  magnetosphere  is  1.75  Rg.  The  path  length 

decreases  to  1.2  Rg  at  mission  completion. 

Adjustments  in  spacecraft  lead  time  were  made  in  order  to  optimize 
probe-to-spacecraf t range  and  probe  aspect  angle.  Communications 
range  is  shown  in  Figure  Vl-8.  Increasing  range  before  entry  is 
due  to  the  relative  motion  of  the  probe  and  spacecraft  with  the 
spacecraft  moving  ahead  of  the  probe  along  the  trajectory.  Maximum 
range  occurs  at  entry  and  decreases  by  0.3  Rg  at  mission  completion. 

Periapsis  occurs  after  the  mission  is  over  (7-bar  level  reached) 
at  one  hour  after  entry. 

Probe  aspect  angle  as  a function  of  mission  time  is  shown  in  Figure 

VI- 9.  As  seen  in  the  figure,  the  objective  of  having  minimum 
probe  aspect  angle  approximately  at  mission  completion  is  achieved. 
Final  RF  power  requirements  were  low  enough  that  it  was  not  neces- 
sary to  adjust  .ead  time  to  make  end  of  mission  and  minimum  aspect 
angle  coincide  exactly.  The  probe  aspect  angle  is  10°  when  the 
descent  antenna  is  energized  and  5°  at  mission  completion. 
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Relative  probe  positions  during  the  mission  (Fig.  VI-10)  are  shown 
by  the  ellipses,  which  account  for  trajectory  and  probe  dispersions 
and  represent  the  nominal  positions  (triangles)  and  associated 
uncertainties.  The  dispersions  are  based  on  a 100-sample  Monte 
Carlo  analysis.  Elevation  angle  (cross  cone  angle)  dispersions 
are  very  small  with  the  major  difference  occurring  in  cone  angle. 

A 35°  spacecraft  antenna  beamwidth  provides  maximum  gain  at  the 
points  of  maximum  dispersion.  The  cone  angle  decreases  during 
descent  and  retraces  the  increasing  angle  from  acquisition  to 
entry.  Decreasing  cone  angle  after  entry  results  from  the  space- 
craft pulling  ahead  of  the  descending  probe.  The  ellipse  shown 
for  entry  represents  the  actual  entry  dispersions,  and  is  used 
because  it  is  slightly  larger  than  the  nominal  entry  dispersions. 
The  spacecraft  antenna  is  positioned  to  cover  descent  with  the 
high-gain  portions  of  the  beam.  Nominal  positions  at  entry  and 
mission  completion  are  within  the  3-dB  beamwidth  points  and  a 
35°  beam  provides  maximum  gain  at  the  points  of  maximum  ellipse 
dispersion  even  though  they  are  outside  the  3-dB  points. 

Parameters  of  the  RF  link  are  depicted  in  Table  VI-1  for  the 
Saturn  mission  at  0.86  GHz.  Defining  conditions  of  the  RF  link 
are  listed  in  the  remarks  column  and  in  the  note  at  the  bottom 
of  the  table.  Maximum  RF  power  is  required  at  mission  completion 
because  atmosphere  losses  increase  with  depth,  as  seen  in  Figure 
VI-1. 

5.  Data  Handling  Subsystem 

The  data  handling  subsystem  analysis  is  essentially  identical  to 
that  for  the  nominal  Jupiter  probe  subsystem.  Minor  modifications 
of  the  time  sequence  and  data  format  will  occur,  but  do  not  in- 
fluence the  parametric  or  analytic  approach.  For  discussion  of 
these  alternatives,  refer  to  Chapter  V,  Section  A. 5 of  this  volume 
and  Vol  III,  Appendix  H. 

6.  Power  and  Pyrotechnic  Subsystem 

The  power  and  pyrotechnic  subsystem  analysis  is  essentially  iden- 
tical to  that  for  the  nominal  Jupiter  probe  subsystem.  Minor  modi- 
fications of  battery  weight  and  size  will  occur.  For  discussion 
of  the  parametric  and  analytic  considerations,  refer  to  Chapter  V, 
Section  A. 6 of  this  volume  and  Vol  III,  Appendix  G. 
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Figure  VI-10  Spacecraft  Antenna  Requirements  for  the  Saturn  Mission 


Table  VI-1  Probe  Telemetry  Link  Design  Table  for  the  Saturn  Probe 


Nominal 

Adverse 

| Parameter 

Value 

Tolerance 

Remarks 

1 . 

Total  Transmitter  Power,  dBW 

8.1 

0 

6,5  W 

2. 

Transmitting  Circuit  Loss.  dB 

-0,3 

0.2 

Switch  Loss:  0.2  dB 

3. 

Transmitting  Antenna  Gain,  dB 

6.0 

1.8 

90°  Beamwidth 

4. 

Communications  Range  Loss,  dB 

-189.2 

0.4 

8 x 104  km 

5. 

Planet  Atmosphere  & Defocus  Loss,  dB 

-0.3 

0.2 

Nominal,  7 atm 

6 . 

Polarization  Loss,  dB 

0 

0.2 

7. 

Antenna  Pattern  Ripple  Loss,  dB 

0 

0.2 

8. 

Receiving  Antenna  Gain,  dB 

13.8 

4.0 

35°  Beamwidth 

9. 

Receiving  Circuit  Loss,  dB 

>0.2 

0.2 

10. 

Net  Circuit  Loss,  l (2+9),  dB 

-170.2 

7.2 

11. 

Total  Received  Power  (1  + 10),  dBW 

-161.9 

7.2 

12. 

Receiver  Noise  Spectral  Density,  dBW 

-196.5 

0.5 

Tg  = 1600  °K 
NFg  - 8.12  dB 

Tracking  Tone 

13. 

Tone  Power /Total  Power,  dB 

-5.1 

0 

14. 

Received  Tone  Power  (11  + 13),  dBW 

-167.0 

7.2 

15. 

Tracking  Threshold  Bandwidth,  dB 

11.8 

0 

15  Hz  Bandwidth 

16. 

Threshold  SNR,  dB 

10.0 

0 

17. 

Threshold  Tracking  Power  (12  + 15  + 16) , 
dBW 

-174.7 

0.5 

18. 

Tracking  Performance  Margin  (14  - 17) , 
dB 

7.7 

7.7 

Data 

Channel 

19. 

Data  Power /Total  Power,  dB 

-1.7 

0 

20. 

Radio  System  Processing  Loss,  dB 

-1.0 

0 

21. 

Fading  Loss,  dB 

-1.0 

0 

22. 

Received  Data  Power  (11  + 19  + 20  + 21), 
dBW 

-165.6 

7.2 

23. 

Data  Bit  Rate,  dB 

14.2 

0 

26  bps 

24. 

Threshold  E^/N^,  dB 

8.9 

0 

25. 

Threshold  Data  Power  (12  + 23  + 24), 
dBW 

-173.4 

0.5 

26. 

Performance  Margin  (22  - 25) , dB 

7.7 

7.7 

27. 

Nominal  Less  Adverse  Value  (26  - 26  adv) , 
dB 

0 

i Condition*:  1.  Saturn  JS-77  Hi**ion 

2.  Worst-Case  (EOM)  conditions  at 

f - 0.86  GHz 

3.  Convolutional  Encoder,  M - 2, 

2-2,0- 

8 

4,  BEK  » 5 X 10  5 for  binary  FSK  vith  K ■ 8 code 

7. 


Attitude  Control  Subsystem 


The  attitude  control  subsystem  analysis  is  essentially  identical 
to  that  for  the  nominal  Jupiter  probe  subsystem.  The  most  sig- 
nificant parameters  that  are  modified  are  the  Sun/probe  and  Saturn/ 
probe  ranges  which  affect  the  sensor  capability.  Review  of  state- 
of-the-art  sensor  capability  indicates  that  present  solar  aspect 
sensors  have  sufficient  sensitive  range  to  provide  adequate  per- 
formance at  Saturn  distance  solar  density  (MSC-04568:  Evaluation 

Test  Report  for  Precision  Digital  Solar  Aspect  Sensor.  June  1971). 
The  planet  sensor  may  require  additional  optics.  For  a discussion 
of  the  attitude  control  subsystem  parametrics  and  analysis,  refer 
to  Chapter  V,  Section  A. 7 of  this  volume  and  Vol  III,  Appendix  F. 

8.  Structures  and  Mechanical 

The  parametric  structural  studies  performed  for  the  Jupiter  probe, 
and  reported  in  Chapter  V,  Section  B.8,  are  applicable  to  the 
Saturn  probe  provided  that  the  proper  parameters  are  observed. 

The  aeroshell  weights  data,  however,  apply  only  to  a conical  nose 
shape,  and  not  to  the  blunt  nose  configuration. 

The  aft  cover  of  the  entry  probe  was  evaluated  parametrically  for 
weight  of  ablator  heat  shield  required  versus  planet  entry  angle. 
This  data  is  reported  in  Section  B.8  of  this  chapter. 

Two  configurations  of  the  Saturn  entry  probe  were  evaluated  for 
comparison  of  effects  of  heat  shield  shape.  This  data  also  are 
reported  in  Chapter  VI,  Section  B.8. 

9.  Propulsion  Subsystem 

The  propulsion  parametric  data  presented  in  Chapter  V,  Section 
A. 9 is  applicable  to  the  Saturn  probe. 

10.  Thermal  Control  Subsystems 

a.  General  Discussions  - For  Saturn,  thermal  control  must  be  pro- 
vided to  ensure  that  all  probe  systems  will  be  maintained  within 
acceptable  temperature  limits.  Like  Jupiter,  the  primary  thermal 
problem  is  one  of  losing  too  much  thermal  energy  during  the  atmo- 
spheric descent  phase  of  the  mission  and  exceeding  the  allowable 
primary  battery  lower  limit  described  in  Chapter  V,  Section  A.IO.c. 
The  selection  of  and  approach  to  the  thermal  control  subsystem  is 
the  same  as  the  Jupiter  probes  design,  and  consists  of  the  follow- 
ing: 
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Cruise/Coast  Phase  Thermal  Control 

1)  Radioisotope  Heaters 

2)  Multilayer  Insulation 

3)  Environmental  Cover 

4)  Thermal  Coatings 

5)  Deflection  Motor  Blanket  and  Heater 
and  Entry/Descent  Phase  Thermal  Control 

1)  Graphite  Ablator  and  Aeroshell  Insulator 

2)  Low  Density  Internal  Foam  Insulation 

3)  Nitrogen  Gas  Environmental  Control 

A schematic  of  the  basic  thermal  control  subsystems  has  been  pre- 
sented and  discussed  (Fig.  V-41) . The  pivotal  temperature  is  the 
probe  temperature  at  the  end  of  the  mission  coast  phase.  This 
temperature  must  be  high  so  that  the  probe  will  have  sufficient 
thermal  inertia  to  survive  the  critical  heat  losses  during  descent. 
For  the  Jupiter  probe,  radioisotope  heaters  maintain  the  probe 
temperature  safely  below  maximum  battery  storage  temperatures  dur- 
ing cruise,  and  then  thermal  coatings  were  selected  for  solar  heat- 
ing of  the  probe  approximately  15°K  following  spacecraft  separation. 
With  the  Saturn  probe,  however,  the  solar  flux  has  reduced  to  15  W/m2 
and  thermal  coatings  are  now  just  sufficient  to  maintain  the  probe 
at  the  cruise  equilibrium  temperature.  Better  thermal  protection, 
therefore,  must  be  provided  during  descent  because  the  obtainable 
entry  temperature  will  be  lower  than  during  the  Jupiter  missions. 

b.  Cruise/Coaet  Probe  Thermal  Control — Thermal  control  during 
spacecraft  cruise  and  probe  caost  is  supplied  by  multilayer  insula- 
tion, thermal  coatings,  and  radioisotope  heaters.  To  determine 
the  radioisotope  heater  requirement,  a thermal  analysis  was  per- 
formed using  the  finite-element  thermal  model  previously  discussed 
in  Chapter  V,  Section  A.IO.e.  Based  on  the  Iridite  14-2  aluminum 
coating,  the  analysis  shows  that  18  watts  of  heater  power  will  be 
adequate  to  maintain  the  desired  probe  temperature  during  cruise, 
but  that  the  probe  temperature  during  coast  will  be  2aK  cooler 
than  the  probe  cruise  temperature  since  the  low  solar  energy  avail- 
able is  small.  The  results  generated  to  size  the  radioisotope 
heaters  are  presented  in  Figure  VI-11.  A detailed  discussion  of 
the  cruise/ coast  thermal  analysis  has  been  presented  in  Chapter  V, 
Section  A.IO.d. 
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Heater  Requirement,  watt 


Figure  VI-11  Radioisotope  Heater  Requirement 
and  Probe  Coaet  Equilibrium 
Temperature  for  Saturn  Probe 

o.  Descent  Probe  Thermal  Control  - Thermal  control  for  the  atmos- 
phere descent  portion  of  the  mission  relies  on  the  probe/coast 
entry  temperature,  internal  foam  insulation  and  sufficient  probe 
thermal  inertia  to  survive  the  descent  environment  encountered. 

For  Saturn,  only  the  nominal  atmosphere  and  vented  probe  design 
were  considered.  The  model  atmospheres  for  Saturn  are  presented 
in  Figure  VI-12.  On  the  basis  of  the  ballistic  coefficient  chosen 
for  the  science  return  descent  portion  of  the  mission  (0.70  slug/ 
ft2),  the  probe  descent  temperature  and  pressure  profiles  for  the 
Saturn  mission  are  presented  in  Figure  VI-13. 
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B - 0.70  slug/ft2 


Figure  VI-13  Nominal  Saturn  Mission  Descent 

Temperature  and  Pressure  Profiles 


To  determine  the  Saturn  probe  descent  thermal  response,  a thermal 
analysis  was  performed  using  the  finite-element  thermal  math 
model  presented  and  discussed  in  Chapter  V,  Section  A.IO.e.  Re- 
sults for  the  descent  analysis  are  shown  in  Figure  VI-14 . These 
results  show  that  due  to  the  low  probe  entry  temperature,  suffi- 
cient probe  inertia  is  not  available  to  survive  the  temperature 
specifications  during  descent.  The  nitrogen  gas  environmental 
control  concept  was  chosen  as  a likely  alternative  for  thermal 
control.  The  delta  weight  and  volume  added  by  an  N2  8*s  supply 
is  approximately  0.41  kg  and  0.35  liters.  The  use  of  the  N2  gas 
system  to  2.5  bars  pressure  during  descent  increases  the  minimum 
probe  descent  temperature  approximately  12°K.  A second  likely 
alternative  could  be  the  use  of  electrical  battery-supplied  heater 
power  for  the  battery.  This  concept  had  been  ruled  out  for  Jupiter 
because  even  for  the  cool/dense  atmosphere  a need  for  a battery 
heater  was  not  Identified.  For  Saturn,  however,  the  investigation 
of  the  nominal  atmosphere  alone  Indicates  that  thermal  problems 
will  exist  and  the  use  of  battery  heating  would  be  desirable.  In 
addition,  the  entry  decelerations  for  Saturn  are  not  as  severe  as 
for  Jupiter,  and  the  internal  probe  free  convection  is  signifi- 
cantly less  (planet  gravity  422  of  Jupiter)  which  makes  this  con- 
cept more  desirable. 
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Figure  VI-14  Saturn  Probe  Descent  Parametria  Thermal  Response 

The  improvement  in  probe  descent  thermal  performance  due  to  the 
N2  gas  environmental  control  concept  is  shown  from  a standpoint 
of  instantaneous  probe  heat  leak  in  Figure  VI-15.  It  is  interest- 
ing to  note  that  to  compensate  for  the  N2  gas  improvement  by 
heater  power  would  require  approximately  70  watt-hr  of  electrical 
energy  or  about  2.8  lb  of  batteries  for  Saturn.  However,  this 
heater  power  could  be  concentrated  at  the  batteries  themselves 
thereby  increasing  the  reliability  of  battery  thermal  control. 

For  the  Jupiter  probe-dedicated  alternative  mission,  approxi- 
mately 120  watt-hr  of  electrical  energy  would  have  been  required 
to  compensate  for  the  N2  gas  system  (Chapter  V,  Section  C.10). 
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Figure  VI-15  Instantaneous  Saturn  Probe 
Atmospheric  Heat  Leak 

Summary  of  Saturn  Parametric  Analysis 


A summary  of  the  Saturn  parametric  analysis  results  follow: 


Mission  Times  to  Sf-turn 
Optimal  Flyby  Radius  at  Saturn 
Flyby  Radius  for  JST 

One  Sigma  Navigation  Uncertainty  w/QVLBl 
Three  Sigma  Dispersions  (max) 

Entry  Time 
Entry  Angle 
Angle  of  Attack 
Lead  Angle 

Entry  Ballistic  Coefficient 

Depth  of  Descent  for  Science  Objectives 

Descent  Ballistic  Coefficient  for 
Science  Objectives 

Descent  Time 


6 yr 
2.5  Rs 
2.33  Rg 
1100  km 

6.58  min 
3.41° 

* 75° 

3.25° 

<156  kg/m2 

7 bar 

19  kg/m2 

Approximately  40 
minutes 
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SATURN  PROBE  SYSTEM  DEFINITION 


This  probe  system  used  the  alternative  Jupiter  probe  approach, 
defined  in  Chapter  V,  Sections  C and  D,  but  adjusted  for  a 
Saturn  entry.  The  general  constraints  follow. 


Mission 

Entry  Angle 

Depth  of  Descent 

Atmosphere 

Science 

Spacecraft 

Carrier  Mode 

Periapsis  Radius 

Communication  Mode 

Deflection  Mode 

Entry  Ballistic  Coefficient 

Ballistic  Coefficient  for 
Heat  Shield  Removal 

Descent  Ballistic  Coefficient 


JPL  s JS  77  High  Inclination 
Trajectory  for  a Titan  Encounter 

-25°  (structure  designed  to  -30°) 

7 bar 

Ncminal 

SAG  Exploratory  Payload  (PAET) 

Mariner  Family 

Flyby 

2.33  Rg 

Relay 

Probe 

0.65  slug/ft2  (102  kg/m2) 

0.12  slug/ft2  (19  kg/m2) 

0.7  slug/ ft2  (110  kg/m2) 
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1. 


Science  Instrumentation  and  Performance 


The  instruments  for  the  Saturn  probe  are  identical  to  those  for 
the  Jupiter  alternative  probe  and  the  characteristics  are  given 
in  Table  V-29.  They  are  discussed  in  Chapter  V,  Section  C and 
in  Chapter  III,  Section  C.l.  The  only  difference  would  be  a 
modification  of  the  range  of  the  temperature  gage  and  possibly 
entry  accelerometers  for  the  colder  atmosphere  and  lower  g-load. 

The  descent  profile  parametrics  were  discussed  in  Section  A.l  of 
this  chapter.  The  results  are: 

Design  Limit  Pressure  * 7 bars 

Parachute  Ballistic  Coefficient  = 0.70  slug/ft2  (109.9  kg/m2) 
Parachute  Deployment  Pressure  * 48  millibars 
Pressure  at  First  Measurement  * 57  millibars 
Total  Mission  Time  from  Entrv  = 41  4^  <?ec. 


The  entry  and  descent  times,  instrument  sampling  times,  and  re- 
sulting  bit  rates  are  shown  in  Table  VI-2.  The  transmission  bit 
rates  for  descent  are  slightly  higher  than  the  collection  bit  rates 
because  the  descent  data  collected  during  probe  acquisition  by  the 
S/C  must  be  stored  and  later  interleaved  with  real  time  data  for 
transmission.  The  pressure  descent  profile  is  given  in  Figure  VI-1 
using  the  appropriate  ballistic  coefficient. 

In  Table  VI-3,  the  mission  measurement  performance  is  given  for 
descent  with  the  above  parameters.  All  of  the  requirements  have 
been  satisfied,  the  bold  face  numbers  showing  the  governing 
measurement. 
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Table  VI-2  Saturn  Probe  Instrument  Sampling  Times  and  Data  Rates 


Phase 

Instrument 

Sampling 
Times,  sec 

Collection 
Bit  Rate,  bps 

Transmission 
Bit  Rate,  bps 

Entry, 

78.5  sec 

Accelerometers 

Longitudinal 

0.2 

50 

0 

Lateral 

0.4 

25 

0 

Lateral 

0.4 

25 

0 

Descent, 

2425  sec 

Temperature 

• 4 

2.5 

2.6 

Pressure 

4 

2.5 

2.6 

Mass  Spectrometer 

60 

6.7 

7.0 

Accelerometers 

Turbulence 

8 

7.5 

7.8 

Stored 

0 

0 

3.4 

Science  Total 

23.4 

Engineering  and  Formatting 

2.9 

Total 

26.3 

Table  VIS  Saturn  Probe  Descent  Measurement  Performance 


Instrument,  At 
and  Measurement 

Criteria 

Descent  Performance, 
B = 0.70  slug/ft2 

Mass  Spectrometer,  60  sec 
Minor  Constituents 
Cloud  Layering 

H/He  Ratio  ) 

Isotopic  Ratios  / 

Molecular  Weight  * 

2 per  scale  height* 
2 inside  cloud 

4 measurements 

6.4  to  28 
/ 2.8  in  NH3 
\ 13.1  in  H20 

41 

Temperature  Gage,  4 sec 
Temperature 
Cloud  Layering 

1 per  °K 

2 Inside  cloud 

1.2  to  4.8 
( 46  in  NH3 
(196  in  fl20 

Pressure  Gage,  4 sec 
Pressure 
Turbulence 
Cloud  Layering 

2 per  km* 

1 per  km* 

2 inside  cloud 

2.0  to  4.3 
2.0  to  4.3 
f 46  in  NH3 
( 196  in  H20 

Accelerometers,  8 sec 
Turbulence 

1 per  km* 

1.0  to  2.2 

|*Below  cloud  tops.  1 
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Mission  Definition 


2. 


The  Saturn  mission  upon  which  the  system  design  is  based  is  de- 
scribed in  Figure  VI-16  and  summarized  in  Table  VI-4.  Important 
mission  design  results  are  discussed  in  this  section. 

a.  Interplanetary  Trajectory  Selection  - The  interplanetary  tra- 
jectory for  this  mission  is  based  on  the  JST  mission — a JS  77 
mission  including  an  encounter  with  Titan.  The  trajectory  is 
pictured  in  Figure  VI-16(a)  and  detailed  in  Table  VI-4(a).  The 
trajectory  arrives  at  Jupiter  1.6  yr  after  launch  and  passes  by 
at  a periapsis  radius  of  5.8  Rj.  The  flight  time  to  Saturn  is 

3.4  yr  and  the  flyby  radius  at  Saturn  is  2.3  Rc.  Titan  is  en- 

O 

countered  18  hr  before  arrival  at  Saturn. 

b.  Launch  Analysis  - The  results  of  the  launch  analysis  are  given 
in  Figure  VI-16(b)  and  Table  VI-4(a).  The  available  payload 
weight  (probe,  spacecraft,  spacecraf t-to-launch  vehicle  adaptor) 
is  plotted  against  launch  period  for  three  sets  of  performance 
data.  The  slight  decrease  in  available  payload  relative  to  the 
previous  Jupiter  missions  is  due  to  the  fact  that  the  inter- 
planetary trajectory  was  selected  to  satisfy  the  requirements  of 
the  entire  JST  mission  and  not  to  optimize  payload  weight. 

c.  Approach  Trajectories  - The  approach  trajectories  are  illus- 
trated in  Figures  VI-16 (d)  and  (e)  and  summarized  in  Table 
VI-4(a)  and  (b).  The  spacecraft  flyby  radius  of  2.3  Rg  was  se- 
lected to  permit  the  encounter  with  Titan,  but  is  compatible  with 
an  effective  communication  link.  Thus,  the  nominal  values  of  the 
probe  aspect  angle  begin  at  12.42°,  reach  a minimum  value  of  1.86°, 
and  end  at  4.05°  as  the  faster  moving  spacecraft  overtakes  the 
probe.  This  is  most  clear  in  Figure  VI-16 (d)  where  the  view  is 
from  a point  nearly  normal  to  the  spacecraft  orbit  plane.  The 
location  of  Saturn's  rings  relative  to  the  probe  and  spacecraft 
trajectories  is  indicated  in  Figure  VI-16(e). 

d.  Deflection  Maneuver  - A probe  deflection  maneuver  was  used  for 
this  mission.  The  deflection  radius  of  10.15  * 106  km  was  se- 
lected to  give  a AV  of  170  m/sec  to  obtain  an  identical  deflection 
motor  for  the  Saturn  and  Uranus  missions.  The  deflection  sequence 
is  illustrated  in  Figure  VI-16(c)  and  detailed  in  Table  VI-4(b) . 
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Table  VI-4  Saturn  Mission  Swimary 


a.  Conic  Trajectory  Data 


i 


i 


Interplanetary  Trajectory 

Launch  Trajectory 

Arrival  Trajectory 

Launch  Date:  9/4/77 

Arrival  Date:  2/16/81 

Flight  Time:  1261  days 

Central  Angle:  207.3 

Nominal  C3:  99  km2/sec2 

Nominal  DLA:  27.6° 

Launch  Window: 

Parking  Orbit  Coast: 

C3  (10  day):  102  km^/sec2 
C3  (20  day):  107  km2/sec2 
Azimuth  Range: 

VHP:  13.66  km/sec 

RA:  195.28° 

DEC:  2.54° 

ZAE:  173.6° 

ZAP:  169.;  J 

RP:  2.31  Rg 

INC:  52.44° 

b.  Deflection  Maneuver  and  Probe  Conic 


Deflection  Maneuver 


Probe  Conic  Definition 


Deflection  Mode:  Probe 

Deflection  Radius:  *10.15  x 106  km 
Coast  Time:  8.02  days 

AV:  170  m/sec 

Application  Angle:  105° 

Out-of-Plane  Angle:  2° 

Rotation  for  Probe  Release:  107° 

Probe  Reorientation  Angle:  -66° 

Spacecraft  AV  from  Earth:  NA 


Entry  Angle:  -25° 

Entry  Latitude:  -50.3° 

Entry  Longitude:  102.2° 

Lead  Time:  55.8  min 

Lead  Angle:  -7.63 

Probe-Spacecraft  Range  (Entry):  96,305  km 

Probe  Aspect  Angle  (Entry):  48.2° 

Probe  Aspect  Angle  (Descent):  12.42° 

Probe  Aspect  Angle  (EOM) : 4.05° 


c.  Dispersion  Analysis  Summary 


Naviation  Uncertainties 


Execution  Errors  (3a) 


Dispersions  (3a) 


Type:  Range/Doppler  80  day  arc 

SMAA:  2178  km 

SMIA:  760  km 

8:  89° 

TOP:  40  sec 


AV  Proportionality:  1% 

AV  Pointing:  2° 

Probe  Orientation  Pointing: 


2° 


Entry  Angle:  5.04° 

Angle  of  Attack:  4.00° 

Down  Range:  12.70° 

Cross  Range:  1.57° 

Lead  Angle:  5.43° 

Lead  Time:  5.18° 

Entry  Time:  7.59  min 


d.  Entry  and  Descent  Trajectory  Summary 


Critical  Events  | 

Entry  Parameters 

Descent  Parameters 

Time  from  Entry 

Altitudes 
above  1 atm 

Entry  Velocity,  km/sec:  37.1 
Entry  Altitude,  km:  491 

Entry  B,  slug/ft2:  0.65 

kg/a2: 

Entry  Atmosphere: 

Nominal 

Max  Deceleration,  g:  350 

Max  Dynamic  Pressure. 
lb/ft2:  7.0  x 103 

kg/m2:  3.3  x 105 

Descent  Atmosphere: 
Nominal 

EOM  Pressure,  bar:  7.0 

Descent  B,  slug/ft2: 
slug/ft2:  0.7 

kg/m2:  109.9 

g * 0.1,  sec:  3.0 

Max  g,  sec:  22.5 

M * 0.7 , sec:  78.5 
Descent  Time,  min: 
40.4 

EOM,  min:  41.7 

km:  444 

km:  158 

km:  100 
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e . Navigation  and  Dispersions  - The  navigation  and  dispersion 
summary  is  provided  in  Table  VI-4(c).  The  spacecraft  uncertain- 
ties are  based  on  using  range/Doppler  measurements  over  an  80-day 
tracking  arc.  The  SMAA  would  be  reduced  by  half  by  using  QVLBI 
measurements.  The  navigation  uncertainties  have  an  approximately 
equal  contribution  to  dispersions  as  execution  errors.  The  entry 
dispersions  are  rather  large  but  are  tolerable. 

/.  Entry  and  Descent  Trajectories  - Table  VI-4(d)  summarizes 
the  entry  and  descent  phases  on  the  mission.  Both  phases  of  the 
mission  were  simulated  using  the  nominal  atmosphere.  The  entry 
phase  starts  491  km  above  the  1 atm  pressure  level  (0  km  alt  = 
59,800  km)  and  ends  with  the  staging  of  the  aeroshell  78.5  sec 
later.  During  this  phase,  a peak  deceleration  of  350  g is  at- 
tained 19.0  sec  after  entry.  The  descent  phase  starts  after 
staging  of  the  aeroshell  and  continues  through  the  end  of  mission 
at  7.0  bar.  The  total  descent  time  is  40.4  min. 

System  Integration 

a.  Functional  Sequence  - Table  VI-5  shows  the  sequence  of  events 
for  the  Saturn  probe  mission.  This  is  similar  to  the  sequence 
for  the  spacecraft-radiation-compatible  Jupiter  mission  discussed 
in  Chapter  V,  Section  D;  the  primary  difference  is  related  to  the 
main  chute  deployment.  The  entry  and  descent  ballistic  coeffi- 
cients are  essentially  the  same.  Therefore,  in  order  to  remove 
the  descent  probe  from  the  heat  shield/aeroshell,  a main  parachute 
is  deployed  for  approximately  15  sec  and  then  released  to  allow 
the  drogue  chute  to  open. 

b.  Functional  Block  Diagram  - The  functional  interfaces  are  iden- 
tical to  these  discussed  for  the  nominal  Jupiter  probe  (Chapter  V, 
Section  B) . 

a . System  Data  Profile  - Figure  VI-17  shows  the  data  profile  for 
the  Saturn  probe  and  is  similar  to  that  for  the  spacecraft- 
radiation  compatible  Jupiter  probe.  The  storage  capacity  is 
approximately  12,400  bits  and  the  transmitted  data  rate  is  ap- 
proximately 21  bps  during  separation,  2 bps  during  pre-entry, 
and  26.3  bps  during  entry. 

d . System  Power  Profile  - Figure  VI-18  shows  the  power  profile 
for  the  Saturn  probe.  It  is  similar  to  that  discussed  in  Chapter 
V,  Section  D for  the  alternative  Jupiter  probe,  except  that  the 
entry  time  uncertainties  are  much  less  for  the  Saturn  probe. 
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Table  VI-5  Sequence  of  Events  for*  the  Saturn  Probe 


ITEM 

TirfE 

EVENT 

1. 

L=0 

Launch,  September  4,  1977 

2. 

L+2h 

Separate  Spacecraft  from  Launch  Vehicle 

3. 

L+2h  to  L+1253. 46d 

Cruise 

4. 

S-6h,  0m,  0s 

Spacecraft  Power  to  Probe;  Eject  Environmental  Cover 

5. 

S-5h,  47m,  0s 

Start  Probe  Checkout 

6. 

S-Oh,  17m,  0s 

Probe  Checkout  Complete;  Start  Spacecraft  Orientation  for  Release 

7. 

S-Oh,  2m,  Os 

Spacecraft  Orientation  to  107°  Complete;  Activate  Probe  Data  Handling 
System  & Separation  Subsystems; 

8. 

(L+1253. 59d)  S-0 

Separate  Probe 

9. 

S+Om,  0.5s 

Start  Probe  Splnup  to  100  rpm 

10. 

S+4m,  Os 

Probe  Splnup  to  100  rpm  Complete 

11. 

S+15m,  Os 

Apply  Probe  AV  (170  m/sec)  (900  m Separation) 

12. 

S+15m,  21s 

Eject  Probe  Deflection  Motors;  Activate  Attitude  Propulsion  Subsystem 

13. 

S+15m,  31s 

Start  Probe  Precession;  Reorient  Spacecraft  to  Earth  Lock  (-107*) 

14. 

S+6h,  13m,  31s 

Turn  on  Transmitter 

15. 

S+6h,  15m,  31s 

Probe  Precession  Complete  (-66*);  Start  Probe  Acquisition 

16. 

S+6h,  16m,  31s 

Acquisition  Complete;  Start  Engineering  Data  Transmission 

17. 

S+6h,  26m,  31s 

Complete  Data  Transmission;  Deactivate  Probe  Systems 

18. 

L+1253. 86d  to  L+1261. 53d 

Coast 

19. 

E-Oh,  53m,  Os 

Enable  Entry  Battery  Ordanance 

20. 

E-Oh,  33m,  Os 

Activate  Probe  Descent  Batteries  (In  Aeroshell  & Descent  Probe)  Enable  Probe 
Despin;  Turn  on  Data  Handling  System,  Engineering  Instrumentation 

21. 

E-Oh,  22m,  20s 

Turn  "On”  Transmitter 

22. 

E-Oh,  20m,  2 Os 

Start  Probe  Acquisition 

23. 

E-Oh,  18m,  40s 

Complete  Probe  Acquisition;  Start  Data  Transmission; 

24. 

E-Oh,  18m,  30s 

Start  Probe  Despin  to  5 rpm 

25. 

E-Oh,  13m,  30s 

Probe  Despin  Complete 

26. 

E-Oh,  13m,  Os 

Eject  Service  Module;  Activate  Service  Module  Deflection  Propulsion;  Trans- 
mitter "Off" 

27. 

E-Oh,  11m,  10.5s 

Turn  on  Science  Instruments  , 

28. 

E»0 

Entry  (491  k®  above  1 atm;  j « 10  bar) 

29. 

E+Oh,  om,  2s 

Start  Recording  Accelerometer  Data  (0.1  g Sensing) 

30, 

E+Oh,  Om,  20. 5s 

Initiate  Probe  Descent  Program  (100  g Sensing) 

31. 

t+Uh,  Om,  22,5s 

Maximum  G ■ 350  for  -25*ye 

32. 

E+Oh,  1m,  25s 

Eject  Base  Cover  Quadrants  (Mach  0.8) 

33. 

E+Oh,  lm,  18.5s 

Deploy  Main  Parachute  (Mach  0.7  % 0.048  bars) 

34. 

E+Oh,  lm,  28.5s 

Release  Descent  Probe  from  Entry  Probe  (Switch  Probe  Antenna)  Probe  Trans- 
mitter "On";  Start  Probe  Acquisition. 

35. 

E+Oh,  lm,  30.5s 

Deploy  temperature  Gauge;  Release  Mass  Spectrometer  Covers 

36. 

E+Oh,  3m,  33.5s 

Release  Main  Chute  and  Deploy  Drogue  Chute. 

37. 

E+Oh,  3m,  8.5s 

Probe  Acquisition  Complete;  Start  Data  Transmission 

36. 

E+Oh,  41m,  43.5s 

End  of  Design  Mission  (v  7 bars) 

39. 

(L+1261. 61d)  E+55«,  54s 

Spacecraft  Perlapsls  (2.33  Rs);  February  16 t 1981 

Includes  8.0  min  Entry  Trajectory  uncertainty  and  baaed  on  a descent  ballistic  coefficient  of  0.7  slug/ft2 
(1X0  kg/»2). 
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e.  System  Weight  Summary  - Table  VI-6  presents  the  weight  summary 
for  the  Saturn  probe.  The  entry  weight  of  76.39  kg  is  approximately 
34  kg  lighter  than  the  entry  weight  for  the  spacecraft-radiation-' 
compatible  Jupiter  probe.  The  significant  differences  are  in  the 
heat  shield  and  deceleration  forces. 


Table  VI-6  Weight  Summary  for  the  Saturn  Probe 


Probe  Breakdown 

Weight 

kg 

lb 

Science 

8.07 

17.80 

Power  and  Power  Conditioning 

6.18 

13.65 

Cabling 

4.85 

10.70 

Data  Handling 

2.59 

5.70 

Attitude  Control  (dry) 

10.25 

22.60 

Communication 

5.40 

11.90 

Pyrotechnics 

4.23 

9.32 

Structure  and  Heat  Shield 

34.30 

75.61 

Mechanisms 

7.57 

16.70 

Thermal 

6.71 

14.80 

Propulsion  (dry) 

2.65 

5.85 

Propellant 

.7.10 

15.65 

15%  Margin 

14.99 

33.04 

Ejected  Weight 

114.90 

253.32 

Entry  Weight 

76.39 

168.40 

Descent  Weight  (final) 

36.44 

80.33 
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Telecommunications  Subsystem 


Table  VI-7  depicts  design  details  of  the  RF  components  which  com- 
prise the  telecommunications  subsystem.  Design  requirements  are 
discussed  in  Section  A of  this  chapter.  Complete  details  of  the 
components  are  given  in  Chapter  V,  Section  A. A.  6.5  W of  RF  power 
is  required  at  0.86  GHz  with  a bit  rate  of  26  bps  using  binary  FSK 
with  a tracking  tone.  A solid-state  switch  may  be  used  at  this 
power  level.  The  entry  antenna  is  an  annular  slot  which  is  mounted 
on  the  service  module  under  the  deflection  motor.  The  descent 
antenna  is  a turnstile  over  a cone  design  which  is  mounted  on  the 
aft  bulkhead  of  the  descent  probe.  The  spacecraft  antenna  is  a 
helix  with  right-hand  circular  (RHC)  polarization  and  a 35°  beam- 
width.  The  descent  antenna  is  also  RHC  polarized  but  the  entry 
slot  antenna  has  linear  polarization.  Cross  polarization  losses 
occur  during  entry  but  the  link  margin  is  high  enough  to  overcome 
the  loss.  The  spacecraft  receiver  is  conventional  solid-state 
design  with  a noise  figure  of  3.1  dB. 

Data  Handling  Subsystem 

Tne  configuration  and  functions  of  the  data  handling  subsystem 
are  unchanged  from  the  design  of  the  nominal  Jupiter  probe  with 
the  exception  of  minor  modifications  of  sequence  and  format 
(Chapter  V,  Sections  A. 5 and  B.5  of  this  volume  and  Vol  III, 
Appendix  H) . 

Power  and  Pyrotechnic  Subsystem 

The  configuration  of  the  power  and  pyrotechnic  subsystem  is  un- 
changed from  the  nominal  Jupiter  probe  except  for  battery  size 
and  weight  (Chapter  V,  Sections  A. 6 and  B.6  of  this  volume  and 
Vol  III,  Appendix  G) . These  physical  characteristics  are: 


Ag-Zn 

Post-Separation  Battery 

94  in.3 

6.9 

lb 

Ag-Zn 

Entry  Battery 

35.6  in.3 

2.6 

lb 

Hg-Zn 

Pyrotechnic  Battery 

1 x 0.5  x 3 in. 

0.9 

lb 

The  remotely  activated  Ag-Zn  batteries  are  based  on  power  con- 
sumption for  this  mission.  The  change  in  the  dimensions  of  the 
Hg-Zn  battery  is  based  on  later  catalog  information  chan  was 
available  during  the  nominal  Jupiter  probe  definition. 


Table  VI-7  Telecormunications  RF  Subsystem  for  the  Saturn  Mission 


CONDITIONS:  Planet:  Saturn  S/C:  Mariner  Frequency: 

0.86  GHz  Bit  rate:  26  bp; 

COMPONENT 

CHARACTERISTIC 

UNIT 

VALUE 

Transmitter 

RF  Power  Out 

W 

6.5 

Overall  Efficiency 

X 

45 

DC  Power-ln  at  28  V dc 

w 

14.5 

Total  Weight 

kg 

2.72 

lb 

6.0 

RF  Switch 

Type 

Solid  State 

Insertion  Loss 

dB 

0.3 

Weight 

kg 

0.1 

lb 

0.2 

Entry  Antenna 

Type 

Annular  Slot 

Main  Beam  Angle 

deg 

55 

Beamwldth 

deg 

30 

Max  Gain 

dB 

5.2 

Diameter 

cm 

43.2 

in. 

17 

Weight 

kg 

2.1 

lb 

4.7 

Descent  Antenna 

Type 

Turns tile /Cone 

Main  Beam  Angle 

deg 

0 

Beamwldth 

deg 

90 

Max  Gain 

dB 

6.0 

Size  (diameter  x h) 

cm 

20.3  x 7.6 

in. 

8x3 

Weight 

kg 

0.45 

lb 

1.0 

Spacecraft  Antenna 

Type 

Helix 

Beamwldth 

deg 

35 

Max  Gain 

dB 

13.5 

Size  (1  x diameter) 

cr 

73.2  x 11.1 

la. 

23.8  x 4.4 

Weight 

kg 

2.72 

lb 

6.0 

Deapln 

No 

Position  Search 

1 

Frequency  Acquisition 

sec 

41 

Clock  Angle , 8 

deg 

177 

Cone  An^le,  8 

deg 

74 

Spacecraft  Receiver 

Noise  Temperature 

•k 

300 

Noise  Figure 

dB 

3.1 

DC  Fover-ln  at  28  V dc 

V 

3.0 

Weight 

kg 

0.9 

lb 

2.0 
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Attitude  Control  Subsystem  - Electronics 


The  electronics  configuration  and  functions  for  this  subsystem 
are  unchanged  from  the  nominal  Jupiter  probe  design  (Chapter  V, 
Sections  A. 7 and  B.7  in  this  volume  and  Vol  III,  Appendix  F) . 

8.  Structural  and  Mechanical 


The  Saturn  probe  is  the  smallest  of  the  configurations  evaluated; 
this  is  due  to  the  less  hostile  (from  a structural  standpoint) 
entry  environment.  The  planetary  entry  decelerations  are  lower, 
resulting  in  lower  structural  weights.  The  heat  shield  mass  frac- 
tion is  also  less,  and  this,  combined  with  the  reduced  structural 
weight,  produces  a probe  design  weighing  substantially  less  than 
the  Jupiter  configurations. 

The  probe  is  required  to  provide  a deflection  maneuver  delta 
velocity,  attitude  stabilization,  and  attitude  reorientation  be- 
tween the  trajectory  deflection  maneuver  and  entry.  Thus,  the 
probe  configuration  propulsion  system  includes  a delta  velocity 
motor  and  an  attitude  control  system. 

a.  Configuration  and  General  Arrangement  ( Blunt  Nose)  - Two  con- 
figurations of  the  Saturn  probe  were  evaluated.  Configuration  1 
uses  the  blunt  entry  nose  cone  shape  recommended  by  the  heat  shield 
analysis  results.*  The  other  configuration  evaluated  (Configura- 
tion 2)  uses  the  same  1.04  rad  (60°)  half  angle  nose  cone  as  that 
used  for  the  Jupiter  entry  probes.  Each  configuration  used  the 
respective  heat  shield  mass  fraction  recommended  by  M Tauber.* 

The  heat  shield  diameters  are  shown  to  be  almost  identical  for  the 
two  configurations.  This  is  due  to  the  drag  coefficients  being 
very  close  for  the  two  nose  shapes.  The  hypersonic  drag  coeffi- 
cient for  the  blunt  nose  is  Cjj  * 1.57  while  the  comparable  coeffi- 
cient for  the  conical  nose  cone  is  C^  ■ 1.51. 


*M.  E.  Tauber:  Heat  Protection  for  Atmospheric  Entry  into  Saturn , 

Uranus , and  Neptune.  Preprint  No.  ASS-71-145,  17th  Annual 
Meeting,  American  Astronautical  Society,  June  28,  30,  1971. 
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The  Configuration  1 Saturn  probe  is  shown  in  Figure  VI-19.  Gen- 
erally speaking,  this  configuration  is  much  like  the  Jupiter 
probes  except  for  the  changes  necessary  to  accept  the  blunt  shape 
of  the  aeroshell/heat  shield  assembly.  This  blunt  nose  shape 
of  the  aeroshell  forces  the  descent  probe  nose  to  be  blunted 
also,  resulting  in  the  inlet  of  the  mass  spectrometer  being 
forced  aft.  The  net  result  is  that  the  mass  spectrometer  and 
the  accelerometer  above  it  are  forced  af t^  with  respect  to  the 
equipment  support  deck.  For  this  configuration,  the  equipment 
support  deck  incorporates  a center  hole  permitting  the  accel- 
erometer to  project  through  and  above  the  deck.  This,  in  turn, 
forces  the  main  parachute  mortar  further  aft  on  the  probe.  The 
aeroshell  for  this  configuration  is  kept  as  small  in  cross- 
section  thickness  as  possible,  to  minimize  the  transfer  of  equip- 
ment location  in  the  descent  probe. 

The  ejected  probe  as  separated  from  the  spacecraft  is  0.786  m 
(31.0  in.)  in  diameter,  0.803  m (31.6  in.)  long  including  the 
deflection  motor,  and  weighs  107.92  (237.88  lbm) . The  entry  probe 
length  is  shortened  to  0.482  m (19.0  in.)  and  the  weight  decreased 
to  67.63  kg  (149.12  lbm),  with  the  separation  of  the  deflection 
motor  and  the  service  module  before  entry.  The  descent  probe  is 
0.445  m (17.5  in.)  in  diameter,  0.429  m (16.9  in.)  long,  and  weighs 
37.33  kg  (82.35  lbm).  The  descent  probe  is  vented  to  the  atmosphere 
during  descent.  The  scientific  instrument  component  complement 
is  the  same  as  that  for  the  probe-dedicated  Jupiter  mission  and 
for  the  spacecraft-radiation-compatible  mission  probes.  The  ar- 
rangement of  these  components  and  the  supporting  electrical  and 
electronic  components  of  the  probe  are  shown  on  the  figure. 

A service  module  provides  for  the  attitude  control  of  the  probe 
after  separation  from  the  carrier  spacecraft,  and  contains  the 
attitude  control  propulsion  and  electronic  subsystems.  The  service 
module  is  jettisoned  after  performing  the  probe  spin-despin- 
precession  maneuver.  The  aft  end  of  the  service  module  interfaces 
with  the  pre-entry  antenna  and  the  deflection  maneuver  motor.  The 
deflection  motor  is  jettisoned  after  the  deflection  maneuver. 

The  pre-entry  antenna  is  jettisoned  along  with  the.  service  module. 

A dual  parachute  system  is  provided  for  this  probe.  This  was  done 
to  provide  separation  of  the  descent  probe  from  the  aeroshell  at 
staging.  The  descent  parachute  ballistic  coefficient  is  too  high 
to  drag  the  descent  probe  from  the  aeroshell.  Hence,  a second 
larger  parachute  is  used  to  provide  a low  ballistic  coefficient 
for  separation,  and  then  jettisoned. 
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b.  Configuration  and  General  Arrangement  (.Conical  Nose)  - The 

second  Saturn  probe  configuration  investigated  used  a 1.04  rad 
(60°)  half  angle  conical  aeroshell/heat  shield  structure.  Al- 
though the  heat  shield  mass  fraction  is  slightly  larger  than  that 
for  the  blunt  nose  cone  of  Configuration  1,  the  conical  aeroshell 
offers  packaging  advantages  for  the  descent  probe,  and  was  thus 
investigated.  The  general  arrangement  of  Configuration  2 is 
shown  in  Figure  VI-20.  For  this  configuration,  the  aeroshell 
structural  arrangement  is  similar  to  that  of  the  Jupiter  probes. 

The  nose  of  the  descent  probe  is  allowed  to  project  forward  into 
the  aeroshell  at  approximately  a 1.05  rad  (60°)  half  angle  cone, 
permitting  the  equipment  arrangement  to  be  less  cramped  and  sim- 
ilar to  that  of  the  Jupiter  probes.  This  packaging  arrangement 
is  a little  cleaner  than  Configuration  1. 

The  aft  cover  for  both  configurations  is  designed  like  that  of 
the  Jupiter  probes.  The  base  cover  is  designed  in  quadrants  that 
open  after  entry  and  are  jettisoned  by  means  of  pyrotechnic 
thrusters.  The  Configuration  2 ejected  probe  as  separated  from 
the  spacecraft  is  0.786  m (31.0  in.)  in  diameter,  0.825  m (32.5 
in.)  long  including  the  deflection  motor,  and  weighs  114.9/kg 
(253.32  lbm) . The  entry  probe  length  is  shortened  to  0.51  m (20  inO 
and  the  weight  decreased  to  76.39  kg  (168.40  lbm),  with  the  sepa- 
ration of  the  deflection  motor  and  the  service  module  before  entry. 
The  descent  probe  is  0.445  m (17.5  in.)  in  diameter,  0.435  in.  (17.1 
in.)  long,  and  weighs  36.44  kg  (80.33  lbm)  pyrotechnic  thrusters. 

c.  Structural  Design  - The  Saturn  probe  is  designed  for  entry 
at  either  the  planet  Saturn  or  Uranus.  The  entry  conditions 
are  close  enough  for  the  two  planets  that  no  appreciable  struc- 
tural weight  penalty  is  involved  in  designing  for  the  worst  case. 

An  entry  deceleration  of  380  g is  encountered  at  Uranus  as  com- 
pared with  350  g at  Saturn.  Likewise,  the  planetary  entry  peak 
dynamic  pressure  occurs  at  Uranus.  The  peak  dynamic  pressure  at 
Uranus  of  35.4  * 104  N/m2  (7400  lbf/ft2)  compares  with  33.5  * 104 
N/m2  (7000  lbf/ft2)  for  Saturn  for  the  respective  missions.  Thus, 
the  entry  probe  with  the  exception  of  the  aeroshell  is  designed 

to  380  g deceleration  loads.  The  aeroshell  is  designed  by  the 
normal  pressure  on  the  nose  cone,  which  is  a function  of  nose  cone 
shape,  and  the  peak  dynamic  pressure  at  planetary  entry.  The 
dynamic  pressure  at  Uranus,  which  is  slightly  higher  than  at  Saturn, 
is  used  for  design. 
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The  descent  probe  configuration  is  similar  to  that  of  the  Jupiter 
probe,  using  a machined  plate  with  integral  stiffening  beams  for 
the  equipment  deck,  and  a probe  sidewall  using  10  longerons  to 
transfer  the  deck  load  into  the  probe  shell. 

The  nose  cone  aeroshell  structure  for  Configuration  1 is  a point 
design  using  a waffle-type  structure.  The  aeroshell  would  be 
stretch-forms  to  a spherical  segment,  and  chemically  milled  after 
forming  to  leave  a grid  work  of  intersecting  reinforcing  webs. 
Analyses  show  that  an  aeroshell  having  reinforcing  webs  approxi- 
mately 0.63  cm  (0.25  in.)  high  and  fabricated  of  titanium  would 
have  approximately  the  same  weight  as  the  ring  reinforced  conical 
aeroshell. 

The  aeroshell  structure  of  the  Configuration  2 Saturn  probe  ufc.es 
the  ring-frame  stiffened  cone  design  of  the  Jupiter  probes.  The 
parametric  data  generated  for  Jupiter  aeroshell  structure,  and 
presented  in  Chapter  V,  A. 8 may  be  used  for  calculating  the  weight 
of  the  structure. 


a.  Parachute  Assembly  - A two-stage  deceleration  is  supplied  for 
the  Saturn  descent  probe.  This  arrangement  is  necessary  because 
of  the  high  ballistic  coefficient  provided  for  descent  into  the 
atmospheres  of  Saturn  and  Uranus.  The  selected  ballistic  coeffi- 
cient for  descent  is  110  kg/m2  (0.7  slug/ft2).  The  spent  aero- 
shell/heat  shield  assembly  has  a ballistic  coefficient  of  43.5 
kg/m2  (0.25  slug/ft2)  after  separation,  and  it  is  readily  apparent 
that  the  descent  parachute  will  not  pull  the  descent  probe  away 
from  the  aeroshell.  However,  once  the  descent  probe  is  on  the 
descent  parachute,  it  will  outrun  the  aeroshell  assembly.  The 
same  parachute  configurations  are  satisfactory  for  use  on  either 
of  the  two  Saturn  probe  designs  investigated. 


The  ballistic  coefficient  for  the  separation  parachute  has  been 
arbitrarily  selected  as  half  that  of  the  spent  aeroshell,  or 
B ■ 21  kg/m2  (0.12  slug/ft2).  This  value  provider  reasonable 
relative  deceleration  of  the  descent  probe  to  that  of  the  aero- 
shell. For  a value  of  dynamic  pressure  of  1700  N/m2  (36  lbf/ft2), 
the  relative  deceleration  is  approximately  5 g,  ample  to  provide 
separation. 
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Figure  VI-20  Alternative  Saturn  Probe  Configuration 
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The  separation  parachute  is  selected  using  the  above  ballistic 
coefficient  and  a descent  probe  mass  of  37.2  kg  (2.55  slug).  This 
results  in  a parachute  size  of  2.1  m (6.8  ft)  in  diameter.  This 
parachute  is  a disc-gap-band  configuration.  The  parachute  is  de- 
ployed by  a pyrotechnic  mortar,  and  released  after  separation. 

The  descent  parachute  has  a ballistic  coefficient  of  110  kg/m2  (0.7 
slug/ft2).  For  a descent  probe  weight  of  37.2  kg  (2.55  slug), 
this  results  in  a parachute  diameter  of  0.67  m (2.2  ft).  For 
parachutes  this  small,  the  drag  of  the  entry  probe  body  cannot 
be  ignored.  The  probe  body  accounts  for  a fair  percentage  of  the 
total  drag.  The  above  parachute  diameter  takes  the  probe  body 
drag  into  account.  The  descent  probe  is  a flat  circular  para- 
chute. 

e.  Heat  Shield  - The  nose  cone  heat  shield  design  has  been  de- 
veloped using  heat  shield  mass  fraction  data  developed  by  M.  Tauber. 
These  mass  fractions  are  shown  in  Figures  VI-21  and  VI-22  for 
Saturn  and  Uranus  entries.  The  mass  fraction  data  for  Saturn  has 
been  used  for  design  of  the  probe  heat  shield  since  this  is  the 
more  severe  case.  From  Figure  VI-21,  it  is  seen  that  the  heat 
shield  mass  fraction  for  the  blunt  body  nose  cone  for  a Satur.i 
entry  angle  of  30°  is  0.145.  The  mass  fraction  for  the  1.04  rad 
(60°)  conical  nose  and  a Saturn  entry  angle  of  30°  is  higher, 
approximately  0.215.  The  former  (blunt  body)  results  in  a heat 
shield  weight  of  approximately  8.93  kg  (19.68  lbm)  for  config- 
uration 1.  Configuration  2 conical  nose  has  a heat  shield 
weight  of  approximately  14.2  kg  (31.4  lbm).  Therefore,  the 
delta  heat  shield  weight  of  between  the  two  configurations  is 
5.27  kg  (11.72  lbm). 

The  base  cover  heat  shield  for  the  probe  is  based  on  a hert  pulse 
of  2%  of  the  nose  cone  heat  pulse.  The  methodology  of  determining 
the  base  cover  heat  shield  is  the  same  as  that  presented  in  the 
heat  shield  discussion  of  Chapter  V,  Section  A. 8.  The  heat  pulse 
data  to  enter  the  ablator  analysis  is  presented  in  Table  VI-8  for 
the  planets  Saturn  and  Uranus.  The  resulting  ablator  protection 
required  is  presented  in  Table  VI-9. 

The  base  cover  protection  selected  is  that  for  the  planet  Saturn, 
the  more  severe  of  the  two  planets.  The  ablator  material  selected 
is  ESA  3560,  which  is  a filled  silicone  material  reinforced  with 
fiberglass  honeycomb. 
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Table  VI-8  Heat  Pulse  Data  for  Base  Cover  Ablator  Analysis 


Planet 

ye 

Peak  HTG 
Rate, 

Btu 

f t^~sec 

Total  Heat, 

Btu 

it7 

Time  of 
HTG  Pulse, 
sec 

Saturn 

-60 

158 

475 

-30 

96.7 

392 

8.1 

-20 

68.0 

370 

10.9 

-10 

35.0 

280 

16.0 

Uranus 

-60 

105.0 

270 

5.15 

-30 

66.7 

198 

5.95 

-20 

35.0 

148 

8.45 

-10 

10.5 

111 

21.0 

Table  VI-9  Unit  Weight  of  Ablator  Required  to  Protect  Base  Cover 
Structure  to  300°F  Maximum  during  Planetary  Entry 


Planet 

ye 

Carbon 

Phenolic 

ESA  5500- 
MB 

ESA 

3560 

SLA 

561 

Quartz 

Phenolic 

Saturn 

-30 

1.10 

0.61 

0.28 

1.04 

-20 

1.24 

0.68 

0.32 

1.18 

-10 

1.44 

C.79 

0.37 

0.19 

1.36 

Uranus 

-30 

0.92 

0.51 

0.23 

0.87 

-20 

1.04 

0.57 

0.27 

0.14 

0.99 

-10 

1.50 

0.83 

0.39 

0.20 

1.42 

f.  Mass  Properties  - The  weight  tabulation  for  the  components 
of  the  Configuration  1 Saturn/Uranus  probe  are  presented  in  Table 


VI-10. 
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Table  VI-10  l eight  Breakdown  for  the  Saturn  Probe  (Configuration  1) 


Wei* 

_J<8 r 

Sht 

Lb 

Science 

Temperature  Gauge 

0.45 

1.00 

Pressure  Transducer 

0.68 

1.50 

Accelerometer  Sensor 

0.59 

1.30 

Converter 

0.91 

2.00 

Neutral  Mass  Spectrometer  Analyzer 

1.81 

4.00 

Electronics 

2.72 

6.00 

Pump 

0.45 

1.00 

Ballast  Tank 

0.45 

1.00 

8.06 

17.8 

Power  and  Power  Conditioning 

0.91 

2.00 

Power  Conditioner 

Power  Distribution  Box 

0.45 

1.00 

Power  Filters 

0.81 

1.80 

Entry  Batteries 

1.29 

2.85 

Post  Separation  Batteries 

2.31  1 

5.1 

Mercury-Zinc  Battery  (Pyro) 

0.41 

.90 

6.18 

13.65 

Cabling 

2.82 

6.20 

Inner  Probe 

External  Structure 

2.04 

4.50 

4.86 

10.70 

Data  Handling 

2.13 

4.7 

Electronics 

Memory  Banks 

0.45 

1.0 

2.58 

5.7 

Attitude 

Sun  Sensor 

1.59 

3.5 

Planet  Sensor 

0.91 

2.0 

ACS  System  and  Tanks 

4.63 

10.2 

Nutation  Damper 

1.09 

2.4 

Accutron  Timer 

0.14 

.3 

ACS  Electronics 

1.36 

3.0 

9.72 

21.4 

Communications 

Pre-entry  Antenna 

2.13 

4.70 

Post-entry  Antenna 

0.45 

1.0 

RF  Transmitter 

2.72 

6.0 

RF  Switch 

0.10 

0.20 

5.40 

11.90 

Pyrotechnic  Subsystem 

0.91 

2.00 

Pyro  Electronics 

Pyro  Capacitors  (Probe) 

0.23  1 

.5 

Pyro  Capacitors  (External) 

0.45  1 

1.0 

Pyro  Relay  (26)  (External  Ser  Mod) 

0.74 

1.64 

SCR  (26)  Probe 

0.37 

0.81 

SCR  (26)  Aero  Shell 

0.37 

0.81 

Pyro  Squibs 

0.71 

1.56 

Pyro  Thruster 

0.45 

1.00 

4.23 

9.32 

Structures  and  Heat  Shields 

Descent  Probe  Structure 

3.12 

6.88 

Equipment  Support  Deck 

2.34 

5.15 

Base  Cover 

3.86 

8.50 

Service  Module  Structures 

3.68 

8.1 

Aeroshell  (2  lb  for  Payload  Ring  Added) 

4.27 

9.4 

Forward  Heat  Shield  (4.37  lb  ablated  during  entry) 

8.93 

19.68 

Aft  Heat  Shield  (4.0  lb  ablated  during  entry) 

1.21 

2.68 

Deflection  Motor  Support 

1.59 

3.5 

29,00 

63.89 
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Table  VI-10  (cont) 


Weight 

Kg  Lb 

Mechanisms 

Separation  Spring  Cartridges 

1.23 

2.70 

Separation  Nuts 

0.64 

1.4 

Pin  Puller 

0.82 

1.8  1 

Latchs  and  Bands 

0.91 

2.0 

Descent  Parachute 

0,41 

0.9 

Separation  Parachute 

3.43 

7.56 

7.44 

16.36 

Thermal 

External  insulation  Blanket  (Forward  Heatshield) 

1.23 

2.7 

External  Insulation  Blanket  (Base  Cover) 

1.59 

3.5 

Probe  Hull  Insulation  (Internal) 

1.59 

3.5 

Isotope  Heaters  2-2 

1.82 

4.0 

Environmental  N0  tanks 

0.50 

1.1 

6.73 

14.8 

Propulsion  t 

Deflection  Motor  Cases 

2.50 

5.50 

Deflection  Motor  Propellant 

6.13 

13.50 

ACS  Propellant 

1.06 

2.33 

9.69 

21.33 

Total 

93.84 

206.85 

15%  Contiry*.  .cy 

14.08 

31.03 

107.92 

237.88 

Items  Deployed  for  Despun  Weight 

Deflection  Motor  Supports 

1.59 

3.5 

Separation  Spring  Cartridges 

0.18 

0.4 

Separation  Nuts 

0.32 

0.7 

AV  Motor  Cases 

2.50 

5.5 

Propellant 

7.19 

15.85 

11.78 

25.93 

15%  Contingency 

1.77 

3.90 

(237.88  - 29.83  - 208.05  lb) 

13.55 

29.83 

107.92  - 13.55  - 94.37  kg 

Entry  Weight 

Preentry  Antenna 

2.13 

4.7 

External  Cabling 

2.04 

4.5 

Sun  Sensor 

1.59 

3.5 

Planet  Sensor 

0.91 

2.0 

ACS  System  (including  tanks) 

4.63 

10.02 

Nutation  Damper 

1.09 

2.4 

Accutron  Timer 

0.14 

0.3 

Pyro  Capacitors 

0.23 

0.5 

Pyro  Relays 

0.74 

1.64 

Service  Module  Structures 

3.68 

8.1 

Separation  Spring  Cartridge 

0.41 

0.9 

Separation  Pin  Pullers 

0.41 

0.9 

External  Base  Cover  Insulation  Blanket 

1.59 

3.5 

Separation  Battery 

2.31 

5.1 

ACS  Electronics 

1.36 

3.0 

23.25 

51.24 

15%  Contingency 

3.49 

7.69 

(208.05  - 58.93  - 149.12  lb) 

26.71 

58.93 

94.37  - 26.74  - 67.63  kg 

Post  Entry  Weight 

Forward  Heat  Shield  Ablated 

1.98 

4.37 

Aft  Heat  Shield  Ablated 

0.86 

1.90 

Insulation  Blanket  (Forward  H.3) 

1.23 

2.7 

4.07 

8.97 

15%  Contingency 

0.61 

1.34 

(149.12  - 10,31  - 138.81  lb) 

4.68 

10.31 

67.63  - 4.68  - 62.95  kg 

Weight  on  Parachute  (Initially) 

Base  Cover  Quadrants 

Base  Cover  Heat  Shield  (not  ablated) 

Separation  Pin  Pullers 

Separation  Nuts 

Isotope  Heaters 

Pyro  Thrusters 

15"  Contingency 

(138.81  - 15.73  « 123.08  lb) 

62.95  - 7.14  * 55.81  kg 

Weight  on  Parachute  (Final) 

Separation  Parachute 
Pyro  Capacitors 
Pyro  SCR 
Pyro  Squibs 
Aero  Shell 

Forward  Heat  Shield  (not  ablated) 

Spring  Cartridges 

Separation  Nuts 

Latches  & Band 

Isotope  Heaters 


8.5 

0.78 


18.49  40.73 


15 X Contingency 

(123.08  - 40.73  * 82.35  lb) 

55.81  - 18.49  - 37.32  kg 
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Propulsion  Subsystem 


The  propulsion  subsystem  for  the  Saturn/Uranus  probe  consists  of 
a spherical  solid  propellant  motor  to  provide  the  deflection 
maneuver  delta  velocity,  and  a cold  gas  attitude  control  propul- 
sion system.  The  deflection  motor  provides  a delta  velocity  of 
170  m/sec  (557  fps)  for  the  deflection  maneuver.  The  attitude 
control  system  provides  sufficient  cold  gas  (nitrogen)  propellant 
to  spin  the  probe  to  10.5  rad/sec  (100  rpm) , precess  the  probe 
through  an  angle  of  66°,  despin  to  an  angular  rate  of  0.52  rad/sec 
(5  rpm),  and  finally  impart  a delta  velocity  of  0.46  m/sec  (1.5 
fps)  to  deflect  the  service  module  at  jettisoning  of  the  module. 
These  systems  are  described  in  the  following  paragraphs. 

Deflection  Motor  - The  deflection  motor  for  the  Saturn  probe 
is  the  smallest  of  those  investigated  for  the  various  planetary 
probes.  The  configuration  of  the  motor  is  similar  to  that  de- 
fined in  Chapter  V,  Section  B.9.  This  motor  is  20.3  cm  (8.0 
in.)  in  diameter  and  weighs  8.9  kg  (19.6  lbm) . It  is  a spherical 
solid  propellant  motor  using,  like  the  other  motor  designed,  a 
dual  nozzle  to  avoid  particulate  impingement  on  the  carrier 
spacecraft  at  motor  ignition.  The  motor  is  designed  to  impart 
a velocity  of  170  m/sec  (557  fps)  to  a probe  weighing  114  kg 
(252  lbm).  The  delta  velocity  of  170  m/sec  is  applicable  to 
either  the  planet  Saturn  or  Uranus,  since  these  planets  can  use 
a common  deflection  delta  velocity.  The  probe  weight  is  also 
common  for  either  planet,  thus  permitting  the  motor  design  to  be 
compatible  for  entry  in  either  planet. 

Attitude  Control  System  - The  attitude  control  system  for  the 
Saturn  planet  is  smaller  than  the  other  probes  investigated, 
having  a moment  of  inertia  of  approximately  6.6  kg/m2  (5.0  slug/ 
ft2).  Thus,  for  a given  spinup  rate,  less  total  impulse  is  re- 
quired. However,  the  spin-despin-precess  nozzles  have  a smaller 
moment  arm  due  to  the  probe  smaller  size.  This  parameter  par- 
tially offsets  the  gain  of  reduced  moment  of  inertia.  The  net 
result  is  a small  reduction  in  gas  weight  and  gas  container  weight 
for  the  ACS  system.  The  functional  diagram  is  similar  to  that 
defined  in  Chapter  V,  Section  B.9. 

The  precession  maneuver  at  Saturn  is  1.15  rad  (66°)  while  that 
required  at  Uranus  is  only  0.42  rad  (24°).  The  cold  gas  supply 
is  based  on  the  larger  of  the  two  precession  angles,  such  that 
the  common  probe  may  be  used  to  enter  either  planet.  The  spinup 
rate  before  performing  the  deflection  maneuver  is  the  same  as 
that  applied  to  other  probes,  namely  1C. 5 rad/sec  (100  rpm). 
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Likewise,  the  despin  maneuver  is  10.0  rad/sec  (95  rpm) , and  the 
service  module  deflection  maneuver  is  0.46  m/sec  (1.5  fps) . The 
total  propellant  gas  requirement  for  the  above  maneuvers  is  1.05 
kg,  2.33  lbm,  and  the  gas  container  weight  is  1.37  kg  (3.02  Ibm) 
for  a total  system  weight  of  5.7  kg  (12.6  lbm). 

10-  Thermal  Control  Subsystem 

A probe  thermal  analysis  was  performed  for  the  nominal  Saturn 
probe  mission  defined.  The  basic  probe  configuration  consisted 
of  a 78.6  cm  diameter  entry  probe  design  with  probe  propulsion, 

Sun  and  planet  sensors,  and  an  attitude  control  system.  On  the 
basis  of  the  thermal  analysis,  a complete  thermal  history  of  probe 
was  constructed  and  is  presented  in  Figure  VI-23.  These  results 
show  that  the  thermal  design  selected  is  adequate  to  maintain  the 
probe  temperatures  within  limits  throughout  the  mission  specified. 
Trajectory  uncertainties  for  this  mission  are  8 min,  which  is 
small  from  a thermal  control  standpoint.  In  addition,  the  RF 
transmitter  power  required  for  Sikv  . »wtll  (6.5  watts  RF); 
consequently  no  . ransmitter  thermal  problems  would  be  expected. 

For  the  descent  to  7 bars,  the  N2  gas  environment  control  to  2.5 
bars  pressure  was  selected  for  optimum  design. 

The  probe  temperature  margins  predicted  for  the  Saturn  probe  mis- 
sion are: 


Temperature  Margin 

Spacecraft 
Cruise,  °K 

Probe  . 
Coast,  °K 

Entry  & 
Descent,  °K 

Above  Equipment  Lower  Limit 

42 

18 

9 

Below  Equipment  Upper  Limit 

8 

25 

27 

Below  Transmitter  Upper  Limit 

— 

38 

47 

Figure  VI-23  Launch  to  Descent  Thermal  History  of  the  Satui 


Probe  Internal  Capacitance  »■  5.76  vatt-hr/ 


11. 


Spacecraft  Integration 


The  Saturn  probe  has  been  studied  for  integration  with  the  JFL 
Mariner  Spacecraft,  Configuration  2 (JPL  Drawing  No.  10054478). 
This  spacecraft  configuration  is  shown  in  Figure  VI-24. 

The  integration  of  Lhe  Saturn  probe  and  the  Mariner  spacecraft 
must  have  rinimal  impact  on  the  mission  and  operation  of  the 
spacecraft.  The  probe  it-  positioned  on  the  spacecraft  to  pro- 
vide for  proper  ejection,  minimum  effect  on  the  spacecraft  sub- 
systems and  least  amount  of  modification  of  the  original  space- 
craft concept. 

The  probe  is  mounted  on  the  aft  end  of  the  spacecraft  with  its 
centerline  angled  31°  to  the  spacecraft  center  line,  away  from, 
the  trajectory  correction  motor.  The  probe  is  supported  by 
tubular  trusses  f roc.  the  center  cavity  o t the  equipment  bay  module 
permitting  the  deflection  motor  to  nest  into  that  cavity. 

The  probe  integration  with  this  spacecraft  * a shown  in  Figrre 
VI-25.  The  probe  shown  in  the  figure  is  i^tuiliy  the  alternative 
Saturn  probe  using  a 1.04  rad  (60")  half  angle  nose  cone,  rather 
than  the  blunt  nose  primary  configuration.  The  installation 
would  be  essentially  the  same  fo.  either  probe  configuration, 
since  there  are  only  minor  differences  in  the  probes. 

The  probe  is  mounted  so  that  it  partially  Intrudes  into  the  volume 
of  the  polygon  b/*sic  body  of  the  spacecraft-.  This  is  done  to 
minimize  the  center  of  gravity  shift  of  the  spacecraft-plus-probe 
configuration  as  compared  with  that  of  the  spacecraft-only  con- 
figuration. It  is  mounted  on  the  end  of  the  spacecraft  opposite 
the  spacecraft  communication  antenna,  o that  t'-s  probe  is  pointed 
away  from  the  Sun  during  most  of  the  cruise  portion  t.f  flight. 

This  permits  better  thermal  control  of  probe  during  the  cruise 
phase 

Certain  changes  are  necessary  for  the  Mariner  spacecraft  to  locate 
the  probe  at-  shown  in  Figure  VI-  25.  These  changes  are: 

1)  Move  spacecraft  propellant  tank  forward; 

2)  Move  the  spacecraft  trajectory  motor  aft; 

3)  Relocate  the  ACS  propellant  bottles  slightly  outboard; 

4)  Provide  an  adapter  structure  for  probe  supp.vt; 

5)  Lengthen  the  spacecraft-to-Burner  IT  support  truss. 
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The  spacecraft  propellant  tank  was  moved  approximately  30.5  cm 
(12  in.)  forward,  toward  the  high  gain  antenna,  to  provide  clear- 
ance for  inserting  the  probe  into  the  spacecraft  polygon  cavity. 
The  ACS  propellant  tanks  were  moved  outboard  only  far  enough  to 
permit  clearance  for  the  relocated  spacecraft  propellant  tank. 

The  spacecraft  trajectory  correction  motor  was  moved  19  cm  (7.5 
in.)  aft  to  reduce  the  exhaust  impingement  on  the  probe  environ- 
ment enclosure,  requiring  an  45.7  cm  (18  in.)  increase  to  the 
supporting  truss  between  the  motor  and  the  monopropellant  tank. 

The  spacecraft  support  adapter  on  Burner  II  was  lengthened  from 
57.2  cm  (22.5  in.)  to  85  cm  (33.5  in.)  to  maintain  the  clearance 
between  Burner  II  and  the  payload  hardware. 

In  relocating  the  trajectory  motor,  the  motor  pointing  angle  was 
also  changed  0.05  rad  (3°)  outboard  so  that  the  nominal  thrust 
vector  was  half  way  between  the  location  of  the  spacecraft— only 
center  of  gravity  and  that  of  the  combined  spacecraft  plus  probe. 
Thus,  the  thrust  vector  location  is  a compromise,  but  probably 
acceptable. 

The  mounting  angle  of  the  probe  on  the  spacecraft  is  such  that 
the  extended  centerline  of  the  probe  passes  through  the  center 
of  gravity  of  the  spacecraft.  This  is  deemed  necessary  to  mini- 
mize tipoff  rates  at  spacecraft/probe  separation.  With  this 
arrangement,  the  separation  spring  force  thrust  vector  passes 
through  the  center  of  gravity  of  both  bodies  and  thus  should  pro- 
duce zero  (or  low)  tumbling  rates  at  separation.  Another  approach 
would  be  to  fold  some  of  the  spacecraft  Instrumentation  booms  to 
vary  the  spacecraft  center  of  gravity  at  probe  separation,  thus 
permitting  more  flexibility  in  possible  7 ‘obe  pointing  attitudes; 
however,  this  causes  increased  spacecraft  complexity. 

A multiple  spring  system  has  been  selected  for  separation  of  the 
probe  from  the  spacecraft.  Analysis  and  test  for  the  Air  Force 
Vela  satellite  show  that  this  is  an  acceptable  technique  resulting 
in  separation  tipoff  rates  less  than  0.008  rad/sec  (0.5  deg/sec). 
The  analysis  of  separation  springs  for  this  application,  supplying 
0.91  m/sec  (3  fps)  separation  velocity,  is  presented  in  Appendix  Q. 

An  environmental  cover  protects  the  probe  while  on  the  spacecraft. 
This  is  a aluminum  shell  of  approximately  0.050  gage  aluminum. 

The  environmental  enclosure  completely  encapsulates  the  probe  and 
provides  thermal  and  meteoroid  protection  while  the  probe  is  at- 
tached to  the  spacecraft.  This  enclosure  is  attached  to  the  probe 
support  trusses.  The  aft  end  of  the  enclosure  is  deployable  tor 
the  probe  ejection  from  the  spacecraft. 

The  electrical  and  electronic  modifications  are  the  same  as  in 
Chapter  V,  Section  B.ll. 
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VII. 


URANUS  STUDIES 


As  was  denoted  in  Chapter  VI,  the  initial  Uranus  study  objectives 
were  revised.  The  present  objectives  for  the  Uranus  studies  are 
to  (1)  influence  the  Saturn  Probe  system  definition  so  that  few 
changes  are  necessary  for  its  use  at  Uranus  and  (2)  to  identify 
the  necessary  changes  for  Uranus  application. 


PARAMETRIC  ANALYSIS 


The  Uranus  parametric  analysis  are  centered  around  the  mission  and 
science  areas.  The  five  missions  which  were  considered  at  the  be- 
ginning of  the  contract  (JUN  79,  JUN  80,  SUN  81-82,  SUN  82-83,  and 
SUN  84)  will  be  discussed  in  this  chapter,  as  well  as  '.he  JU  79 
mission  that  is  to  influence  the  Saturn  probe  definition  in  Chapter 
VI. 

Science  Performance  Analysis 

The  parametrics  for  Uranus  are  included  with  those  for  Saturn  in 
Chapter  VI,  Section  A.l.  These  parametrics  include  the  descent 
profile  and  entry  accelerometer  performance  analysis. 

Mission  Analysis 


The  detailed  mission  analysis  parametric  data  was  provided  in  Chapter 
IV  where  side-by-side  comparisons  of  mission  design  studies  for 
the  different  planets  may  be  made.  This  chapter  summarizes  the  im- 
portant results  for  Uranus  probe  missions. 

a.  Interplanetary  Trajectory  Selection  - The  interplanetary  tra- 
jectories to  be  considered  for  Uranus  were  specified  as  either 
Jupiter  swingbys  (JUN  79,  80)  or  Saturn  swingbys  using  solar  elec- 
tric propulsion  (SUN  81,  82,  83).  The  interplanetary  trajectories 
for  these  missions  are  summarized  lr.  Chapter  IV,  Section  G,  The 
trip  times  to  Uranus  are  about  6.5  years  for  the  JUN  79,  6.9  years 
for  the  JUN  80,  7.2  years  for  the  SUN  81  and  82,  and  7,5  years  for 
the  SUN  83. 
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b.  Approach  Trajectory  Selection  - The  selection  of  the  approach 
trajectories  at  Uranus  is  complicated  by  the  fact  that  the  approach 
velocity  is  generally  about  normal  to  the  planet  equator,  thereby 
making  equatorial  flybys  impossible  (Fig.  IV-32) , Therefore,  if 
the  spacecraft  flyby  is  in  the  ecliptic  plane,  the  probe  should  be 
deflected  below  the  spacecraft  trace  so  that  as  the  probe  rotates 
with  the  planet  it  will  pass  through  the  spacecraft  trace.  Gener- 
ally, an  effective  relay  link  geometry  then  has  the  spacecraft  on 
the  same  radius  ray  as  the  probe  halfway  through  the  probe  descent. 

c.  Navigation  and  Guidance  Results  - The  ephemeris  uncertainties 
at  Uranus  are  characterized  by  values  about  ten  times  worse  than 
those  at  Saturn.  This  results  in  severe  navigational  problems 
during  the  approach  orbit  determination.  The  impact  plane  un- 
certainty ellipse  (one-sigma)  has  a semi-major  axis  (SMAA)  of 
9400  km  using  range/doppler  measurements,  This  led  to  impractical 
entry  dispersions.  Therefore,  optical  navigation  was  included 
during  the  approach  orbit  determination,  resulting  in  a SMAA  of 
1300  km. 

d.  Deflection  Maneuver  Parametrics  - The  general  deflection  trends 
indicated  for  Jupiter  also  apply  to  Uranus.  Because  of  the  rela- 
tively small  mass  of  Uranus,  the  deflection  may  be  made  closer  to 
Uranus  than  at  Jupiter  or  Saturn.  Thus,  deflection  AV  magnitudes 
of  180,  90,  and  60  m/sec  are  required  for  deflection  radii  of  5, 

10,  and  15  million  km  for  a 3 flyby  radius.  These  numbers  are 

increased  to  410,  205,  and  145  m/sec,  respectively,  for  a 6 

periapsis  radius, 

e.  Dispersion  Parmetrics  - The  navigation  uncertainties  are  so 
large  at  Uranus  that  they  dominate  the  entry  dispersions  instead 
of  the  execution  errors.  Thus,  at  Uranus,  the  three  sigma  disper- 
sions in  entry  time,  entry  angle,  angle  of  attack,  and  lead  angle 
are  22.54/22.89  min,  4.44°/6.08°,  1.75#/3.37°  and  3.79°/6.60°, 
respectively,  where  the  numerator  is  the  uncertainty  contributed 
by  navigation  uncertainties  alone  (assuming  optical  navigation) , 
and  the  denominator  is  the  net  uncertainty  contributed  by  both 
navigation  uncertainties  and  deflection  maneuver  execution  errors. 

If  Garth-based  tracking  only  is  used,  one  probe  out  of  100  will  miss 
the  planet  (-60  deg  nominal  entry  angle) , pointing  up  the  necessity 
for  using  optics l tracking.  Because  of  the  large  dispersions  at 
Uranus,  it  is  important  to  enter  at  steeper  entry  angles  than  at 
Jupiter  or  Saturn.  If  the  nominal  entry  angle  were  -15°  and  Earth- 
based  tracking  were  used,  41  probes  out  of  100  cases  would  miss 

the  planet. 
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f.  Entry  Trajectory  Parameters  - The  selection  of  an  entr>  Bal- 
listic coefficient,  which  results  in  satisfactory  staging  condi- 
tions (deceleration  to  M ■ 0.7  above  100  mb)  for  entry  angles  of 
from  -10°  to  -60°,  was  investigated.  Any  ballistic  coefficient 
less  than  156,0  kg/m.2  (1.0  slug/ft2)  was  identified  as  adequate. 

The  peak  g experienced  at  entry  angles  of  -20°,  -40°,  and  -60°  are 
100,  250,  and  370,  respectively,  in  the  nominal  atmosphere.  The 
encounter  at  Uranus  is  such  that  entry  with  rotation  is  not  pos- 
sible. 

The  maximum  aerodynamic  loading  q is  a function  of  ballistic  coef- 
ficient. Entering  with  a ballistic  coefficient  of  1,0  slug/ft2 
at  entry  angles  of  -20®,  -40°,  and  -60°,  results  in  max  q of  3500, 
8000,  and  11500  psf,  respectively,  in  the  nominal  atmosphere,  The 
dynamic  pressure  increases  linearly  with  ballistic  coefficient, 

System  Integration 

The  system  level  constraints  that  control  the  Uranus  parametrics 
are: 

1)  Mission  -JU-79; 

2)  Atmosphere  -Nominal  Uranus. 

All  other  constraints  such  as  spacecraft,  deflection  mode,  and 
science  payload  are  the  same  as  for  Saturn  as  discussed  in  chapter 
VI,  Section  A. 3. 

Telecommunications  Subsystem 

The  telecommunications  subsystem  design  for  the  Saturn  mission  was 
used  for  the  Uranus  mission  to  determine  feasibility  and  any  re- 
quired changes.  The  design  goal  was  to  have  a subsystem  design 
that  can  be  used  for  a mission  to  Saturn  or  Uranus  with  a minimum 
of  hardware  changes. 

Microwave  attenuation  of  the  nominal  Uranu~  atmosphere  is  shown  in 
Figure  VIZ.  Comparison  with  the  nominal  Saturn  atmosphere  attenu- 
ation (Figure  VI-6)  shows  that  the  loss  is  greater  for  Uranus  for 
depths  greater  than  10  bars.  Atmosphere  loss  is  approximately 
equpl  for  10  bars  and,  for  the  design  end-of-mission  depth  of  7 
bars,  Saturn  has  a slightly  greater  loss.  In  conclusion,  the  at- 
mosphere losses  are  very  similar  at  0.86  CHs  to  the  design  depth 
of  7 bars. 


Total  Atmospheric  Loss,  dB 


Data  on  the  noise  temperature  of  Uranus  was  not  provided  on  the 
contract  and  a literature  search  yielded  no  useful  results.  Con- 
tact with  Dr,  J,  Smith  at  JPL  resulted  in  preliminary  ii.iormation 
on  thermal  noise.  Uranus  does  not  appear  to  have  any  magneto- 
sphere. Therefore,  the  planet  disk  is  the  only  source  of  UHF 
noise.  Information  from  JPL  indicates  a constant  disk  temperature 
of  300°K  from  thermal  sources,  which  xs  not  function  of  frequency. 
The  receiving  system  noise  temperature  is  the  sum  of  the  disk 
brightness  temperature  of  300°K,  which  is  the  antenna  temperature, 
and  the  receiver  front-end  noise  temperature  from  Figure  V-ll.  The 
system  temperature  is  shown  in  Figure  VII-2  as  a function  of  fre- 
quency. The  characteristic  increase  in  antenna  temperature  as 
frequency  is  decreased  below  2 GHz  is  absent  because  the  disk  tem- 
perature is  frequency-invarient.  This  data  is  considered  by  JPL 
to  be  preliminary  and  the  disk  temperature  probably  in  ».  function 
of  frequency  as  is  the  case  for  Jupiter  and  Saturn, 

Probe-to-spacecraf t range  is  shown  as  a function  of  time  in  Figure 
VII-3.  As  seen  in  the  sketch  at  the  top  of  the  figure,  ran^e  in- 
creases before  “Ptry  as  the  probe  moves  ahead  of  the  spacecraft. 
Maximum  range  occurs  at  entry  and  decreases  by  0.5  at  mission 

! completion.  Periapsis  occurs  168  win  after  entry,  which  is  long 

after  the  mission  is  completed. 

Probe  aspect  angle  as  a function  of  vime  is  shown  in  Figure  VII-4, 
The  angle  at  acquisition  is  less  than  20”,  which  is  smaller  than 
for  any  othtx  mission.  Therefore,  a butterfly  antenna  pattern  is 
. not  required  for  the  entry  antenna,  but  an  end fire  (axial)  pattern 

is  needed.  The  angle  continues  to  decrease  during  descent  and 
rises  slightly  at  mission  completion.  The  maximum  descent  aspect 
angle  is  14°  succeeding  entry. 

i 

Relative  probe  positions  duriig  the  mission  are  shown  in  Figure 
. VII-5  by  the  ellipses.  The  figure  represents  the  nominal  positions 

| (triangles)  and  associated  trajectory  and  probe  dispersions  (ellip- 

ses) . The  dispersions  are  based  on  a 100-sample  Monte  Carlo  an- 
alysis. Elevation  (cross  cone)  angle  dispersions  are  approximately 
| 5°.  Large  changes  in  cone  angle  occur  for  this  mission  due  to  the 

; trajectory  geometry  as  seen  at  the  top  of  Figure  VII-3.  Cone  angle 

changes  are  smaller  for  Uranus  than  for  Sat.irn  The  minimum  space- 
craft antenna  beamwidth  that  could  be  used  for  this  mission  is  25% 
but  the  35°  beamwidth  that  was  selected  for  Saturn  was  also  used 
for  Uranus  in  accordance  with  the  gound  rules.  The  antenna  is 
positioned  in  space  at  th*  boresight  position  shown  in  figure  VII-5 
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Figure  VII- 2 Spacecraft  Receiving  System  Noise  Temperature  for  the  Uranus  Mission 
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Figure  VII-4  Vranua  Probe  Aapeot  Angle 
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Figure  VII- S Spacecraft  Antenna  Requirements  for  the  Urarvua  Mission 


Parameters  of  the  RF  link  are  shown  in  Table  VII-l.  Defining  con- 
ditions are  based  on  the  Saturn  mission  shown  in  Table  VI-1,  Major 
differences  in  the  link  parameters  are  the  space  loss,  system  noise 
temperature,  and  the  fact  that  worst-case  RF  power  requirements 
occur  at  entry  for  Uranus  instead  of  typically  at  the  end  of  the 
mission.  End  of  mission  power  requirements  are  only  3.5  W.  Using 
the  Saturn  probe  and  spacecraft  antennas  with  lower  gains  did  not 
create  severe  power  requirements,  and  the  only  hardware  change 
necessary  is  the  entry  antenna  for  Uranus  that  must  be  changed  to 
an  axial  beam  antenna  with  a beamwidth  of  90s , This  results  in 
both  entry  and  descent  antennas  having  the  same  gain  and  beamwidth 
requirements;  two  identical  antennas  may  be  employed. 

Data  Handling  Subsystem 

The  analysis  of  the  data  handling  subsystem  is  essentially  un- 
changed from  the  nominal  Jupiter  probe.  Functional  requirements 
remain  the  same  with  the  exception  of  minor  modifications  to  se- 
quence and  format  to  conform  with  the  mission  profile.  For  a dis- 
cussion of  DHS  selection  and  configuration,  refer  to  Chapter  V, 
Sections  A. 5 and  B.5  of  this  volume  and  Vol  111,  Appendix  H. 

Power  and  Pyrotechnic  Subsystem 

The  power  and  pyrotechnic  subsystem  configuration  remains  unchanged 
from  the  nominal  Jupiter  probe  (Vol  II,  Chapter  V,  A, 6 and  A, 7; 

Vol  III,  Appendix  G)  with  the  exception  of  the  battery  size  and 
weight . 

Ag-Zn  Post-Separation  Battery  94.5  in.3  6.9  lb 

Ag-Zn  Entry  Battery  47  in.3  3.3  lb 

Hg-Zn  (Pyrotechnic)  Battery  1x1x3  in,  1.62  lb 

The  remotely  activated  Ag-Zn  battery  characteristics  are  based  on 
the  power  consumption  required  for  this  mission.  The  Hg-Zn  battery 
supplies  the  same  load  as  the  nominal  Jupiter  probe  but  has  an 
assumed  degradation  of  7%/year,  This  assumption  may  be  questioned 
since  valid  data  is  not  available  on  this  battery.  Because  life 
tests  of  this  length  are  not  desirable  and  perhaps  not  feasible; 
if  qualification  is  to  be  achieved  before  launch  other  approaches 
may  be  considered.  These  consist  of  (1)  the  use  of  an  RTG  of  Pace- 
maker design  with  modifications  to  increase  output  voltage,  (present 
output  power,  size,  and  weight  Are  compatible  with  coast  timer  and 
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Table  V1I-1  Probe  Telemetry  Link  Design  for  the  Uranus  Probe 


Parameter 

Unit 

Nominal 

Value 

Adverse 

Tolerance 

Remarks 

1. 

Total  Transmitter  Power 

dBW 

8.1 

0 

6.5  W 

2. 

Transmitting  Circuit  Loss 

dB 

-0,3 

0,2 

Switch  Loss:  0.2dB 

3. 

Transmitting  Antenna  Gain 

dB 

5.6 

2.4 

90°  Beamwldth 

4. 

Communications  Range  Loss 

dB 

-194.5 

1.0 

1.47  x 10s  km 

5. 

Planet  Atmosphere  & Defocus  Loss 

dB 

0 

0.2 

Entry 

6. 

Polarization  loss 

dB 

0 

0.2 

7. 

Antenna  Pattern  Ripple  Loss 

dB 

0 

0,2 

8. 

Receiving  Antenna  Gain 

dB 

13,8 

1,7 

35°  Beamwldth 

9. 

Receiving  Circuit  Loss 

dB 

-0.2 

0.2 

10. 

Net  Circuit  less,  E(2-*9) 

dB 

-175.6 

6.1 

11. 

Total  Received  Power  (1  + 10) 

dBW 

-167,5 

6,1 

12. 

Receiver  Noise  Spectral  Density 

dBW 

-200.9 

0.5 

T8  - 590*K 

NF  - 4.8  dB 

• 

Tracking  Tone 

13. 

Tone  Power /Total  Power 

dB 

-5.0 

0 

14. 

Received  Tone  Power  j(11  + 13) 

dBW 

-172,5 

6,1 

15. 

Tracking  Threshold  Bandwidth 

dB 

11,8 

0 

15  Hz  Bandwidth 

16. 

Threshold  SNR 

dB 

10,0 

0 

17. 

Threshold  Tracking  Power  (12  + 15  + 16) 

dBW 

-179,1 

0,5 

18. 

Tracking  Performance  Margin  (14-17) 

dB 

6,6 

6.6 

Data  Channel 

19. 

Data  Power /To tel  Power 

dB 

-1.7 

0 

20. 

Radio  System  Processing  Loss 

dB 

-1.0 

0 

21. 

Fading  Loss 

dB 

-1.0 

0 

22. 

Received  Data  Power  (11  + 19  + 20  + 21) 

dBW 

-171,2 

6,1 

23. 

Data  Bit  Rate 

dB 

14.2 

0 

26  bpa 

24. 

Threshold  Nq 

dB 

8.9 

0 

25. 

Threshold  Data  Power  (12  + 23  + 24) 

dBW 

-177.8 

0.5 

26. 

Performance  Margin  (22-25) 

dB 

6,6 

6.6 

27. 

Nominal  Less  Adverse  Value  (26-26  adv) 

dB 

0 

Conditional  Uranus  JU  79  Mission 

Worst  Case  (Entry)  conditions  at  f 

- 0,86  GHa 

Convolutional  Encoder!  1 

H - 2,  V - 

2,  Q - 8 

BKR  - 5 x 10“5 

for  Binary  FSK  with  K * 8 code 
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pyrotechnic  requirements.);  (2)  development  of  a 30-day  wet  stand 
remote  activated  battery.  Item  (2)  would  be  a lower  cost  develop- 
ment program  and  provides  opportunity  for  communication  and  updating 
on  the  probes  position  during  the  coast  period.  Both  concepts 
would  have  future  applications  in  the  outer  planet  missions. 

7 . Attitude  Control  Subsystem 

The  configuration  of  the  attitude  control  subsystem  is  unchanged 
from  the  nominal  Jupiter  probe  definition.  Two  detail  modifications 
will  be  required:  (1)  the  sensors  will  require  additional  optics 
because  of  the  extreme  solar  range;  (2)  the  geometry  for  this  mis- 
sion places  the  Sun  4°  off  the  spin  axis  of  the  probe  in  the  entry 
orientation.  The  sequence  of  attitude  maneuver  will  consist  of 
(1)  preprogrammed  series  of  pulses  to  place  the  spin  axis  near  the 
sun  line;  (2)  closed-loop  precession  to  complete  alignment  of  the 
spin  axis  with  the  Sun-probe  vector;  (3)  open-loop  preprogrammed 
precession  to  obtain  the  4°  offset  from  the  Sun-probe  vector.  The 
final  maneuver  will  use  the  planet  sensor  to  control  the  sector 
logic  and  will  contain  errors  caused  by  nutation  effects  and  total 
Impulse  prediction,  However,  large  percentage  errors  would  be  al- 
lowable for  the  small  angular  precession  required.  The  attitude 
control  subsystem  is  discussed  in  more  detail  in  Chapter  V,  Sections 
A. 7 and  B.7  in  this  Volume  and  Vol  III,  Appendix  F. 

8.  Structures  and  Mechanical 

The  parametric  data  reported  for  Saturn  probes  as  reported  in 
Chapter  VI,  Section  A. 8 are  applicable  to  the  Uranus  probe. 

9.  Propulsion 

The  propulsion  parametric  data  reported  for  the  Jupiter  probes  and 
reported  in  Chapter  V,  Section  A. 9 are  applicable  to  Uranus. 

10.  Thermal  Control  Subsystems 

a.  General  Discussions  - The  Uranus  probe  is  basically  identical 
to  the  Saturn  probe  definition  (Chapter  VI).  For  Uranus,  thermal 
control  must  be  provided  and  for  this  planet,  the  heat  losses  ex- 
perienced during  atmospheric  descent  become  very  critical  The 
planetary  model  atmospheres  are  presented  in  Figure  VII-6  and  show 
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Figure  VII-6  Uranus  Atmospheric  Models , 

Temperature  vs  Descent  Pressure 
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that  the  atmospheric  temperatures  expected  will  be  significantly 
below  those  studied  for  Jupiter  and  Saturn.  The  thermal  control 
for  Uranus  includes: 

Cruise/Coast  Phase  Thermal  Control 

1)  Radioisotope  Heaters 

2)  Multilayer  Insulation 
j)  Environmental  Cover 

4)  Thermal  Coatings 

5)  Deflection  Motor  Blanket  and  Heater 
Entry /Descent  Phase  Thermal  Control 

1)  Graphite  Ablator  and  Aeroshell  Insulator 

2)  Low  Density  Internal  Foam  Insulation 

3)  Nitrogen  Gas  Environment  Control 

4)  Battery  Thermal  Control  Heaters 

b.  Cruise/Coast  Probe  Thermal  Control  - For  cruise  and  coast,  the 
thermal  design  is  the  same  as  Saturn  with  18  watts  for  radioisotope 
heaters  being  required.  After  spacecraft  separation,  however,  the 
solar  energy  is  significantly  less  than  Saturn,  and  the  probe  coast 
temperature  will  decrease  8°K.  Figure  VII-7  presents  the  Uranus 
cruise/coast  radioisotope  parametric  results.  The  solar  flux  at 
Uranus  is  assumed  to  be  3.7  w/m2. 

o.  Deeoent  Probe  Thermal  Control  - Thermal  control  for  the  atmos- 
pheric descent  portion  of  the  Uranus  mission  is  critical  because 
of  the  very  cold  atmosphere  encounter.  The  descent  temperature 
and  pressure  profiles  are  presented  in  Figure  VII-8,  For  the  ther- 
mal design,  the  2.5  bar  nitrogen  gas  system  was  analyzed  versus  the 
completely  vented  probe.  For  both  designs,  the  probe  temperature 
exceeded  the  lower  allowable  limit  for  battery  operation,  and  for 
the  completely  vented  probe  the  probe  temperature  also  exceeded  the 
lower  limit  desired  for  electronic  equipment  operation  (Fig.  VXI-9). 
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Figure  VII -9  Uranus  Probe  Descent  Parametric  Thermal  Response 


For  the  Uranus  probe  both  nitrogen  gas  environmental  control  and 
additional  battery  thermal  control  by  thermostatically  controlled 
electrical  heating  will  be  required.  As  shown  in  Figure  VII-10, 
the  electrical  energy  required  to  mairtain  the  battery  approxim 
tely  5°K  above  its  recommended  lower  limit  would  require  12  watt- 
hr  of  energy  and  SO  watts  of  peak  power.  To  maintain  the  entire 
probe  5°K  above  the  battery  limit  would  require  approximately  65 
watt-hr  of  energy,  resulting  in  1.2  kg  (2.6  lb)  of  batteries.  If 
the  N2  gas  system  was  additionally  eliminated,  another  120  watt-hr 
of  additional  battery  power  would  be  required  resulting  in  a total 
delta  of  3.3  kg  (7.4  lb)  of  batteries.  Figure  VII-11  presents  the 
Uranus  probe  Instantaneous  heat  leak  during  descent  for  both  the 
N2  gas  system  probe  and  a completely  vented  probe  descent.  Note 
that  this  heat  leak  must  be  balanced  by  probe  internal  heat  dis- 
sipation or  a drop  in  the  probe  internal  temperature. 
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Figure  VI I- 10  Uranus  Probe  Instantaneous 
Battery  Heating  Requirement 


Figure  VII-11  Uranus  Probe  Instantaneous  Probe 
Atmospheric  Heat  Leak 
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Uranus  Parametric  Analysis  Summary 


The  Uranus  parametric  analysis  summary  was  presented  with  the 
Saturn  analysis  in  Chapter  VI,  Section  A,  particularly  in  the 
science  area.  Analysis  results  unique  to  Uranus  are: 

Mission  6.5  years  for  JUN  79  to 

7.5  years  for  SUN  83 

Approach  Ecliptic  with  probe  de- 

flected below  the  space- 
craft 


One  Sigma  Navigation  Uncertainty  with 
Optical  Tracking 

Three  Sigma  Dispersions  (Max) 

Entry  Time 

Entry  Angle 

Angle  of  Attack 

Lead  Angle 

Entry  Ballistic  Coefficient 

Depth  of  Descent  for  Science 
Objectives 

Descent  Ballistic  Coefficient  for 
Science  Objectives 

Descent  Time 


1300  km 


22,89  min 
6,08° 

3.37° 

6.60° 

< 156  kg/m2 


7 bars 


1.9  kg/m2 

Approximatly  40  min 


B.  SATURN  PROBE  APPLICABILITY  FOR  URANUS 


The  object  of  this  section  is  to  determine  the  applicability  of 
the  Saturn  probe,  as  defined  in  Chapter  VI,  Section  B,  for  atmos» 
pheric  entry  into  Uranus,  and  to  identify  changes  only  where  the 
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Saturn  probe  fails  to  meet  the  requirements.  In  such  areas  where 
t-  the  Saturn  probe  more  than  meets  the  requirements  at  Uranus,  op- 

^ timization  is  not  considered.  The  general  constraints  for  the 

^ Uranus  application  are: 

f Mission  JU  79 


Entry  Angle  -60°  (Structures  Designed  to  -65°) 

Atmosphere  Nominal 

Science  SAG  Exploratory  Payload  (PAET) 

Spacecraft  Mariner  Family 

Carrier  Mode  Flyby 

Periapsis  Radius  2.42 

Communication  Mode  Relay 

Deflection  Mode  Probe 

Entry  Ballistic  Coefficient  102  kg/m2  (0.65  slug/ft2) 

Ballistic  Coefficient  for 

Heat  Shield  Removal  19  kg/m2  (0.12  slug/ft2) 

Descent  Ballistic 

Coefficient  110  kg/m2  (0.7  slug/ft2) 

Science  Instrumentation  and  Performance 

The  instruments  for  the  Uranus  probe  are  identical  to  those  for 
the  Jupiter  alternative  probe  and  the  characteristics  are  given 
in  Table  V-29.  They  are  discussed  in  Chapter  V,  Section  C.l  and 
in  Chapter  III,  Section  C.l.  The  only  difference  would  be  a mod* 
ification  of  the  range  of  the  temperature  gage  and  possible  entry 
accelerometers  for  the  colder  environment  and  lower  g load,  respec- 
tively. 
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The  descent  profile  parametrics  were  discussed  in  Section  A.l  of 
Chapter  VI.  The  results  are: 

Design  Limit  Pressure  * 7 bars 

Parachute  Ballistic  Coefficient  ■ 109.9  kg/m2  (0.70  slug/ft2) 
Parachute  Deployment  Pressure  ■ 33  millibars 
Pressure  at  First  Measurement  * 39  millibars 
Total  Mission  Time  from  Entry  ■ 43  min,  58  sec 

The  entry  and  descent  times,  instrument  sampling  times,  and  re- 
sulting bit  rates  are  shown  in  Table  VII-2.  Transmission  bit  rates 
are  larger  than  collection  because  the  data  stored  during  acquisi- 
tion must  be  interleaved  with  real  time  data  and  telemetered.  The 
pressure  descent  profile  is  given  in  Figure  VI-2  using  the  appro- 
priate ballistic  coefficient. 

In  Table  VII-3,  the  mission  measurement  performance  is  given  for 
descent  with  the  above  par j"#*- ers.  A13  ♦•h0  retirements  have 

been  satisfied,  exceeding  the  criteria  in  order  to  keep  the  in- 
strument sampling  times  the  same  as  for  Saturn. 

2.  Mission  Definition 


The  Uranus  mission  upon  which  the  systems  design  is  based  is  il- 
lustrated in  Figure  VII-12  and  summarized  in  Table  VII-4.  Impor- 
tant characteristics  of  the  mission  design  are  described  in  this 
section. 

a.  Interplanetary  Trajectory  - The  interplanetary  trajectory  for 
this  mission  is  based  on  the  JUN  79  trajectory.  For  this  mission, 
the  flight  time  to  Jupiter  is  1.6  yr  with  a flyby  radius  at  Jupiter 
of  9.9  Rj.  The  total  flight  time  to  Uranus  is  6.5  yr.  The  flyby 

radius  at  Uranus  was  selected  to  be  2.42  to  be  consistent  with 

the  JUN  79  mission.  Thus,  if  the  spacecraft  continues  past  Uranus, 
it  will  encounter  Neptune  after  a total  flight  time  of  10.3  yr. 

b.  Launch  Analysis  - Available  payload  weight  is  plotted  against 
the  launch  period  for  three  sets  of  launch  performance  data  in 
Figure  VII-12(b).  It  should  be  noted  that  the  Burner  II  stage  is 
required  if  the  Titan  III/5-Segment  vehicle  is  to  be  used  for  the 
launch  vehicle. 

a.  Approach  Trajectories  - A front  and  top  view  of  the  Uranus  en- 
counter is  provided  in  Figures  VII- 12(d)  and  (e).  The  spacecraft 
trajectory  was  selected  to  be  consistent  with  the  JUN  79  mission 
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as  explained  above.  The  probe  entry  angle  of  -60°  was  selected 
to  obtain  an  entry  site  well  on  the  Sun-lit  side  of  the  planet. 

The  probe  was  deflected  so  that  at  about  the  middle  of  descent, 
the  spacecraft  was  nearly  over  the  probe.  This  results  in  a link 
geometry  quite  different  from  the  other  missions. 

d.  Deflection  Maneuver  - A probe  deflection  maneuver  was  used  to 
establish  the  above  defined  link  geometry  and  acquire  the  entry 
side.  A deflection  radius  of  9.75  x 106  km  was  used  in  order  to 
obtain  the  same  AV  requirements  (170  m/sec)  as  the  Saturn  mission. 
The  implementation  sequence  is  pictured  in  Figure  VII-12(c).  The 
rotation  angles  are  all  quite  small. 

e.  Navigation  and  Dispersions  - This  design  mission  is  required 
to  assume  optical  tracking  because  standard  Earth-based  tracking 
results  in  extreme  dispersions.  This  is  caused  by  the  fact  that 
Uranus’  ephemeris  uncertainites  are  about  ten  times  more  severe 
than  those  at  Saturn,  The  navigation  results  provided  in  Table 
VII-4(c)  are  consistent  with  Saturn  including  optical  tracking 
along  with  standard  Earth-based  tracking.  Even  with  the  optical 
tracking,  the  navigation  uncertainties  dominate  the  execution  er- 
rors in  determining  dispersions.  The  dispersions  are  now  quite 
reasonable  but  the  subsystems  can  still  be  designed  to  accommodate 
them.  The  3a  entry  footprint  is  pictured  in  Figure  VII- 12d. 

f.  Entry  and  Descent  Trajectories  - Table  VII-4(d)  summarizes  the 
entry  and  descent  phases  of  the  mission,  Both  phases  were  simu- 
lated using  the  nominal  atmospheric  model,  The  entry  phase  starts 
at  531  km  above  the  1 atm  pressure  level  (0  km  alt  * 26,468  km 
radius)  and  ends  with  the  staging  of  the  aeroshell  54.5  sec  later. 
During  this  phase,  a peak  deceleration  of  357  g is  attained  19.0 
sec  after  entry.  The  descent  phase  starts  after  staging  of  the 
aeroshell  and  continues  through  the  end  of  mission  at  7.0  bars. 

The  total  descent  time  is  43.1  min. 

3.  System  Integration 

a.  Functional  Sequence  - Table  VII-5  shows. the  sequence  of  events 
for  the  Uranus  probe.  Except  for  the  23-min  uncertainty  in  the 
entry  arrival  time  which  shows  up  in  the  pre-entry  times,  this  is 
very  close  to  the  Saturn  sequence  discussed  in  Chapter  v”,  Section 
B. 


b.  Functional  Block  Diagram  - The  functional  interfaces  for  the 
Uranus  probe  are  identical  to  those  for  the  Saturn  probe. 
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Table  VII-4  Uranus  Mission  Summary 


a.  Conic  Trajectory  Data 


Interplanetary  Trajectory  ~ i 

Launch  Trajectory 

Arrival  Trajectory 

Launch  Date:  11/6/79 

Arrival  Late:  5/19/86 

Flight  Time:  2386  days 

Central  Angle:  212.2 

Nominal  C3:  102  km2/sec2 

Nominal  DLA:  27.0° 

Launch  Window:  A hr 

Parking  Orbit  Coast:  40  min 

C3  (10  day):  107  km2/eec2 

C3  (20  day):  113  ko2/sec2 

\zimuth  Range:  Z^  - 10°  - 110° 

VHP:  13.62  km/ sec 

RA:  255.1* 

DEC:  -29.9* 

ZAE:  174.14* 

ZAP:  175.32* 

RP:  2.42* 

INC:  98.02* 

. Deflection  Maneuver  and  Probe  Conic 


Deflection  Maneuver 

Probe  Conic  Definition 

Deflection  Mode;  Probe 
Deflection  Radius:  9.75  x 106  km 

Coast  Time:  8.06  days 

AV:  170  m/sec 

Application  Angle:  33° 

Out-of-Plane  Angle:  9.1° 

Rotation  for  Probe  Release:  27.3° 

Probe  Reorientation  Angle:  -24.3* 

Spacecraft  AV  from  Earth:  NA 

Entry  Angle:  -60* 

Entry  Latitude:  53.98* 

Entry  Longitude:  284.17* 

Lead  Time:  168.3  min 

Lead  Angle:  -12.07* 

Probe-Spacecraft  Range  (Entry):  146,843  ka 

Probe  Aspect  Angle  (Entry):  18.03* 

Probe  Aspect  Angle  (Descent):  13.91* 

Probe  Aspect  Angle  (EOM) : 7.61* 

c.  Dispersion  Analysis  Summary 


Naviation  Uncertainties 

Type: 

0ptlcal/30  day  Tracking  arc 

SMAA: 

1277  km 

SMI  A: 

424  km 

8: 

TCF: 

440  sec 

Execution  Errors  (3o) 

Dispersions  (3c) 

AV  Proportionality:  IX 

AV  Pointing:  2* 

Probe  Orientation  Pointing:  2* 

Entry  Angle:  6.08* 

Angle  of  Attack:  3.37* 

Down  Range:  8.46* 

Cross  Range:  8.04* 

Lead  Angle:  6.60* 

Lead  Time:  1.69  min 

Entry  Time:  22.89  min 

Entry  and  Descent  Trajectory  Summary 


Entry  Parameters 

Descent  Parameters 

Critical  Events  j 

Time  from  Entry 

Altitudes 
above  1 atm 

Entry  Velocity,  km/sec:  25 

Entry  Altitude,  km:  531 

Entry  B,  slug/ft2:  0.65 

kg/a2: 

Entry  Atmosphere: 

Nominal 

Max  Deceleration,  g:  357 

Max  Dynamic  Pressure, 
lb/ft2:  7.4  x 103 

kg/»2:  3.5  x 10s 

Descent  Atmosphere: 
Nominal 

EOM  Pressure,  bar:  7.0 

Descent  B. 

slug/ft2:  0.7 

kg/m2:  109.9 

g ■ 0.1,  sec:  4.0 

Nut  g,  x.c:  17,0 

M • 0.7,  sec:  54.5 

Descenr.  Time,  min: 
43.1 

EOM,  Bln:  44.0 

km:  444 
km:  138 

km:  78.6 

i 


Table  VIT-i>  Sequence  of  Events  for  tne  Uranus  Probe 


Item 

Time 

Event 

1. 

L - 

0 

Launch,  November  6,  1979 

2. 

L + 

2h 

Separate  Spacecraft  from  Launch  Vehicle 

3. 

L + 

2h  to  L + 3171. 5d 

Cruise 

4. 

S - 6h,  0m,  0a 

Spacecraft  Power  to  Probe;  Eject  Environmental  Cover 

5. 

S - 5h,  47m,  Os 

Start  Probe  Checkout 

6. 

S - Oh,  17ir,  0s 

Probe  Checkout  Complete;  Start  Spacecraft  Orientation  for  Release 

7. 

S - Oh,  2m,  Os 

Spacecraft  Orientation  to  27°  Complete;  Activate  Probe  Data  Handling 
System  6 Separation  Subsystems; 

a. 

L + 

2377. 94d  S • 0 

Separate  Probe  Start  Probe  Timer 

9. 

S + Qu.,  0.58 

Start  Probe  Spinup  to  100  rpm 

10. 

S + 4m,  0s 

Probe  Spinup  to  100  rpm  Complete 

n. 

S + 15ra,  0s 

Apply  Probe  AV  (170  m/sec)  (900m  Separation) 

12. 

S + 15m,  21s 

Eject  Probe  Deflection  Motors;  Activate  Attitude  Propulsion 
Subsystem 

13. 

S + 15m,  31s 

Start  Probe  Precession;  Reorient  Spacecraft  to  Earthlock  (-27®) 

14. 

S + 6h,  13m,  31s 

Turn  on  Transmitter 

15. 

S + 6h,  15m,  31s 

Probe  Precession  Complete  (-24°);  Start  Probe  Acquisition 

16. 

S + 6h,  16m,  31s 

Acquisition  Complete;  Start  Engineering  Data  Transmission 

17. 

S + 6h,  26m,  31s 

Complete  Data  Transmission;  Deactivate  Probe  Systems 

18. 

L + 2378. 21d  to  L + 2385. 84d 

Coast 

19. 

E - Ih,  7ra,  54s 

Enable  Entry  Battery  Ordnance 

20. 

E - Oh,  47m,  54s 

Activate  Probe  Descent  Batteries  (In  Aeroshell  & Descent  Probe) 
Enable  Probe  Despin;  Turn  on  Data  Handling  System,  Engineering 
Instrumentation 

21. 

E - Oh,  37m,  14s 

Turn  "On"  Transmitter 

22. 

E - Oh,  35m,  14s 

Start  Probe  Acquisition 

23; 

E - Oh,  33m,  34s 

Complete  Probe  Acquisition:  Start  Data  Transmission; 

24. 

E - Oh,  33m,  24s 

Start  Probe  Despin  to  5 rpm 

25. 

E - Oh,  28m,  24s 

Probe  Despin  Complete 

26. 

E - Oh.  27m.  54s 

Eject  Service  Module:  Activate  Service  Module  Deflection  Propulsion; 
Tranamitts  "Off” 

27. 

E - Oh,  26m,  47s 

Turn  on  Science  Instruments 

28. 

E * 0 

Entry  (532  km  above  1 atm;  1.3  x 10“  7 bars) 

29. 

E + Oh,  Om,  3.5s 

Start  Recording  Acce le1  ometer  Data  (0. 1 g Sensing) 

30. 

E + Oh,  Om,  8s 

Initiate  Probe  Descent  Program  (100  g Sensing) 

31. 

E + Oh,  Om,  17s 

Maximum  G ■ 357  for  -60* 

32. 

E + Oh,  Om,  49.55 

Eject  Base  Cover  Quadrants  (Mach  0.8) 

33. 

E + Oh,  Om,  54.5s 

Deploy  Main  Parachute  (Mach  0.7  ^ 0.033  bars) 

34. 

E + Oh,  1m,  5s 

Release  Descent  Probe  from  Entry  Probe  (Switch  Probe  Antenna)  Probe 
Transmitter  "Onf,j  Start  Probe  Acquisition 

35. 

E + Oh,  lm,  7s 

Deploy  Temperature  Gage;  Release  Mass  Spectrometer  Covers 

36. 

E + Oh,  lm,  10s 

Release  Main  Chute  and  Deploy  Drogue  Chute 

37. 

E + Oh,  2m,  45s 

Probe  Acquisition  Complete;  Start  Data  Transmission 

38. 

E + Oh,  43b,  58.5s 

End  of  Design  Mission  ('v  / bars) 

39. 

I*  + 2386d(E  + 2h,  4Ba,  12s) 

Spacecraft  Perlapsis  |2.42  R j;  May  19,  1986 

Include*  22.9  Bln  Entry  Trajectory  uncertainty  and  baaed  on  a descent  ballistic  coefficient  of 
0.7  slug/ft2  (1X0  kg/a2) 
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o . System  Data  Profile  - Figure  VII-13  shows  the  data  profile  for 
the  Uranus  probe.  The  stored  data  is  the  same  as  that  for  Saturn 
and  the  data  transmission  rates  are  the  same  as  for  Saturn,  except 
during  descent  the  rate  is  1 bos  less  for  Uranus. 
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Figure  VII-13  Data  Profile  for  the  Uranus  Probe 


d.  System  Power  Profile  - Figure  VII-14  shows  the  power  profile 
for  the  Uranus  probe.  Like  the  spacecraft-radiation-compatible 
Jupiter  probe  (Chapter  V,  D),  the  arrival  uncertainty  at  Uranus 
has  an  impact  on  the  power  profile;  however,  the  total  watt-hr 
capacity  is  so  small  that  the  Uranus  descent  battery  is  no  more 
than  0.23  kg  (0.5.1b)  heavier  than  the  Saturn  descent  battery. 

The  thermal  control  subsystem  requires  an  added  descent  battery  of 
approximately  12  watt-hr  for  heaters. 
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End  of  Design  Mission,  7 bars 


figure  VII-14  Power  Profile  for  the  Uranus  Probe 


e.  System  Weight  Summy  - Table  VII-6  shows  the  Uranus  weight 
summary  as  a delta  to  the  Saturn  probe. 

Table  VII-6  Uranus  Probe  Weight  Sum. try 


Parameter 

Uranus  Weight*,  kg (lb) 

Aeroshell  Structure 

+ 0.09  (+0.20) 

Equipment  Deck  Structure 

+ 0.11  (+0.25) 

Outer  Structure 

+ 0.11  (+0.25) 

Added  Preentry  Antenna  & 3-position 

Coax  Switch 

+ 0.57  (+1.25) 

Entry  & Descent  Battery 

+ 0.32  (+0.70) 

Added  Thermal  Control  Battery  for 

Descent 

+ 0.18  (+0.40) 

152  Margin 

+ 0.21  (+0.46) 

Total 

+ 1.59  (3.51) 

*D*lta  Weight  Belative  to  a Saturn  Probe 
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End  of  Design  Mission, 
7 bars 


f.  Saturn/ Uranus  Probe  Comparisons  - Table  VII-7  shows  the  com- 
parisons between  the  Saturn  (.Configuration  2)  and  Uranus  probes. 

Table  VII-7  Saturn/Uranus  Probe  Comparisons 


Parameter 

Saturn 

Uranus 

Probe  CV,  m/sec 

170 

170 

Rgj  (x  106  km) 

10.15 

9.75 

Entry  Ballistic  Coefficient, 
kg/m2 

102 

102 

Descent  Ballistic  Coefficient, 
kg/m2 

110 

110 

Max  Deceleration  g 

350  for  -30°  y£ 

3C0  for  -65°  Yc> 

Descent  Depth,  bars 

7 

7 

End  of  Mission,  Entry  + 

41m,  43.5s 

43m,  58.5s 

Heat  Shield  Design  Mass  Fraction  0.215 

0.126 

Data  Storage,  bits 

12,400 

12,400 

Descent  Data  Rate,  bps 

26.3 

25.3 

RF  Power  at  0.86  GHz,  w 

6.5 

6.4 

For  same  Spacecraft  Antenna 

Descent  Battery,  watt-hr 

68 

93  + 12  for  Therm, 

Pre-Entry  Antenna 

Flat  Type 

Turnstile/Flared 

Cone 

Thermal  Control 

Partially  Sealed 

Partially  Sealed 
with  an  Added  De- 
sent  Battery 

Ejected  Weight,  Kg  (lb) 

115  (253)  > 

Entry  Weight,  Kg  (lb) 

76  (168)  . 

Descent  Weight,  Kg  (lb) 

36  (80) 

>See  Table  VII-6 

Keatshield  Diameter,  m (in.) 

0.79  (31)  I 

l ascent  Probe  Diameter  m (in.) 

0.445  (17.5)J 
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Telecommunications  Subsystem 

Table  VII-8  depicts  design  details  of  the  RF  components  which  com- 
prise the  telecommunications  subsystem  for  the  Uranus  mission. 

Design  requirements  are  discussed  in  Section  A of  this  chapter. 
Complete  details  of  the  components  are  given  in  Chapter  V,  Section 
A. 4,  6.5  W of  RF  power  is  required  at  0,86  GHz  with  a bit  rate 

of  26  bps  using  binary  FSK  with  a tracking  tone,  The  subsystem 
hardware  design  is  identical  to  the  Saturn  mission  except  for  the 
entry  antenna  which  must  be  changed  to  a 90°'  axial  beam.  Identi- 
cal antennas  may  be  employed  for  both  entry  and  descent  for  this 
mission. 

Data  Handling  Subsystem 

The  DHS  for  Saturn  and  Uranus  are  essentially  identical  in  config- 
uration and  function.  The  dissimilarities  are  slight  differences 
in  timing , sequence,  and  format  during  the  entry  and  descent  phase 
of  the  mission.  These  dissimilarities  couid  be  eliminated  by  the 
use  of  a programmable  memory  (core,  plated  wire)  or  by  including 
dual  banks  of  sequence  and  format  control  logic.  The  desired  mis- 
sion could  then  be  selected  by  ground-controlled  programming 
power  switching. 

Power  and  Pyrotechnic  Subsystem 

The  power  and  pyrotechnic  subsystem  for  Saturn  and  Uranus  are  es- 
sentially identical  in  configuration.  The  only  significant  dis- 
similarity consists  of  the  entry/descent  (Ag-Zn)  battery  size  and 
the  Hg-Zn  (pyrotechnics)  battery  size.  Thesi  dissimilarities  could 
be  eliminated  with  negligible  cost  in  weight  by  using  the  Uranus- 
design  batteries. 

Attitude  Control  Subsystem 

The  ACS  subsystem  for  Saturn  and  Uranus  are  similar  in  configuration. 
The  principle  differences  are  (1)  sensor  design  for  lower  solar  in- 
tensity at  Uranus  and  (2)  ACS  logic.  The  dissimilarity  (1)  could 
be  eliminated  by  the  use  of  two  Sun  sensors  appropriately  mounted 
for  the  two  missions  and  the  use  of  a Uranus  planet  sensor  which 
would  perform  equally  well  for  Saturn.  The  changes  in  the  logic 
[(2)  above)  would  be  implemented  by  DHS  control  or  the  use  of  two 
sets  of  logic.  The  additional  electronics  would  represent  a minor 
increase  in  weight.  The  logic  and  sensor  not  in  use  on  the  selected 
mission  would  be  removed  from  the  power  bus  by  a latching  relay 
during  preseparation  checkout  and  would  not  require  additional 
power . 
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Table  VII-8  Teleaommniaateons  RF  Subsystem  for  the  Uranus  Mission 


Conditions:  Planet  - Uranus;  Spacecraft  - 

Bit  Rate  - 26  bps 

Mariner; 

Frequency  <-  0,86  GHz; 

Component 

Characteristic 

Unit 

Value 

Transmitter 

RF  Power  Out 

W 

6.5 

Overall  Efficiency 

% 

45 

DC  Power  in  at  28  V dc 

W 

14.5 

Total  Weight 

kg 

2,72 

lb 

6.0 

RF  Switch 

Type 

Solid  State 

Insertion  Loss 

dB 

0,3 

Weight 

kg 

0.1 

lb 

0.2 

Entry  Antenna 

Type 

Turnstile/Cone 

Main  Beam  Angle 

deg 

0 

Beamwidth 

deg 

90 

Max  Gain 

dB 

6 

Size  (dia  x h) 

cm 

20.3  x 7.6 

in. 

8x3 

Weight 

kg 

0.45 

lb 

1,0 

Descent  Antenna 

Type 

Turnstile/Cone 

Main  Beam  Angle 

deg 

0 

Beamwidth 

deg 

90 

Max  Gainq 

dB 

6 

Size  (dia  x h) 

cm 

20.3  x 7,6 

in, 

8x3 

Weight 

kg 

0,45 

lb 

1,0 

Spacecraft 

• 

Antenna 

Type 

Helix 

Beamwidth 

deg 

35 

Max  Gain 

dB 

13.8 

Size  (1  x dia) 

cm 

73.2  x 11,1 

in, 

28.8  x 4.4 

Weight 

kg 

2,72 

lb 

6.0 

Despin 

no 

Position  Search 

1 

Frequency  Acquisition 

sec 

25 

Clock  Angle,  6 

deg 

-101 

Cone  Angle,  4>  deg 

deg 

154,3 

Spacecraft 

Receiver 

Noise  Temperature 

#K 

300 

Noise  Figure 

dB 

3,1 

DC  Power  in  at  28  V dc 

W 

3.0 

Weight 

kg 

0,9 

lb 

2.0 

i 


Structures  and  Mechanics 


The  entry  conditions  selected  for  the  planet  Uranus  result  in  a 
deceleration  load  of  380  gj  as  compared  with  350  g for  entry  into 
the  atmosphere  of  Saturn,  This  small  difference  is  reflected  in 
a delta  weight  in  the  equipment  support  deck  of  the  probe  of  ap- 
proximately 0,11  kg  (0.25  lbm) , The  delta  weight  for  the  probe 
outer  structure  is  approximately  0.11  kg  (0.25  linn).  The  delta 
weight  for  the  aeroshell  base  cover  is  insignificant. 

The  aeroshell  weight  is  designed  by  the  peak  dynamic  pressure  at 
entry.  Entry  at  Uranus  results  in  a dynamic  pressure  of  36  x 104 
Newtons/m2  (7400  lbf/ft2)  as  compared  with  34  x 10**  Newtons/ra2 
(7000  lbf/ft2).  The  delta  weight  for  the  aeroshell  is  approxi- 
mately 0.09  kg  (0.20  lbm)  to  accommodate  the  difference  in  pres- 
sure acting  on  the  nose  cone.  Thus,  it  is  apparent  that  the  total 
structural  weight  is  affected  by  less  than  0.45  kg  (1.0  lbm)  for 
entering  one  planet  versus  the  other.  This  value  is  insignificant, 
and  the  probe  design  for  the  joint  planet  entry  is  based  on  the 
higher  loads  encountered  at  Uranus. 

Heat  Shield  - Unlike  the  design  of  the  structure,  the  most  severe 
heat  shield  requirements  are  for  the  planet  Saturn,  The  1,13  rad 
(65°)  entry  angle  at  Uranus  requires  a heat  shield  mass  fraction 
of  only  0.126  and  would  result  in  a heat  shield  weight  of  7.82  kg 
(17.3  lbm).  For  the  0.52  rad  (30°)  entry  angle  at  Saturn,  the 
heat  shield  mass  fraction  is  0.145.  The  heat  shield  weight  for 
Saturn  is  therefore  9.0  kg  (19.9  lbm).  The  penalty  paid  for  using 
the  Saturn  heat  shield  to  enter  Uranus  is,  therefore,  1,2  kg 
(2.6  lbm),  based  on  both  having  a blunt  nose  configuration. 

Propulsion 

The  delta  velocity  required  for  the  deflection  maneuver  is  essen- 
tially identical  for  either  Saturn  or  Uranus.  The  same  motor  con- 
figuration is  thus  used  for  either  planet.  This  motor  is  discussed 
in  Chapter  VI,  Section  B.9, 

The  precession  maneuver  for  the  probe  to  enter  Uranus  is  only  0.42 
rad  (24°).  The  ACS  propellant  to  perform  this  precession  maneuver 
is  0.141  kg  (0.311  lbm)  as  compared  to  0,388  kg  (0,856  lbm)  for 
the  precession  angle  for  Saturn.  Thus  0.247  kg  (0.545  lbm)  of  ACS 
cold  gas  propellant  could  be  saved,  or  a total  system  weight  (pro- 
pellant plus  tank)  of  0.57  kg  (1.25  lbm)  could  be  saved  for  a 
Uranus-only  probe  design. 
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10. 


Thermal  Control  Subsystem 


A probe  thermal  analysis  was  performed  for  the  nominal  Uranus 
probe  mission.  The  basic  probe  configuration  was  the  same  as  the 
Saturn  probe  and  included  probe  propulsion,  Sun  and  planet  sensors, 
and  an  attitude  control  system.  On  the  basis  of  the  thermal  anal- 
ysis, a complete  thermal  history  for  the  Uranus  probe  was  construc- 
ted and  is  presented  in  Figure  VII-15.  These  results  show  that 
the  thermal  design  is  critical  for  this  mission  because  of  the  low 
probe  entry  temperature  (284°K)  and  the  very  cold  planetary  atmos- 
phere anticipated.  To  provide  adequate  thermal  protection  for  this 
mission,  both  N2  gas  environmental  control  and  thermostatically 
controlled  electric  heater  power  is  recommended  (Section  A.IO.c 
of  this  chapter).  The  N2  gas  provides  adequate  probe  temperature 
control  until  approximately  3 bars  pressure  (approximately  25  min 
after  entry)  after  which  time  battery  heating  would  be  required. 

The  heater  power  requirement  to  maintain  the  battery  at  5°K  above 
its  allowable  lower  operating  limit  would  be  approximately  12  watts- 
hr  of  energy  with  50  watts  peak  power  required  at  the  end  of  the 
design  mission.  Electrical  heating  should  not  be  required  for  any 
additional  probe  equipment. 

The  probe  temperature  margins  predicted  for  the  Uranus  probe  mis- 
sion are: 
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Temperature  Margin 


Spacecraft 
Cruise,  °K 


Probe 
Coast,  °K 


Entry 

Descent,  °K 


Above  Equipment  Lower 


Limit 

42 

12 

5 

Below  Equipment  Upper 
Limit 

8 

25 

30 

Below  Transmitter  Upper 
Limit 

NA 

38 

52 

Probe  to  S/C  Intergration 


Integration  of  the  Uranus  probe  with  the  Mariner  Jupiter  Saturn 
Spacecraft  is  discussed  in  Chapter  VI,  Section  B.ll  for  Saturn, 

The  only  unique  requirement  for  the  Uranus  probe  is  that  optical 
tracking  of  the  planet  is  required  by  the  spacecraft  to  reduce 
the  navigation.  Uncertainties  are  discussed  in  Section  B.2  of  this 
chapter. 
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RF  Transmitter 


VIII.  NEPTUNE  STUDIES 


As  mentioned  in  Chapter  VI,  Saturn  Studies,  the  initial  Neptune 
study  objectives  were  revised.  The  present  objectives  deemphasize 
the  Neptune  studies;  however,  parametric  analysis  using  the  five 
initial  missions  was  initiated  especially  in  the  mission  and  sci- 
ence areas.  The  missions  discussed  in  this  chapter  are:  Jun  79, 

Jun  80,  Sun  81-82,  Sun  82-83,  and  Sun  84. 


A.  SCIENCE  ANALYSIS 


The  instruments  for  Neptune  can  be  identical  with  those  for  the 
other  planets,  with  a possible  modification  in  the  ranges  of  the 
temperature  gage  and  entry  accelerometers.  The  peak  g load  is 
about  200  g,  which  is  similar  to  Mars  entry.  The  instrument's 
characteristics  are  given  in  Table  V-29. 

Parametrics  were  not  generated  for  Neptune  descent  either  in  bal- 
listic coefficient  or  instrument  sampling  times.  However,  with  the 
goal  of  using  the  same  probe  for  Saturn,  Uranus,  and  Neptune  entries, 
Figure  VIII-1  shows  a pressure  descent  profile  for  a ballistic  co- 
efficient of  0.7  slug/ft2  (109.9  kg/m2).  The  parachute  is  deployed 
at  20  millibars,  which  occurs  91  sec  after  entry.  The  design  limit 
pressure  from  Chapter  III,  Section  D,  is  20  bars.  The  descent 
time  from  parachute  deployment  to  end  of  mission  is  only  48.4  min 
despite  having  started  higher  in  pressure  and  having  to  go  to  great- 
er depths  of  penetration.  This  approximate  agreement  with  the  de- 
scent times  of  the  other  planets  allows  for  greater  commonality  of 
design. 

Using  the  same  instrument  sampling  times.  Table  VIII-1  presents  the 
descent  measurement  performance  for  this  descent  profile.  All  the 
criteria  have  been  satisfied.  The  performance  values  are  approx- 
imately the  same  as  for  Uranus,  except  for  the  mass  spectrometer 
measurements  in  the  NH^  cloud.  Note  that  this  is  the  only  mission 

described  in  this  report  where  the  number  of  measurements  in  the 
second  cloud  was  less  than  in  the  first.  This  is  because  the  se- 
cond cloud  (NH^)  has  a very  small  pressure  (and  altitude)  differ- 
ential and  exists  near  the  design  pressure  limit.  However,  the 
performance  is  satisfactory. 
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Table  VIII-1  Neptune  Probe  Descent  Measurement  Performance 


INSTRUMENT,  At 
and  MEASUREMENT 

Mass  Spectrometer,  60  sec 
Minor  Constituents 
Cloud  Layering 


H/He  Ratio  1 

Isotopic  Ratios  > 
Molecular  Weight) 

Temperature  Gage,  4 sec 
Temperature 
Cloud  Layering 


Pressure  Gage,  4 sec 
Pressure 
Turbulence 
Cloud  Layering 


Accelerometers,  8 sec 
Turbulence 

*Below  cloud  tops 


CRITERIA 


2 per  scale  height* 
2 inside  cloud 


4 measurements 


1 per  ®K 

2 inside  cloud 


2 per  km* 

1 per  km* 

2 inside  cloud 


1 per  km* 


DESCENT  PERFORMANCE,  B - 0.70 

5.5  to  30 

!6.1  in  CH^ 

4.3  in  NH3 
44  to  20  bars 


2.7  to  9 

!94  in  CH^ 

50  in  NH. 


4.3  to  10.4 
4.3  to  10.4 

!94  in  CH4 

50  in  NH, 


1.7  to  4 


MISSION  ANALYSIS  PARAMFTRICS 


The  detailed  mission  analysis  parametrics  are  given  in  Chapter  IV 
where  parallel  discussions  of  the  different  planets  are  provided. 
This  chapter  briefly  summarizes  the  results  at  Neptune.  The  mis- 
sion analysis  effort  at  Neptune  was  limited  to  a study  of  the  de- 
terministic characteristics  of  Neptune  missions.  A typical  Neptune 
mission  is  illustrated  in  Figure  VIII-2. 

a.  Interplanetary  Trajectory  Selection  - The  Interplanetary  tra- 
jectories to  Neptune  considered  in  this  study  Included  the  JUN  79 
and  80  swlngbys  and  the  SUN  81,  82,  and  83  solar  electric  propul- 
sion/ swlngby  missions.  The  total  flight  times  to  Neptune  are  10.3 
and  11.4  yr  for  the  JUN  missions  and  11.1,  11.6,  and  12.6  for  the 
SUN  missions  respectively.  The  interplanetary  trajectories  are 
pictured  in  Chapter  IV,  Section  G. 
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Probe  AV(187  m(sec)  Probe  Orientation 


Figure  V IJI-2  Neptune  Mission  (JVN  79) 


b.  Launch  Analysis  - The  launch  analysis  is  Identical  to  that 
given  in  Chapter  VII,  Section  B.2b  for  the  Uranus  phase  of  the 
same  interplanetary  trajectory. 

a.  Ap  roach  Trajectories  - The  optimal  relay  link  geometry  at 
Neptune  would  have  a probe  entry  site  on  the  equator  and  a low  in- 
clination spacecraft  flyby  trajectory.  The  spacecraft  periapsis 
radius  should  be  about  5 R.  for  optimal  rotation  rate  matching 
(Fig.  IV-11). 

d.  Deflection  Parametrics  - Reasonable  deflection  radii  appear  to 
be  in  the  range  5 to  15  million  km  from  the  planet.  For  an  entry 
angle  of  -20° , the  AV  requirements  go  from  190  to  90  to  60  m/sec 
as  the  deflection  radius  increases  from  5 to  10  to  15  million  km 
for  a spacecraft  periapsis  radius  of  3 R^.  The  AV  requirements 

become  410,  210  and  150  m/sec,  respectively  as  the  periapsis  is 
increased  to  6 S^. 

e.  Navigation  and  Dispersions  - No  specific  navigation  studies 
were  made  at  Neptune;  however,  it  is  possible  to  make  general  ob- 
servations from  extrapolations  of  existing  data.  The  ephemeris 
uncertainties  at  Neptune  are  characterized  by  a position  uncer- 
tainty of  about  3000  km.  This  is  to  be  compared  with  values  at 
Saturn  of  1000  km  and  10,000  km  at  Uranus.  Therefore,  it  is  to 
be  expected  that  navigation  uncertainties  would  play  a major  role 
in  generating  dispersions.  Steep  entry  angles  and  possibly  optical 
tracking  would  therefore  be  advisable  for  Neptune  missions. 

f.  Entry  Trajectories  - Generally,  the  entry  trajectories  at  Nep- 
tune are  similar  to  those  at  Saturn  or  Uranus.  The  selection  of 

an  entry  ballistic  coefficient  less  than  156.0  kg/m2  (1.0  slug/ft2) 
results  in  satisfactory  staging  conditions  (deceleration  to  M « 

0.7  above  100  mb)  for  entry  angles  from  -10*  to  -40*.  Figure  IV- 
18  illustrates  the  relevant  trades. 

The  peak  decelerations  for  Neptune  missions  are  about  200  g's  for 
y ■ -20*  and  300  g's  for  y ■ -30*.  (See  Figure  IV-24).  The  max- 
imum dynamic  pressure  varies  from  3000  to  10,000  psf  as  the  entry 
Increases  from  -10*  to  -30*  for  a ballistic  coefficient  of  156.0 
kg/m2  (1.0  slug/ft2). 
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NEPTUNE  PARAMETRIC  ANALYSIS  SUMMARY 


The  results  of  the  Neptune  analysis  are  tabulated. 


Mission  Time  to  Neptune 

Optimal  Flyby  Radius  at  Neptune 
Entry  Ballistic  Coefficient 
Peak  Deceleration 

Depth  of  Descent  for  Science  Objectives 

Descent  Ballistic  Coefficient 
for  Science  Objectives 

Descent  Time 


10.3  yr  for  JUN  79  to 
12.6  yr  for  SUN  83 

Approximately  5 

< 156  kg/m2 

200  g at  -20°  y to 
300  g at  -30*  y 

20  bars 

110  kg/m2  (0.7  slug/ft2) 
Approximately  48  min 
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PROGRAM  EVALUATION 


This  chapter  discusses  the  feasibility  of  a probe  system  in  terms 
of  hardware  availability,  and  identifies  the  commonality  of  con- 
straints and  hardware  for  Jupiter,  Saturn,  and  Uranus  missions 
and  for  Neptune  missions  to  a limited  extent. 


FEASIBILITY 


After  defining  the  nominal  Jupiter  probe  (Chapter  V,  Section  B) , 
various  Air  Force,  NASA,  and  other  programs  were  researched  to 
determine  components  that  were  available  for  probe  implementation. 
Results  of  this  effort  are  contained  in  this  chapter. 

Electrical/Electronic  Subsystems 

a.  Telecommunications  - Major  hardware  components  include  the 
probe  transmitter,  probe  and  spacecraft  antennas,  RF  switch,  and 
spacecraft  receiver.  Vendor  contact  was  made  to  determine  feasi- 
bility of  design  and  availability  of  hardware  in  the  1975  time 
period. 

Philco-Ford  Corporation  (Western  Development  Labs)  at  Palo  Alto, 
California;  EMR  Telemetry,  Sarasota,  Florida;  and  Conic  Corpora- 
tion, San  Diego,  California,  were  contacted  to  determine  trans- 
mitter state  of  the  art  for  the  1975  and  upper  limits  on  RF  power. 
Philco-Ford  is  developing  a transmitter  for  the  Applications  Tech- 
nology Satellite  (ATS-F&G)  to  be  used  in  1973.  The  transmitter 
operates  at  0.86  GHz  with  an  RF  power  of  80  W and  an  overall  effi- 
ciency of  45%.  The  unit  weighs  2.7  kg  (6  lb)  and  uses  solid-state 
construction.  The  unit  is  nonpressurized  and  will  be  qualified 
to  the  deep-space  environment.  Several  other  vendors  are  also 
developing  a solid-state  capability  (Ref  A-l  and  A-2) . 

EMR  Telemetry  presently  has  transmitters  available  at  S-  and  L-bands 
with  characteristics  shown  in  Table  IX-1.  ' They  operate  on  28  ± 4 
Vdc  and  have  a frequency  stability  of  ±0.d015%.  The  transmitters 
are  designed  for  missile  and  aircraft  applications  and  withstand 
shock  levels  of  55  g and  an  acceleration  of  32  g.  Operating  tem«- 
perature  ranges  are  -20°C  to  +70°C.  EMR  uses  hybrid  thick  and 
thin  film  approaches  for  transmitter  microcircuitr  such  as  opera- 
tional amplifiers,  crystal  oscillators,  and  RF  amplifiers.  The 
power  amplifier  uses  tubes  to  develop  the  final  power. 


Table  IX- 1 LllR  Transmitter  Chca'acteristics 


FREQUENCY,  GHz 

RF  POWER,  W 

WEIGHT,  kg 

SIZE,  cm3 

2.2  to  2.3 

25 

4.5 

2600 

1.4  to  1.5 

50 

7.3 

6900 

Conic  Corporation  has  transmitters  for  S-  and  L-bands  with  maximum 
RF  power  consistent  with  Table  IX- 1.  All  solid-state  construction 
is  used  with  an  efficiency  of  30%.  A 10-W  unit  can  be  packaged 
in  an  envelope  9x6x4  cm  (3. 5x2. 3x1. 6 in.)  and  weighs  1.5  kg  (3  lb). 
Conic  did  not  expect  any  significant  increase  in  overall  efficiency 
above  40%  by  1975.  This  is  consistent  with  other  investigators 
(Ref  A-3) . An  RF  power  level  of  50  W at  an  efficiency  of  30% 
would  result  in  an  input  power  of  165  W.  For  battery  operation, 
the  size  and  energy  requirements  would  be  very  large.  Conic  rec- 
ommends using  antennas  with  high  gain  in  order  to  reduce  the  RF 
power  requirements. 

Requirements  for  the  spacecraft  receiver  are  straightforward  and 
extremely  low  noise  levels  are  not  required.  A solid-state  re- 
ceiver using  transistors  or  tunnel  diode  amplifiers  is  feasible. 
Conic  Corporation  also  has  space-qualified  receivers  available. 
Receivers  are  solid-state  and  packaged  in  380  cm3.  Environmental 
conditions  satisfied  include  an  operating  temperature  range  from 
-40  to  +70°C,  20  g vibration,  50  g shock,  and  100  g acceleration. 
The  package  weighs  0.9  kg  (2  lb)  and  operates  on  28  ± 4 Vdc  with 
a maximum  input  current  of  40  ma. 

RF  link  calculations  require  a value  for  the  system  noise  tempera- 
ture. The  system  temperature  includes  the  noise  temperature  of 
the  receiver  front-end  (RF  amplifier).  Noise  figures,  which  are 
a function  of  noise  temperature  as  seen  in  Chapter  V,  Section  A. 4, 
were  determined  for  the  1972  state  of  the  art.  Sources  for  tun- 
nel diodes  and  transistors  include  Texas  Instruments,  Bell  Tele- 
phone Labs,  and  KMC  Semiconductor  Corporation  (Ref  A-4) . Develop- 
ers do  not  anticipate  solid-state  devices  to  have  improved  noise 
figures  in  the  next  five  years  because  parametric  amplifiers  are 
now  being  space  qualified  for  low  noise  requirements  (Ref  A-5) . 

The  effective  noise  temperature  and  noise  figure  are  shown  for 
tunnel  diode  and  transistor  amplifiers  in  Figure  IX- 1.  The  data 
are  based  on  the  sources  mentioned.  Silicon  transistors  have  a 
noise  figure  that  is  1 dB  better  at  1 GHz  than  germanium,  but  is 
approximately  equal  at  S-band  (2.3  GHz).  Tunnel  diodes  have  a 
noise  figure  of  3 dB  for  frequencies  up  to  S-band.  An  average 
curve  is  constructed  by  adding  1 dB  to  the  minimum  noise  tempera- 
ture at  each  frequency.  The  average  curve  was  used  as  the  receiv- 
er effective  noise  temperature,  T , in  Chapter  V,  Section  A. 4. 


IX- 2 


The  spacecraft  antenna  for  narrow  beamwidths  is  a parabolic  dish 
antenna  of  conventional  design.  For  missions  that  require  high 
gain,  a dish  antenna  provides  a compact  design.  Circular  polari- 
zation is  required.  This  is  accomplished  by  using  a feed  that 
consists  of  crossed  dipoles  in  a cup.  Several  vendors  that  can 
provide  a dish  with  a circular  feed  as  required  are  available. 
Missions  that  require  a spacecraft  antenna  with  a wide  beamwidth 
and  low  gain  can  use  a helical  antenna.  A helix  provides  circular 
polarization  and  is  a conventional  design  that  is  often  used  on 
spacecraft.  Custom  designs  can  be  provided  by  several  vendors. 

The  antenna  on  the  probe  for  pre-entry  and  entry  use  must  have  a 
butterfly  pattern,  which  results  from  the  probe  aspect  angle  be- 
fore entry.  The  antenna  should  also  have  circular  polarization 
to  avoid  additional  loss  caused  by  cross  polarization.  The  entry 
antenna  selected  for  1 GHz  was  a four-arm  equiangular  spiral  on  a 
cone.  The  antenna  design  is  conventional  and  construction  is 
straightforward . 

For  other  probe  missions,  the  frequency  was  lowered  to  0.86  GHz 
and  the  conical  antenna  is  too  large  to  be  placed  on  the  probe. 

An  annular  slot  antenna  was  selected  to  be  used  for  the  entry  de- 
sign at  this  frequency.  It  is  43  cm  (17  in.)  in  diameter  and  only 
1.9  cm  (0.75  in.)  thick  and  is  placed  under  the  deflection  motor. 
The  main  drawback  to  this  design  is  that  the  antenna  is  linearly 
polarized  and  cross-polarization  losses  will  exist  for  look  vec- 
tors located  off  the  main  beam  axis.  Annular  slot  antennas  are 
very  popular  for  airborne  use  in  communications,  IFF,  DME,  and 
TACAN  systems.  Several  vendors  manufacture  annular  slot  antennas 
and  the  design  is  not  complicated.  Printed  circuit  feed  techniques 
are  also  common. 

The  descent  antenna  on  the  probe  is  also  of  two  designs  depending 
on  the  mission  and  frequency.  For  the  nominal  Jupiter  probe  mis- 
sion at  1 GHz,  a crossed  dipole  in  a cup  was  chosen.  For  circular 
polarization,  the  dipoles  are  unequal  in  length.  The  longest  di- 
pole is  18.75  cm  (7.4  in.)  long;  the  antenna  is  7.6  cm  (3  in.) 
deep.  This  configuration  was  placed  into  the  baseplate  of  the 
probe.  For  the  alternative  Jupiter  probe  missions,  the  frequency 
was  lowered  to  0.86  GHz  and  the  antenna  Increased  in  size  to 
21.8x8.84  cm  (8. 6x3. 5 in.)  and  could  not  be  placed  on  the  probe 
because  of  its  larger  size.  Another  design  was  selected  that  is 
more  compact  and  provides  circular  polarization  with  the  required 
pattern.  The  crossed  dipole  in  a cup  was  replaced  with  a modifi- 
cation developed  by  Martin  Marietta  for  the  Viking  program.  It 
is  a turnstile  design  over  a flared  cone.  The  Viking  model  is 
shown  in  Figure  IX-2. 
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The  large  baseplate  seen  in  the  figure  is  required  on  the  Viking 
lander  to  reduce  backlobes  and  would  not  be  required  for  the  probe 
design.  For  circular  polarization,  the  turnstile  arms  are  unequal. 
The  antenna  shown  in  Figure  IX- 2 has  linear  polarization  and  op- 
erates at  1 GHz.  For  the  probe  descent  antenna  at  0.86  GHz,  the 
same  design  techniques  would  be  employed  as  are  being  used  by 
Martin  Marietta  to  develop  this  antenna  for  the  Viking  program. 

The  transmitter  must  be  switched  during  planet  entry  from  the 
entry  antenna  to  the  descent  antenna.  An  RF  coaxial  switch  was 
selected  to  perform  this  function.  For  RF  power  levels  up  to  20 
W,  a solid-state  switch  may  be  used;  above  20  W,  a mechanical 
switch  is  required.  Several  vendors  were  contacted  to  determine 
typical  characteristics.  This  is  a routine  performance  for  space 
vehicles,  and  RF  switches  are  the  most  reliable  way  to  transfer 
RF  power  from  one  antenna  to  the  other.  Typical  electrical  and 
mechanical  characteristics  are: 


ELECTRICAL  CHARACTERISTICS 

Type  - SPDT,  make  before  break 
Isolation  - >50  dB 
Insertion  Loss  - 0.3  dB  Maximum 
SWR  - 1.25:1 

Switching  Time  - 10  msec 
Impedance  - 50  ohm 
RF  Connectors  - TNC  or  N. 


MECHANICAL  CHARACTERISTICS 


Maximum 
Power,  W 

Switch 

Type 

Weight 

kg 

lb 

cm3 

Volume 

in.3 

50 

Mechanical 

0.45 

1.0 

786 

48 

30 

Mechanical 

0.23 

0.5 

443 

27 

25 

Mechanical 

0.23 

0.5 

443 

27 

10 

Solid  state 

0.10 

0.2 

295 

18 

Several  vendors  provide  space-qualified  units  with  the  above  char- 
acteristics. The  units  weigh  variable  amounts  depending  on  construc- 
tion, as  seen  above.  Diodes  used  in  solid-state  switches  can  switch 
RF  power  up  to  20  W reliably,  and  are  currently  in  production,  PIN 
diodes  are  being  used  to  develop  high-power  (>50  W)  microstrip 
switches  but  are  only  in  early  development  stages  at  this  time  (Ref 
A-6).  Mechanical  switching  using  solenoids  is  the  preferred  method 
for  high  RF  power  in  a vacuum  environment  at  the  present  time.  High 
power  diode  switches  could  be  space-qualified  by  1975. 


Communications  system  comparisons  were  made  between  the  Survivable 
Jupiter  Probe  and  the  following  programs: 

1)  Viking 

2)  Venus  Pioneer 

3)  Mariner  (MM-69  and  MM-71) 

A)  Mariner  Venus-Mercury  (MVM-73) 

5)  LES-8  and  LES-9 

6)  SOLRAD  High 

7)  DSCS-II 

8)  Advanced  Civilian  SATCOMs. 

1)  Viking  - From  a communications  system  viewpoint,  the  Surviv- 
able Probe  has  a greater  similarity  to  Viking,  which  consists  of 
an  Orbiter  vehicle  and  a Lander,  than  any  other  system  studied. 

The  Orbiter  is  quite  similar  to  Mariner,  being  capable  of  trans- 
mitting either  10  W or  20  W at  S-band.  Modulation  is  PCM/PSK/PM, 
and  data  is  transmitted  to  Earth  on  a 58-in.  diameter  high-gain 
antenna. 

The  Radio  Relay  System  (RRS)  consists  of  a 400-MHz  AM  command 
downlink  (Orbiter-to-Lander)  and  a binary  FSK/FM  400-MHz  uplink 
(Lander-to-Orbiter) . The  lander  transmits  4 W at  400  MHz.  A 20-W 
S-band  link  is  also  provided  for  transmitting  data  directly  from 
the  lander  to  Earth,  with  a 30-in.  antenna  pointed  toward  Earth. 
The  400-MHz  data  link  transmits  data  only  to  the  Orbiter,  where 
it  is  detected,  stored,  and  transmitted  to  Earth  on  the  Orbiter 
transmitter.  Ho  coding  is  used  on  the  Lander-to-Orbiter  link  and 
the  400-MHz  binary  FSK  data  are  detected  on  the  Orbiter  before 
retransmission  to  Earth  via  the  S-band  link.  Block  coding  is  used 
in  the  Orbiter-to-Earth  and  Lander-to- Earth  S-band  data  links. 

Ho  coding  is  used  in  the  Lander-to-Orbiter  FSK  link. 

Checkout  of  the  Viking  lander,  which  is  under  command  control  from 
the  ground,  is  made  by  the  Viking  bus  before  the  separation  and 
landing  maneuver. 
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2)  Venus  Pioneer  - The  Venus  Pioneer  vehicle  is  capable  of  launch- 
ing several  probes,  each  designated  for  landing  in  a particular 
geographic  area  of  Venus.  Two  types  of  probes  are  employed;  a 
large  probe  and  a small  probe.  Both  probes  transmit  data  only  at 
S-band  and  the  signals  are  received  only  at  Earth;  i.e.,  there  is 
no  relay  link.  Modulation  is  PCM/PSK/PM  on  the  large  probe,  and 
M-ary  FSK  for  the  small  probe. 

The  large  probe  transmits  10  W at  a rate  1/2  convolutional  code. 
Probe  antenna  gain  is  7.0  dB.  The  small  probe  transmits  2 W M-ary 
FSK,  although  M is  not  specified.  Possibilities  include  M = 32 
with  convolutional  coding.  Since  Venus  Pioneer  is  still  in  a pro- 
posal stage,  many  of  these  detailed  parameters  have  not  as  yet 
been  specified. 

As  in  the  case  of  the  Survivable  Jupiter  Probe,  Venus  Pioneer  re- 
quires a blackout  memory  for  recording  sensor  measurements  made 
during  the  time  when  no  communication  is  possible  because  of  RF 
blackout.  In  both  cases,  memory  requirements  are  nominally  a 
few  thousand  bits  for  the  blackout  period.  Memory  can  be  of  the 
MOS-type  for  Venus  Pioneer;  however,  for  the  case  of  Jupiter, 
where  radiation  levels  are  so  extremely  high,  it  is  probable  that 
a bipolar  solid-state  memory  will  be  required. 

The  Venus  Pioneer  vehicle  itself  will  have  a switchable  1,  5,  or 
10  W S-band  transmitter,  with  a 19-dB  gain  antenna.  The  power 
output  leVeJ  is  switched  on  Earth  command. 

3)  Mariner  (MM- 6 9 and  MM-71)  - Mariner  Mars  1969  (flyby)  and 
Mariner  Mars  1971  (Orbiter)  were  selected  as  typical  of  the  Mari- 
ner vehicle  capabilities.  No  probes  are  launched  from  these  vehi- 
cles. Power  output  is  10  or  20  W (TWT)  at  S-band  and  a 40-in. 
antenna  is  used  on  the  spacecraft.  Block  coding  is  used  on  the 
data  transmitted  from  the  spacecraft.  Modulation  is  PCM/PSK/PM. 

4)  Mariner  Venus-Mercury  (MVM-73)  - Mariner  Venus-Mercury  is  a 
modified  Mariner  vehicle  having  much  in  common  with  earlier  Mari- 
ners so  far  as  the  communications  system  is  concerned.  Power 
output  is  10  or  20  W at  S-band  (TWT) , with  block  coding  of  the 
telemetry  data.  The  high  gain  antenna  diameter  is  A8  in.  on  MVM 
and  an  X-band  transmitter  is  added  for  occultation  experiments. 
Power  output  is  200  W at  X-band  (8415  MHz) , which  is  also  trans- 
mitted on  the  high  gain  antenna. 


\ 


\ 
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5)  LES-8  and  LES-9  - These  are  experimental  communications  satel- 
lites designed  by  Lincoln  Laboratories  for  DOD  as  survivable  com- 
munications satellites  in  the  event  of  a nuclear  attack.  Earth- 
to-satellite  communications  will  be  at  UHF,  and  a satellite-to- 
satellite  data  link  will  be  employed  to  permit  global  coverage 
without  the  necessity  of  intermediate  ground  relay  links.  Both 
millimeter  waves  and  lasers  will  be  tested  for  the  satellite-to- 
satellite  relay.  Orbiter  will  be  synchronous  but  inclined  orbits, 
elliptical  orbits;  orbital  maneuvers  are  also  possible  to  ensure 
survival. 

The  choice  of  UHF  for  ground-to-satellite'  communications  was  made 
to  simplify  antenna  design  on  the  spacecraft  and  to  permit  the 
use  of  blast  hardened  antennas.  Use  of  microwave  absorbers  on 
the  satellite  to  reduce  detectability  is  also  listed  as  a possi- 
bility. 

6)  SOLRAD  High  (SOLRAD  11)  - The  SOLRAD  High  or  SOLRAD  11  mission 
is  a series  of  NRL  solar  observation  satellites  designed  to  oper- 
ate at  an  altitude  of  69,000  nautical  miles  to  provide  continuous 
monitoring  of  solar  activity  in  real  time  from  a point  outside 
the  range  of  the  Earth's  magnetosphere.  These  satellites  will  be 
three-axis  stabilized  and  will  be  launched  on  the  same  vehicles 

as  the  LES-8  and  LES-9  satellites. 

7)  DSCS-II  - The  Defense  Satellite  Communication  System,  Phase 
II  (DSCS-II)  is  a military  communications  satellite  system  using 
PCM/PSK/PM  modulation,  with  coding.  The  frequency  is  X-band,  and 
total  bandwidth  is  410  MHz.  Up  to  1300  channels  can  be  handled 
simultaneously.  The  satellites  are  spin-stabilized  at  about  60 
rpm,  but  the  antennas  are  despun  mechanically.  Over  350  W of 
power  is  provided  by  solar  cells  with  rechargeable  batteries  being 
used  to  provide  continuous  power  through  any  eclipse.  Two  Earth- 
coverage  horn  antennas  are  used  along  with  two  pencil  beam  (4-ft 
diameter)  parabolic  antennas.  Gain  of  16.8  dB  is  provided  by  the 
horn  antenna  and  33  dB  by  the  parabolas  (2.5°  beamwidth) . Life- 
time of  the  DSCS-II  satellites  is  designed  to  be  in  excess  of  5 
years . 

8)  Advanced  Civilian  SAT  COMe  - A number  of  civilian  communica- 
tions satellites  are  now  under  development,  from  which  it  is  pos- 
sible to  speculate  with  a fair  degree  of  accuracy  concerning  the 
pattern  of  future  communication  satellite  capabilities  over  the 
next  decade.  Intelsat  IV,  Intelsat  V,  and  other  more  advanced 
developments,  will  feature  higher  frequency  operation  (up  to  sev- 
eral hundred  GHz),  polarization  diversity,  digital  modulation, 
improved  multiple  station  access  techniques,  and  multiple  spot 
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beam  antennas.  Most  of  these  satellites  will  have  3-axis  stabili- 
zation with  high  power,  directionally  controlled  solar  cell  arrays. 
Designs  employing  as  many  as  10-spot  beam  antennas  and  several 
kilowatts  of  prime  power  solar  arrays  are  now  under  consideration. 

From  a communications  system  point  of  view,  none  of  the  programs 
examined  is  very  similar  to  the  Survivable  Jupiter  Probe.  Viking 
is  the  closest,  yet  there  are  important  differences.  The  Viking 
Lander,  for  example,  is  capable  of  two-frequency  operation,  one 
frequency  being  a direct  Earth  link.  The  Viking  relay  link,  how- 
ever, does  employ  binary  FSK/FM,  and  data  are  stored  on  the  Orbiter 
before  transmission  to  the  ground  at  a lower  data  rate. 

Venus  Pioneer  includes  the  launching  of  probes,  but  the  probe 
communications  link  is  direct  from  probe- to-Earth  with  no  relay. 

The  210-ft  DSN  antennas  on  Earth  can  be  used  at  S-band  during  this 
time  period.  The  attractive  feature  of  the  direct  link  is  that  it 
simplifies  the  spacecraft  equipment  and  the  signal  acquisition 
problem  because  the  more  complex  equipment  can  be  made  available 
on  the  ground.  A d rect  Jupiter-to-Earth  link  was  investigated 
during  program  parametric  analysis  and  found  to  be  jaupractical  at 
S-band  because  excessive  RF  power  requirements. 

As  an  alternative  to  the  direct  data  link,  and  to  simplify  equip- 
ment on  the  spacecraft,  it  is  possible  that  a simple  amplifier  and 
frequency  translation  technique  be  considered  for  the  spacecraft 
relay.  In  this  arrangement,  the  signal  is  not  detected  on  the 
spacecraft,  but  the  total  frequency  uncertainty  bandwidth  is  sim- 
ply amplified  and  retransmitted  to  the  ground.  This  relay  tech- 
nique is  used  on  Intelsat  IV. 
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b.  Data  Handling  Subsystem  - The  data  handling  subsystem  design 
may  be  implemented  with  flight-qualified  off-the-shelf  electronic 
1C  and  piece  parts.  The  configuration  of  the  system  and  detailed 
dynamic  requirements  are  well  within  the  state  of  the  art  and 
could  be  manufactured  b;  numerous  vendors. 

e.  Power  and  Pyrotechnic  Subsystems  - The  evaluation  of  power 
sources  for  the  Outer  Planet  Entry  Probe  resulted  in  the  selection 
of  remotely  activated  silver-zinc  batteries  for  this  application. 
Battery  shelf  life  (dry)  has  been  established  as  adequate  for 
this  purpose.  Cells  have  been  held  in  storage  for  periods  up  to 
90  months  at  temperatures  less  than  80°F  and  have  been  activated 
with  no  significant  degradation.  A study  has  been  made  of  t’.e 
availability  of  two  types  of  cell  construction — the  duplex  pile 
design  and  the  standard  design  cell— which  are  applicable  to  this 
program.  The  latter  has  had  extensive  use  in  this  country  in 
missile  silos  and  launch  vehicles;  the  duplex  pile  construction 
is  more  common  in  torpedo  and  proximity-fused  ordnance  and  is,  in 
general,  more  shock- resistance  than  the  standard  design.  Energy 
density  shown  is  consistent  with  actual  rating  at  lower  (~1  hr) 
discharge  rates. 


Pile  Construction  Batteries 


Eagle  Picher 


i.  tgle  Picher 


General  Electric 


Type  4379,  1.3  in.  deep  x 2.15  in.  long 
Piston  Activation,  0.7  amp  x 5 min 
28  ± 15*  volts,  35  W-hr/lb 
Contract  irom  ALC  29  ECM  Package,  Navy, 
Johnsville  (1969) 

SAMSO  Contract  F04694-67-C-0118 

28  Volts,  2.3  amp  x 12  min,  1.5  in.  dcap  x 

3 in.  long 

Weight,  C .547  ib,  35  W-hr/lb  (1969) 

Phase  1 Contract  (Sub  to  Lockheed) 
Development,  2 to  5 amp-hr 
30  to  50  W-hr/lb,  3 to  5 W-hr/in.3 
(two  year  development  progr&u) 


It  should  be  noted  that  remotely  activated  batteries  are  normally 
used  in  short  life  wet  stand  applications,  i.e.,  5 to  30  min,  and 
cell  separator  material  is  selected  to  achieve  rapid  activatior. 
Furthermore,  many  separator  materials,  i.e.,  cellophane,  are  not 
compatible  with  the  expected  radiation  environnent  in  the  vie)  -J.  ty 
of  Jupiter.  The  probe  power  system  does  not  require  rapid  activa- 
tion but  does  require  an  approximate  6-hr  wet  stand  life. 
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In  addition  to  these  considerations,  the  external  outgassing  prod- 
ucts of  the  usual  remotely  activated  battery  designs  would  not  be 
permissible  on  a probe  when  the  atmospheric  sampling  instruments 
are  functioning.  This  may  be  reduced  by  altering  the  chemical  com- 
position of  the  plates  and  by  providing  sufficient  volume  in  the 
activation  mechanism  or  battery  case  to  contain  residual  gas. 

The  modifications  to  a remotely  activated  battery  design  which 
would  alleviate  these  problems  will  consist  of  lead  or  mercuric 
oxide  additives  to  the  cell  plates  and  the  use  of  an  irradiated 
cross-linked  separator  material.  Ir  addition,  the  design  of  the 
fill  mechanism  must  provide  protection  from  intercell  shorts  in 
the  fill  manifold.  These  design  solutions  are  within  the  state 
of  the  art  and  have  been  applied  to  battery  design.  3ome  test- 
ing will  be  required  of  the  final  probe  battery  design,  but 
should  involve  only  a short,  l.e.,  6 to  12  hi,  wet  stand  life 
test  since  the  dry  battery  shelf  life  is  established. 

d . Attitude  Control  Subsystem  - The  configuration  of  the*  attitude 
control  subsystem  makes  use  of  technology  and  design  ap;/rcncnes 
that  have  been  applied  to  several  programs,  designee  dd  qualified 
by  numerous  vendors.  Table  IX-2  is  a sampling  of  pertinent  pro- 
grams and  vendors. 


Table  IX-2  Attitude  Control  System  Avcrilal.lity 


Component 

Source* 

Applications* 

Sensors 

Adcole 

Honeywell 

Tiroj,  Itos,  0A0 

Sector  Logic 

Ball  Brothers 
CDC 

ATS-3 , OSO-H,  LMP-F, 
ATS  F/G 

Electronics 

(Many) 

Space-Qualified  Parts 

Nutation  Damper 

RCA 

TRW 

liros , Vela,  LES 

Pneumatics 

GE 

Martin  Marietta 

Mariner  '71,  Viking 
Orbiter  '75 

*Not  limited  to  these  sources  or  applications. 
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Mechanical  and  Structural  Subsystems 


A component  search  for  developed  hardware  suitable  for  use  in  the 
outer  planet  probes  reveals  ready  availability  of  certain  compo- 
nents directly  applicable  to  the  probes.  In  other  instances,  the 
technology  exists  but  components  developed  to  that  technology  do 
not  quite  fit  the  requirements  of  the  probe.  There  exists  com- 
mercial components  that  could  probably  accomplish  the  program  re- 
quirements with  added  development  and/or  qualification.  Listed 
in  this  section  are  the  results  of  a review  providing  examples  of 
feasible  hardware  for  the  first  two  categories. 

In  the  mechanical  engineering  area,  certain  subsystems  are  not 
included  because  they  are  unique  and  must  be  designed  and  developed 
for  the  program.  Examples  are  the  structure,  parachute  subsystems, 
insulation  blankets,  certain  mechanical  components,  and  propulsion 
subsystem  plumbing. 

A listing  of  those  components  and  subsystems  that  may  be  acquired 
as  a result  of  previous  development  are  shown  in  Tables  IX-3  thru 
IX-6  'or  thermal  control,  mechanisms,  and  propulsion. 

t n anticipated  that  many  essentially  :,off  the  shelf"  components 
will  be  available  for  use  on  the  program.  Examples  are  the  iso- 
tope heater,  separation  nuts,  cold  gas  system  valves,  filters, 
pressure  regulator,  and  pressure  transducers.  The  solid  deflec- 
tion motor  must  be  developed  for  this  particular  application, 
based  upon  existing  technology. 
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Cable  IX- 6 Thermal  Control 


COMPONENT 

FUNCTIONAL  REQUIREMENTS 

POTENTIAL 

SUPPLIERS 

CANDIDATE 

COMPONENTS 

Heater 

Provide  Thermal  Energy 
to  Maintain  Probe 
Temperature  during 
Cruise  and  Coast . 

TRW, 

Redondo  Beach 

Pioneer 
1-watt  Heater 

Meet  Safety  Requirement 

Pioneer  heater  units  required  2 years 
from  go-ahead  to  completion.  Unit 
is  presently  ready  for  flight. 

(A  15-watt  heater  also  was  developed 
for  the  Apollo  program  but  was  not 
considered  as  desirable  from  a 
flexibility  standpoint  as  the  1-watt 
units . ) 

1-watt  heater  radiation  field  is  1.4 
m/hr  at  25  cm  from  surface. 


Cable  IX- 4 Mechanical  Subsystem  Components 


COMPONENT 

FUNCTION 

Separation 

Nut 

Probe-Spacecraft 

Separation 

Deflection  Module 
Probe  Separation 

Service  Module 
Probe  Separation 

Forward  Heat  Shield 
Probe  Separation 

Pin  Puller 

Base  Cover 
Probe  Separation 

Parachute  Staging 

Power 

Cartridge 

j Operate  - Separation 
Nuts  and  Pin  Pullets 

REQUIREMENTS 

Load  - 3100  lb 
Operating  Temperature 
0 to  +40°F 

Load  - 500  lb 
Operating  Temperature 
-80  to  +40°F 

Load  - 2,200  lb 
Operating  Temperature 
-80  to  +45°F 

Load  - 2000  lb 
Operating  Temperature 
+75  to  125°F 

Load  - 5000  lb 
Operating  Temperature 
+80  to  200°F 

Load  - 3460  lb 
Operating  Temperature 
-40  to  -16°F 


1x10  in.  3-Mev 
Electrons  (4.8  x 105 
eng/g) 

1x10  in.  20-M®v 
Protons  (3.2  x 106 
eng/g) 

Operating  Temperature  - 
-80  to  +2QQ*F 


POTENTIAL  SOURCE 

Viking  - Separation  nut,  PD  3300009-001 

Maximum  Operating  Temperature  - -90  to  +200°F 
Allowable  Limit  Load  - 6560  lb 

Mariner  - Separation  Nut,  SN  7322-2 

Maximum  Operating  Temperature  125  to  +200°F 

Allowable  Limit  Load  - 4050  lb 


Viking  - Pin  Puller,  PD  5000009 

Maximum  Operating  Temperature  - -90  to  +2000°F 
Allowable  Limit  Load  - 2500  lb 

Mariner  - Pin  Puller,  SP1200 

Maximum  Operating  Temperature  - ±300° F 
Allowable  Limit  Load  7500  lb 

Conax  - Pin  Puller  Model,  1808 

Maximum  Operating  Temperature  - -65  to  +160°F 
Allowable  Limit  Load  - 2000  lb 

Viking  - Initiator,  PD  5000006 

Maximum  Operating  Temperature  - ±200° F 
Radiation  Tolerance 

Mariner  - Cartridge  P.  C.  Series 

Maximum  Operating  Temperature  - +30Q°F 

Radiation  Tolerance 

Gamma  Radiation  of  IQ5  eng/g 
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COMPONENT  FUNCTIONAL  REQUIREMENT  POTENTIAL  SUPPLIER  CANDIDATE  COMPONENTS  I REMARKS 


Model  2091 


COMMONALITY 


Throughout  the  study,  it  was  noticeable  that  some  constraints  and 
some  hardware  appeared  in  more  than  one  application.  Of  course, 
during  the  Saturn  and  Uranus  studies,  the  intent  was  to  use  as 
much  common  equipment  and  parameters  as  possible*  However,  in 
other  areas,  such  as  the  telecommunications  analysis,  the  frequen- 
cy used  throughout  the  study  was  0*86  GHz.  In  addition,  the  entry 
ballistic  coefficient  was  0.65  slug/ft2  (102  kg/m2),  which  pro- 
vided the  probe  deceleration  to  less  than  M = 1 near  0.100  bars 
for  all  missions.  Commonality  was  considered  in  the  cases  of 
Jupiter,  Saturn,  Uranus,  and  to  a limited  extent,  Neptune. 

Science  Definition 


The  probe  science  commonality  is  summarized  in  Table  IX-7  for  all 
four  planets.  The  instruments  can  be  the  same  in  their  basic 
characteristics  (weight,  size,  power,  etc),  except  perhaps  for 
extra  structural  strength  that  might  be  required  to  withstand 
Jupiter  entry.  The  ranges  of  the  temperature  gage  and  entry  ac- 
celerometers will  require  adjustment  for  each  of  the  respective 
planets.  The  sampling  times  are  common  for  Saturn,  Uranus,  and 
Neptune;  however,  changes  are  required  for  Jupiter.  This  is  also 
true  for  the  descent  ballistic  coefficient,  which  translates  into 
parachute  size  and  weight.  The  initial  parachute,  used  for  remov- 
ing the  descent  probe  from  the  aeroshell  and  slowing  it  to  termi- 
nal velocity,  can  be  common  across  all  planets.  There  is  some 
variation  in  both  the  total  mission  time  and  science  data  rate, 
but  generally  the  differences  are  small  enough  so  that  from  a 
science  standpoint,  similar  data  handling,  power,  and  telecommuni- 
cations systems  could  be  used.  Finally,  the  criteria  upon  which 
to  judge  the  performance  is  the  same  for  all  planets  because  their 
atmospheres  are  all  similar. 

Mission  Analysis 

Detailed  comparisons  of  mission  analysis  commonality  and  contrast 
for  missions  to  the  four  planets  under  consideration  are  provided 
in  Chapter  IV.  A summary  of  these  results  are  listed  in  Table 
IX-8  where  similar  missions  to  the  planets  are  compared, 

In  terms  of  mass  and  size,  Jupiter  is  by  far  the  largest,  followed 
by  Saturn;  Uranus  and  Neptune  are  fairly  similar.  The  rotation 
rates  of  the  four  planets  are  approximately  the  same  so  that  the 
angular  displacement  for  a probe  during  descent  at  any  planet  will 
be  about  the  same  if  the  descent  times  are  equal. 
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Table  IX- 7 Comparison  of  Science  Mission  Characteristics 


Table  IX-8  Comparison  of  Similar  Missions  at  Candidate  Planets 


Jupiter 

Saturn 

Uranus 

Neptune 

Planetary  Constants 

Gravitational  Constant,  l06km/sec2 

126.7 

37.93 

5.788 

6.891 

Distance  from  Sun,  AU 

5.22 

9.57 

19.26 

30.17 

Equatorial  Radius,  km 

71,422 

59,800 

26,468 

24,857 

Escape  Velocity,  km/sec 

60 

37 

22 

25 

Rotation  Rate,  deg/hour 

36.3 

34.5 

33.2 

28.3 

Sphere  of  Influence*,  10  km 

48.1 

54.8 

51.8 

87.0 

Typical  Interplanetary  Trajectory 

Flight  time,  yr 

1.8 

3 > 3 

6.5 

10.3 

VHP,  km/bfcc 

io:o 

13.7 

13.6 

15.5 

ZAP,  deg 

150.7 

169.7 

175.5 

166.1 

ZAE,  deg 

161.4 

173.6 

174.3 

167.9 

Approach  Orbit  Determination 

Ephemeris  Uncertainty,  km 

500 

1000 

10000 

3000 

Geocentric  Declination,  deg 

0(6/81) 

0(2/81) 

24(6/86) 

— 

Control  SMAA  (range/Doppler),  km 

1500 

2200 

9500 

— 

Planetary  Encounter 

VRp,  km/sec 

10.6 

13.7 

13.6 

15.5 

Optimal  Spacecraft  Periapsis,  Rp 

2.7 

2.5 

3.5 

5.0 

Deflection  Radius,  10  km 

10-50 

10-30 

5-15 

5-15 

Deflection  AV3(R  = 2.0  R , y = -20, 
m/sec 

200-45 

150-45 

140-45 

150-50 

Coast  time,  days 

9.8-61.4 

7.0-22.8 

4.1-12.6 

3.5-11.5 

Planetary  Entry 

Entry  Ballistic  Coefficient,  kg/m2 

102.1 

102.1 

102.1 

102.1 

Peak  Decelaration  for  y « -20° , g 

1500 

250 

110 

200 

Maximum  Dynamic  Pressure  for  y * -20°, 
-20°,  105  nt/m2 

10 

2.1 

1.1 

1.9 

Sphere  of  Influence  radius  Is  that  for 

the  Laplacian  model 

/M2/5 

defined  by  YSI  - rJ— 

These  flight  times  assume  swlngby  trajectories  such  as  JS  77  or  JUN  79 

These  parameters  are  given  for  the  two 
missions 

limits  of 

deflection 

radius  for 

the  typical 

Values  quoted  refer  to  nominal  atmosphere  model 
model  is  used. 

except  for 

Jupiter  where  cool/dense 
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The  flight  times  to  the  different  planets  are  important  as  these 
impact  reliability  considerations  fjor  hardware.  The  flight  times 
quoted  are  for  direct  missions  to  Jupiter  and  for  swingby  missions 
to  the  other  planets.  The  increases  in  flight  times  of  the  mis- 
sions to  the  more  distant  planets  are  significant.  The  approach 
velocities  are  important  as  these  parameters  affect  the  values  of 
coast  times.  The  approach  velocities  at  the  outer  planets  are 
higher  than  at  Jupiter  because  following  the  Jupiter  swingby,  the 
trajectories  are  significantly  accelerated. 

The  approach  orbit  determination  is  critical  as  it  affects  the 
dispersions  which  the  mission  and  system  design  must  accommodate. 
Key  parameters  in  the  effectiveness  of  the  approach  orbit  determi- 
nation are  the  planet  ephemeris  uncertainty  and  the  geocentric 
declination  during  approach.  The  Uranus  ephemeris  uncertainty 
is  the  largest,  followed  by  Neptune,  Saturn,  and  Jupiter.  The 
Jupiter  and  Saturn  encounters  selected  have  low  geocentric  decli- 
nations, which  lead  to  degraded  accuracy.  For  comparison  purposes, 
the  semimajor  axis  (SMAA)  of  the  control  uncertainty  ellipse  in 
the  impact  plane  are  listed  for  range/Doppler  tracking.  The  SMAA 
for  the  Jupiter  and  Saturn  uncertainties  could  be  reduced  to  about 
half  the  listed  values  if  QVLBI  were  used.  A significant  result 
is  the  large  uncertainty  at  Uranus.  The  magnitude  of  this  error 
seriously  compromises  the  Uranus  probe  mission  and  suggests  that 
optical  tracking  be  required  or  the  Uranus  mission. 

The  planetary  encounter  phases  of  the  missions  are  also  compared 
in  Table  IX-8.  The  optimal  spacecraft  periapsis  radii  are  given 
for  rotation  rate  matching  for  probes  entering  at  the  equator. 

The  deflection  radius  may  be  chosen  to  obtain  identical  deflection 
AV  requirements  at  all  the  planets.  This  generally  requires  larger 
deflection  radii  at  Jupiter  and  Saturn  than  at  Uranus  and  Neptune. 
The  coast  times  are  also  larger  at  Jupiter  and  Saturn,  caused  not 
only  by  the  larger  deflection  radius,  but  also  by  the  lower  ap- 
proach velocities. 

The  planetary  entry  conditions  are  compared  in  Table  IX-8  for  entry 
angles  of  -20°  at  each  planet.  The  most  hostile  environment  is 
that  at  Jupiter.  The  entries  at  the  other  planets  are  generally 
similar.  If  steeper  entry  angles  at  Uranus  and  Neptune  are  used 
(to  stay  on  the  light  side  of  those  planets  or  to  reduce  the  ef- 
fects of  entry  dispersions) , very  similar  entry  characteristics 
are  encountered  at  Saturn,  Uranus,  and  Neptune. 
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Telecommuni  cat  ions 


The  salient  characteristics  of  the  telecommunications  system  are 
presented  in  Table  IX- 9.  The  frequency  selection  for  the  nominal 
Jupiter  probe  (1.0  GHz)  was  the  result  of  trade  studies  of  power 
required  versus  antenna  size  and  currently  available  designs. 

Later  information  and  antenna  studies  indicate  that  a reevalua- 
tion of  this  mission  would  result  in  a selection  of  0.86  GHz  for 
this  mission  also.  The  selection  of  this  specific  frequency  (0.86 
GHz)  is  due  to  the  current  availability  of  several  point  designs 
in  the  0.4  GHz  to  2.3  GHz  range,  the  continuous  decrease  in  link 
losses  with  frequency,  and  practical  antenna  size.  The  transmit- 
ting antenna  size  is  a controlling  factor  in  the  frequency  selec- 
tion. The  high  RF  power  required  by  the  radiation-compatible 
mission  necessitated  the  use  of  the  lowest  fiequency  feasible  on 
the  probe.  The  increase  of  pre-entry  antenna  size  at  the  lower 
frequency  (0.86  GHz)  resulted  in  mechanical  interference  between 
the  antenna  and  the  velocity  impulse  thruster.  There  was  also 
concern  that  the  rocket  motor  plume  could  damage  the  antenna. 
Consequently,  a design  change  was  made  from  the  spiral-on-cone 
antenna  mounted  beside  the  rocket  motor  to  a flat  annular  slot 
antenna  mounted  beneath  the  rocket  motor.  The  thruster  is  ejected 
before  RF  transmission  and  will  not  interfere  with  the  relay  link 
operation.  The  annular  slot  antenna  is  linearly  polarized,  which 
is  not  desirable,  but  it  does  not  create  a major  problem  because 
the  attitude  of  the  probe  during  pre-entry  is  sufficiently  well 
known  so  that  the  spacecraft  may  select  the  known  polarization 
during  this  period.  The  transmitting  antenna  patterns  for  Jupiter 
nominal  probe-dedicated  and  Saturn  show  considerable  similarity. 

The  geometries  for  the  radiation-compatible  and  Uranus  have  probe 
antenna  pointing  (pre-entry)  almost  90°  apart.  The  pre-entry 
antenna  for  Uranus  is  radically  different  in  that  it  is  a single 
lobe  rather  than  the  butterfly  pattern  required  for  the  other  mis- 
sions. The  descent  antennas  are  all  circularly  polarized  w^ th  a 
single  lobe  centered  along  the  spin  axis.  It  is  reasonable  to 
expect  that  the  descent  antenna  could  be  made  identical  for  all 
missions.  The  receiving  antenna  for  the  radiation-compatible 
mission  is  markedly  different  from  the  other  mission,  not  only 
because  of  beamwidth,  but  also  because  of  the  two-position  search 
required.  The  increased  space  loss  for  this  mission  requires  high 
gain  at  the  spacecraft  and  large  probe  dispersions  necessitate  a 
search  program.  The  bit  rates  shown  on  the  chart  were  used  for 
link  analysis  and  do  not  reflect  exact  mission  requirements. 
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Table  IX- 9 Telecommunications  Suosustem  Charac  te pis  tics 


Acquisition  time  is  a function  of  transmitter  power  and  Doppler 
rate.  The  acquisition  times  shown  reflect  specific  signal-to- 
noise  ratios  at  the  receiver,  and  consequently  the  differences 
across  the  chart  show  differences  in  Doppler  rate.  A design  com- 
mon to  all  missions  would  have  to  meet  the  worst-case  environment 
(65  sec,  probe-dedicated).  However,  a common  design  would  prob- 
ably have  higher  transmitter  power  for  most  missions  and  acquisi- 
tion time  could  be  reduced  by  increasing  swe*ip  rate.  If  the  space- 
craft receiver  can  be  programmed,  the  acquisition  time  for  the 
Jupiter  Nominal,  Saturn,  Uranus  could  be  reduced  from  that  shown 
on  the  ch?rt. 

As  seen  in  Table  1X-9,  telecommunication  subsystem  components  are 
similar  for  all  missions  except  the  radiation-compatible  |6  Rjj . 

Telecommunication  subsystem  design  for  a common  probe  for  Jupiter, 
Saturn,  and  Uranus  would  have  the  following  characteristics: 
frequency  of  0.86  GHz;  30-W  transmitter  with  binary  FSK  and  a bit 
rate  of  30  bps;  probe  acquisition  65  sec  maximum;  fixed  helix  an- 
tenna on  the  spacecraft  without  despun  platform;  and  a beamwidth 
of  55°;  40°  annular  slot  and  120°  turr.stile/cone  pre-entry  anten- 
nas, and  120°  turnstile/cone  descent  antenna  connected  to  the 
transmitter  via  a three-position  solid-state  RF  switch.  The  addi- 
tional pre-entry  antenna  (turnstile/cone)  is  required  to  cover 
Uranus  entry  as  discussed  in  detail  in  Chapter  VII,  Section  A. 

4.  Data  Handling  Subsystem 

The  configuration  and  functional  requirements  of  the  DHS  do  not 
change  for  the  missions  considered.  (Refer  to  Appendix  H for  dis- 
cussion of  functional  requirements.)  Each  mission  does  require  a 
modification  of  event  times,  although  the  ordering  of  events  re- 
mains the  same.  A common  design  for  all  missions  would  require 
numerous  circuit  changes  to  the  sequence  logic,  or  a separate 
sequencer  for  each  mission.  The  sequencing  function  could  be 
switched  by  commanding  power  control  latching  relays,  or  manually, 
during  the  prelaunch  period. 

A development  cycle  in  which  there  are  a significant  number  of 
alternative  missions  or  for  which  the  precise  details  of  the  se- 
lected mission  are  not  resolved,  represents  a severe  environment 
for  the  "hard  wired"  subsystem.  If  these  circumstances  are  antic- 
ipated, the  optimum  approach  for  the  entry  probes  w^uld  incorpo- 
rate an  adaptive  approach  to  sequencing.  This  does  not  change 
the  basic  decentralized  configuration  approach  to  the  probe  DHS, 
but  will  replace  the  majority  of  the  ROM  functions  by  nonvolatile 
programmable  memory  registers  and  associated  sequencing  logic. 
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Furthermore,  in  consideration  of  the  modifications  required  for 
commonality  in  the  attitude  control  system,  it  is  logical  to  pro- 
vide programmable  functions  for  ACS  sequencing  and  command.  The 
degree  to  which  portions  of  the  ACS  subsystem  should  be  incorpo- 
rated into  ;he  DHS  should  be  evaluated  with  respect  to  the  follow- 
ing considerations: 

1)  The  unique  or  special  purpose  properties  of  the  ACs  logic  is 
such  that  a decrease  in  reliability  can  occur  by  adding  cir- 
cuitry to  the  central  DHS  which  provides  no  function  during 
the  entry  and  descent  phase,  but  can  contribute  to  failure* 
modes ; 

2)  The  ACS  operates  in  a relatively  radiation-free  environment 
and  more  efficient  redundant  electronics,  i.e.,  COSMOS,  may 
be  used  in  this  subsystem; 

3)  The  ACS  may  be  programmed  with  volatile  memory  registers  dur- 
ing the  pre-separaticn  checkout  period  through  a hardwire  l-.:»k 
to  the  spacecraft; 

4)  There  are,  *>t  present,  only  two  differing  ACS  sequences. 

In  consideration  of  the  above  factor?,  the  preferred  approach  lor 
a DHS  design  that  includes  commonality  requirements  for  Jupit  r, 
Saturn,  and  Uranus  would  require  the  following  modifications  of 
the  nominal  Jupiter  probe: 

1'  Programmable  sequencer; 

2}  ACS  interface  veuld  include- 

a)  attitude  commands, 

b)  sequence  selection  commands. 

Power  and  Pyrotechnic  Subsystem 

The  power  and  pyrotechnic  subsystem  for  all  missions  have  few  dis- 
similarities. The  only  mission  that  differs  significantly  is  the 
probe-dedicated  mission  which  has  limited  pesv-separation  activity. 
The  difference  is  due  primarily  to  the  choice  of  deflection  mode 
rather  than  a mission  tequirement.  The  power  subsystem  configura- 
tions for  the  spacecraft  deflect  mode  missions  can  support  the 
probe-dedicated  mission  but  would  not  be  an  optimum  design  from 
the  standpoint  of  cost  and  weight.  The  variation  of  the  salient 
characteristics  of  this  subsystem  are  tabulated. 
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Table  IX- 10  Commonality  Comparisons 


Component 

Jupiter 

Nominal 

Radiation- 

Compatible 

Probe- 

Dedicated 

Saturn 

Uranus 

Commonality 

Requirements 

Post-Separation 
Battery,  W-hr 

208 

216 

0.67 

206 

206 

216 

Entry  Battery, 
W-hr 

123 

199 

107 

68 

93 

199 

Power  Condi- 
tioning, kg 

0.91 

0.91 

0 

0.91 

0.91 

0.91 

Pyrotechnics, 

kg 

5.2 

5.2 

2.8 

3.2 

3.2 

5.2 

The  variation  of  the  pyrotechnic  weights  is  due  to  the  substitu- 
tion of  SCRs  for  relays  in  the  Saturn  and  Uranus  design  and  the 
decreased  number  of  pyrotechnic  events  in  the  probe-dedicated  de- 
sign. A design  that  would  be  compatible  for  all  missions  is  given 
in  the  "commonality  requirement"  column.  It  should  be  recognized 
that  this  comparison  does  not  reflect  a specific  effort  to  develop 
a detailed  common  design.  Preferred  configurations  were  used  for 
the  subsystem  and  are  essentially  identical. 

6.  Attitude  Control  Subsystem 

The  ACS  electronic  designs  for  the  missions  considered  are  similar 
in  configuration.  The  detailed  functional  differences  are: 

1)  The  attitude  maneuver  between  the  delta  velocity  impulse  vec- 
tor and  the  entry  orientation  will  vary  with  the  trajectory. 
Commonality  may  be  achieved  by  including  separate  sets  of 
control  data  or  controlling  the  ACS  by  a programmable  DHS. 

2)  The  attitude  maneuver  at  Uranus  will  follow  a different  se- 
quence due  to  the  trajectory  which  places  the  Sun-probe  vector 
within  4°  of  the  entry  orientation  spin  vector.  Commonality 
may  be  achieved  by  including  separate  sets  of  control  data/ 
logic  or  by  controlling  the  ACS  with  a programmable  DHS. 

3)  The  sensors  at  Uranus  will  require  increased  optics  due  to  the 
decreased  solar  intensity.  Furthermore,  the  field  of  view  and 
probably  the  sensitive  element  configuration  will  be  different 
for  Uranus.  Commonality  can  be  achieved  by  increased  optics  on 
the  planet  sensor  and  the  use  of  two  Sun  sensors. 
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4)  The  probe-dedicated  mission  requires  only  a timing  logic  for 
spinup.  The  ACS  subsystem  for  the  probe/deflect  mission  could 
perform  the  spinup  function  for  the  probe-dedicated  mission 
with  appropriate  change  in  control  logic  as  indicated  in  items 
1)  and  2). 

7.  Structures  Subsystem 

Generally  speaking,  each  planetary  probe  has  its  own  peculiarities 
affecting  the  size  and/or  weight  of  the  total  probe  configuration. 
Additionally,  the  inertia  and  aerodynamic  forces  of  entry  vary 
from  planet  to  planet  and  those  loads  affect  the  structural  weight 
of  a given  probe.  Since  design  and  fabrication  of  structures  to 
suit  a specific  application  is  an  easily  accomplished  task,  it 
does  not  really  warrant  penalizing  one  probe  mission  to  use  struc- 
tural hrrdware  from  another  mission.  An  exception  to  this  is  the 
structural  hardware  for  a probe  to  enter  the  planets  Saturn  and 
Uranus.  For  delivery  of  the  same  set  of  scientific  instruments 
to  those  two  planets,  the  structural  hardware  can  be  the  same 
without  paying  a significant  weight  penalty.  The  entry  conditions 
are  quite  similar  as  discussed  in  Chapter  VII,  Section  B.8. 

8.  Propulsion  Subsystem 

a.  Deflection  Motor  - The  propulsion  requirements  to  provide  the 
desired  delta  velocity  for  entry  to  the  planets  Uranus  and  Saturn 
are  very  close;  in  fact,  a common  rocket  motor  providing  a delta 
velocity  of  170  m/sec  (557  fps)  has  been  selected  for  the  Saturn/ 
Uranus  probe.  This  same  motor  is  not  appropriate  for  the  Jupiter 
probe,  unless  it  proves  satisfactory  to  perform  the  deflection 
maneuver  further  away  from  the  planet  Jupiter.  (The  deflection 
maneuver  radius  is  inversely  proportional  to  the  maneuver  delta 
velocity.)  The  Saturn/Uranus  deflection  motor,  if  used  on  the 
Jupiter  probe,  would  produce  a deflection  velocity  of  approximately 
120  m/sec  (390  fps)  for  the  probe.  This  compares  with  a desired 
deflection  velocity  of  256  m/sec  (842  fps)  for  the  Jupiter  probe. 

b.  Attitude  Control  Subsystem  - The  requirements  for  attitude 
control  subsystems  of  the  probes  investigated  are  not  very  differ- 
ent. The  amount  of  propellant  for  the  spin-despin-precess  maneuver 
for  the  Saturn  and  Uranus  probes  is  almost  identical,  and  is  in- 
creased by  40%  for  the  typical  Jupiter  probe.  The  amount  of  pro- 
pellant for  the  Saturn/Uranus  probe  is  approximately  1.06  kg  (2.33 
lbm)  as  compared  to  approximately  1.48  kg  (3.27  lbm)  for  Jupiter. 
Thus,  a weight  penalty  of  approximately  0.42  kg  (1,0  lbm)  for 
nitrogen  gas  would  be  Involved  in  making  the  system  common  to  all 
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missions.  This  translates  into  a total  weight  penalty  for  the 
Saturn/Uranus  probe,  including  propellant,  storage  bottle,  and 
heat  shield  mass  fraction  penalty,  of  approximately  1.22  kg  (2.7 
Ibm) . 

Another  approach  would  be  to  use  a varying  number  of  gas  storage 
bottles.  If  the  bottle  size  were  selected  so  that  two  bottles, 
containing  0.53  kg  (1.16  lbm)  of  nitrogen  gas  each,  were  adequate 
for  Saturn/Uranus,  then  use  of  three  bottles  for  Jupiter  would 
result  in  1.58  kg  (3.48  lbm)  supply.  This  is  an  excess  of  0.095 
kg  (0.21  lbm)  of  nitrogen  gas  for  Jupiter.  The  resulting  total 
weight  penalty  for  Jupiter,  including  propellant,  storage  bottle, 
and  heat  shield  mass  fraction  effects,  is  0.32  kg  (0.71  lbm). 

The  remainder  of  the  ACS  propulsion  system  would  be  common  for  all 
probes. 

9.  Thermal  Control  Subsystem 

The  thermal  control  subsystem  defined  for  the  outer  planet  probe 
missions  was  basically  the  same  for  all  planets  investigated. 

The  use  of  radioisotope  heaters  - multilayer  insulation,  and  ther- 
mal coatings  establishes  the  probe  equilibrium  temperatures  during 
spacecraft  cruise  and  the  independent  probe  coast  phases  of  the 
mission.  Depending  upon  the  individual  probe  size  and  multilayer 
insulation  blanket  penetrations,  the  required  amount  of  radioiso- 
tope heater  power  was  determined  based  on  the  desired  cruise  tem- 
perature. A cruise  temperature  safely  below  the  upper  battery 
storage  temperature,  but  a maximum,  was  desired  for  all  missions. 

During  coast,  the  probe  temperature  is  determined  by  solar  energy 
available  and  the  probe  thermal  coating.  For  all  missions  it  was 
desired  to  have  a probe  temperature  rise  following  spacecraft  sepa- 
ration. The  thermal  coating  selected  for  the  Jupiter  mission 
(Iridite  14-2)  with  values  of  a/e  * 0.62/0.13  allowed  a probe 
temperature  increase  on  the  order  of  15°K  and  was  considered  op- 
timal from  a standpoint  of  the  isotope  heater  power  sensitivity 
to  emissivity.  Although  probe  temperature  rises  are  not  pre- 
dicted for  Saturn  or  Uranus,  the  Jupiter  thermal  coating  is  still 
desirable.  Since  probe  heat  losses  will  increase  due  to  the  loss 
of  the  environmental  cover  at  separation,  the  small  solar  energy 
available  does  tend  to  stabilize  the  probe  coast  temperature  at 
Saturn  and  minimize  the  drop  at  Uranus.  Lower  coating  emissivity 
values,  however,  would  not  be  recommended. 
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The  thermal  design  concept  for  probe  descent  thermal  control  is 
the  same  for  all  missions.  The  use  of  low  density  foam  insulation 
is  universal  to  all  the  probe  designs  and  is  required  to  isolate 
the  probe  to  some  extent  from  the  descent  atmospheric  environment. 
The  vented  probe  configuration  was  also  selected  for  all  missions, 
not  from  a thermal  standpoint,  but  for  improved  packaging  effi- 
ciencies and  the  savings  of  structural  weight.  The  thermal  design 
of  the  descent  probe  relied  on  sufficient  probe  mass  and  thermal 
inertia  to  maintain  the  probe  within  acceptable  temperature  limits 
during  descent. 

Some  probe  missions,  particularly  Saturn  and  Uranus,  require  addi- 
tional thermal  control  to  offset  low  entry  temperatures  and  the 
colder  atmosphere  encounters  possible.  For  these  anticipated  cold 
temperature  critical  missions,  two  alternative  thermal  control  con- 
cepts were  considered.  The  first  was  the  use  of  a nitrogen  gas 
bottle  to  purge  the  probe  early  in  descent  and  delay  the  insula- 
tion degradation  caused  by  the  predominantly  He/H2  atmospheric 
gases.  A second  concept  was  simply  the  use  of  additional  battery 
power  to  supply  heat,  electrically,  to  the  batteries  themselves 
during  the  later  portions  of  the  atmospheric  descent  phase.  Of 
the  two  alternative  improved  thermal  control  concepts,  the  use  of 
the  N2  gas  supply  is  recommended  for  the  Jupiter  probe-dedicated 
mission  and  both  the  Saturn  and  Uranus  missions.  In  addition,  the 
use  of  battery  power  electrical  heating  is  recommended  for  the 
more  hostile  Uranus  probe  mission. 

It  must  be  noted,  however,  that  honest  probe  design  must  recognize 
the  large  uncertainties  associated  with  probe  thermal  control. 

Since  little  is  known  as  to  the  exact  thermal  nature  of  the  plane- 
tary atmospheres  that  will  be  encountered  and  actual  hardware  op- 
eration, the  reliability  of  a universal  thermal  control  subsystem 
should  be  considered,  which  would  include  a limited  application  of 
both  a nitrogen  gas  purge  system  and  auxiliary  heater  power  for 
critical  components  during  all  outer  planet  probe  missions. 


Commonality  Summary 


There  is  maximum  use  of  commonality  between  the  Saturn  and  Uranus 
probes,  as  discussed  in  Chapter  VII,  Section  B.  Additional  use  of 
commonality  among  the  Jupiter,  Saturn,  and  Uranus  probes  is  tabu- 
lated. 


Entry  Ballistic  Coefficient 
Initial  Descent  Coefficient 
Data  Rate 


102  kg/m2  (0.65  slug/ft2) 
14  to  19  kg/m2 
30  bps  maximum 
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Data  Storage  (except  for 
probe-dedicated  mission) 

Frequency 

DHS 

Thermal  Control  Subsystem 

ACS  Propulsion  (except  for 
probe-dedicated  mission) 

ACS  Electronics 

Descent  Time 


12.4  k bits 
0.86  GHz 

Identical  with  a Programmable 
Sequence 

Isotope  Heaters,  Insulation,  and 
Thermal  Coatings 

Identical  Except  for  Quantity  of 
Gas 

Similar 
36  to  48  min 


